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Foreword 
The authors - George C. Ragsdale, Spacecraft Environmental Requirements 
Engineer during the post-launch phase of the Mariner Venus 67 Project, and 
Donald C. Mesnard - prepared this report because of the clear value in having a 
single reference volume documenting the various types of information pertaining 
to the spacecraft environmental test program for the Mariner Venus 67 Project. 
The success of the overall environmental program is evidenced by the Mariner V 
flight record. However, to provide a report of greatest worth, the program has 
been critically reviewed in this document. Contained is information relating to 
type-approval and flight-acceptance tests at the subsystem and system levels, and 
to special developmental tests -which are generally performed at the subsystem 
level, as well as data from magnetic control. 
It is anticipated that the readers' deductions, together with the conclusions and 
recommendations contained in this report, will serve advantageously in the devel- 
opment of future projects. 
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Abstract 
c 
This report details the Mariner Venus 67 environmental program, which 
included type - approval (TA) testing, developmental and special investigative 
testing, and flight-acceptance (FA) testing at both the subsystem and system 
levels. First, the overall test program is described and summarized; then the 
development and qualification of the spacecraft are discussed; and finally, the FA 
testing of each spacecraft and its subsystem is described. Within each section, 
the tests are described in detail and results are given. Problems encountered 
during testing and anomalies resulting from the tests are discussed, and sum- 
maries of all waivers and test deviations are included. A section is included that 
discusses the magnetic control test program, and the appendixes contain infor- 
mation on special tests and subjects related to the spacecraft environmental test 
program. The depth of coverage of the report allows an evaluation of the philos- 
ophy forming a basis for the test program. Recommendations for future programs 
result from these evaluations and are included in the final section of the report. 
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Mariner Venus 67 Spacecraft Environmental Test Results 
1. Description of Environmental Test Program 
The objective of the Mariner Venus 67 environmental 
test program was to provide high assurance of achieving 
a successful flight mission. Since there was no flight-test 
program, the ground tests had to provide adequate eval- 
uation of all achievable variables of spacecraft functions 
and environments that were expected to occur in flight. 
To accomplish this objective, the convention evolved 
at JPL has been to demonstrate design adequacy by 
requiring successful type approval (TA) tests of flight 
quality subsystems and of a flight quality system. The 
TA test levels are intended to be in excess of environ- 
mental conditions predicted for the mission. Subsystem 
TA tests qualify the units for all mission environments of 
significance, including those experienced prior to, and 
following, their assembly into the system configuration. 
System TA tests are generally accomplished using a proof 
test model (PTM) spacecraft, and are limited to those 
mission environments which may result in significant 
intra-system interactions with those environments. Flight 
acceptance (FA) tests of flight and spare subsystems and 
systems are accomplished to identify workmanship 
and manufacturing flaws and to assure that the flight 
equipment is representative of the qualified design. FA 
test levels are intended to equal the extremes of the 
predicted mission environments. 
In establishing the test program for Mariner Venus 67, 
several modifications to JPL Flight Project convention 
were made because of the Project's concept of using the 
basic Mariner Mars 1964 spacecraft design and hard- 
ware to the greatest extent possible. The modified pro- 
gram included the FA testing of a flight spacecraft and a 
flight support spacecraft at both the subsystem and 
system levels. Type approval testing was generally con- 
ducted at the subsystem level, only, since no proof test 
model (PTM) was provided for system level TA testing. 
Both a structural test model (STM) and a temperature 
control model (TCM) were provided, and these were 
used for their usual purposes. Additionally, the STM 
was used for the TA vibration testing of some subsys- 
tems whose vibration environment was greatly affected 
by spacecraft system interaction. The deletion of system- 
level TA testing and the corresponding lack of a PTM 
were based on the consideration of the Mariner Mars 
1964 spacecraft as an environmentally qualified design. 
This same judgement resulted in the requiring of subsys- 
tem TA testing of only those items whose changes in 
design or predicted environment dictated new TA tests. 
In certain instances, the changes in mission parameters- 
resulting in either modifications to the environmental 
test requirements or hardware design changes-dictated 
a requirement for special tests for the requalification of 
portions of the spacecraft system whose qualification 
was rendered invalid by the changes. Also, hardware 
that was FA tested for the Mariner Mars 1964 project 
and used on the Mariner Venus 67 without change 
was generally not retested. Type-approval and flight- 
acceptance testing usually consisted of vibration tests 
and thermal vacuum tests. 
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In this report, an attempt is made to show the relation- 
ship between the testing philosophy and the results. 
Variations in the behavior of subsystems and/or systems 
in the same environment are pointed out when possible. 
A. Objectives of Mariner Venus 67 Environmental Test 
Program 
At the start of the Mariner Venus 67 Project, goals for 
the test program were established. In general, the philos- 
ophy of the Project was to provide a Venus fly-by mis- 
sion capability in 1967, using the basic Mariner Mars 1964 
spacecraft design1 and hardware to the greatest practical 
extent. The basic plan was to have a flightZ spacecraft 
(M67-2) and a flight-support3 spacecraft (M67-1) com- 
pletely FA tested, both at the subsystem and system 
levels. The design was to be adequately TA tested at the 
assembly level. However, no PTM was provided for 
system-level TA testing. 
The goal of the environmental test program, then, was 
to ensure that the policies were realized - obtaining 
maximum results without a PTM. The general approach 
of the environmental testing program was to consider the 
Mariner Venus 67 design (Fig. 1) a derivation of the ade- 
quately qualified Mariner Mars 1964 design, making 
optimum use of the earlier Mariner test experience. After 
a reexamination of the general TA and FA test levels, it 
was felt that they were still appropriate for the Venus 
mission; however, certain procedural changes, which had 
negligible effects on the test level, were made to facili- 
tate testing. The Mariner IV4 testing program was criti- 
cally reviewed to determine what parts of the spacecraft 
were invalidated by design and mission changes. 
'The Mariner Mars 1964 spacecraft were the Marhers I l l  and IV, 
from the Mariner C block. The various spacecraft were: the 
MC-1, proof test model; MC-2, which became Mariner I l l ;  MC-3, 
which became Mariner IV; MC-4, the flight spare; and MC-5, 
which comprised a partial set of critical spare units. 
*The flight spacecraft (M67-2) was made up of the MC-4 frame 
with new subsystem hardware, if available; the remainder of the 
subsystem comprised hardware, first, from MC-5, which was a 
partial spacecraft made up of selected spares, and then, from the 
MC-4, the spare spacecraft for the Mariner Mars 1964. 
3The flight spare spacecraft (M67-1) was made up of the MC-1 
frame with the best remaining subsystems from MC-4, as well as 
subsystems from MC-1 (the PTM for the Mariner Mars 1964), 
and some TA subsystems. (MC-3 spacecraft became the 
Mariner IV. ) 
4The Mariner Mars 1964 spacecraft was referred to as Mariner IV 
after launch; the Mariner Venus 67 spacecraft was designated 
Mariner V following launch. 
Following the evaluation, requalification testing was 
performed at the subsystem level. As a result of the sub- 
system assessments, of the 38 assemblies that were envi- 
ronmentally tested during the Mariner Mars 1964 test 
program, it was decided that 25 of these assemblies 
should be subjected again to some degree of TA test- 
ing - 10 because they were new designs, 12 because of 
design change between the Mariner Mars 1964 and 
Mariner Venus 67 (including 2 that would have required 
retesting for new environments, independent of the de- 
sign change), and 3 because their new environment would 
exceed Mariner Mars 1964 test levels. Because there was 
no PTM, several items, whose environments were strongly 
influenced by the spacecraft system, were either par- 
tially, or wholly, qualified for vibration aboard the STM; 
these were: solar panels, solar-panel-tip dampers, dual- 
frequency receiver (DFR) antennas, temperature-control 
references, high-gain antenna deployment assembly, and 
numerous thermal-control shields and blankets. 
* 
Of the 38 assemblies for each of the spacecraft, all 
but 3 (on each spacecraft) were FA tested at the subsys- 
tem level prior to delivery to the spacecraft assembly 
facility (SAF); the Mariner Mars 1964 testing on those 3 
was still valid. In the event of subse'quent rework be- 
cause of Engineering Change Requests (ECRs) or 
Problem/Failure Reports (PFRs), each assembly was 
carefully reviewed to determine the degree of FA re- 
testing required. 
After assembly, both spacecraft were FA tested to 
conservative levels for vibration, thermal-vacuum and 
electromagnetic interference (EMI), and all the impor- 
tant pyrotechnic devices were fired. 
B. Realization of Test Program Objectives 
All of the goals regarding the Mariner Venus 67 test 
program were realized-in fact, in many cases, more 
satisfactorily so than those for the Mariner I I  and the 
Mariner N test programs. A greater depth of penetra- 
tion was possible - and necessary - on the Mariner 
Venus 67 program, because of the fact that the space- 
craft hardware and gross design had been previously 
qualified, permitting emphasis to be placed on specific 
hardware items for which either the hardware or the 
environment had changed. 
The current success of Mariner V could not have been 
achieved without a highly successful environmental test 
4 
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program designed with the capability to identify poten- 
tially dangerous problems. However, this report is neces- 
sarily critical of the complete environmental testing 
program. The inclusion of failure information - as well 
as data on successes - and the discussion of major prob- 
lems permits this assessment. 
Vibration Thermal-vacuum 
Number of Failure rate, Number of Failure rate, 
% tests 
Type 
% Failures 
Failures tests 
During the system-level FA environmental tests of the 
two Mariner Venus 67 spacecraft, seven significant 
anomalies and/or failures were noted; they are sum- 
marized below: 
(1) During the M67-1 system vibration test and, again, 
during the thermal-vacuum systems test, the data 
automation system (DAS) was intermittent. It was 
concluded that the most likely reason for the 
anomalous operation was the noise at the status 
bit OR gate (RSL98). This expander gate input 
was not filtered; and since it was only used for 
status information and was not part of the science 
data, it was not considered worthwhile to filter it. 
(2) During the M67-1 thermal-vacuum system test, 
the spacecraft temperatures were lower than ex- 
pected. Changes in the thermal shield eliminated 
most of the discrepancy. Even though M67-2 had 
the new shield design, its temperatures also ran 
somewhat low during the system test, but not low 
enough to warrant further changes. The PFR that 
was written has been closed. 
Overall failure 
rate, % 
(3) During the M67-1 thermal-vacuum test, the plasma 
probe sensor and the sun sensors dropped slightly 
below their predicted lower FA temperature dur- 
ing the simulated midcourse maneuver. A similar 
TA 
FA 
drop occurred during the M67-2 thermal-vacuum 
system test. From past developmental testlng, it 
was known that neither item was sensitive to even 
considerably lower temperatures; hence, the PFRs 
that were written were satisfactorily closed. 
(4) During the M67-1 thermal-vacuum systems test, 
the plasma probe experiment data appeared noisy. 
The M67-2 plasma probe also experienced noisy 
data but to a lesser extent. The problem, which 
was established as being fairly common to this 
unit (i.e., it was seen on the Mariner Mars 1964 
Project, as well as on another project where the 
unit was flown), was definitely not related to 
the Mariner N plasma probe failure. Historically, 
the problem is a short-lived condition, and both 
of the PFRs that were written have been closed. 
21 5 23.8 22 7 31.8 27.9 
117 7 6.0 81 7 8.6 7.1 
The numerical results of the Mariner Venus 67 sub- 
system level testing for vibration and thermal-vacuum 
are presented in Table 1, where they are compared with 
Mariner Mars 1964 results. It should be noted that the 
failure-rate percentages for FA tests were fairly close on 
the two projects. The FA vibration failure rate was 
slightly higher on the Mariner Venus 67 program, where- 
as the FA thermal-vacuum rate of failure was slightly 
lower. Also of interest, however, is the fact that the TA 
failure rate was higher for both vibration and thermal- 
vacuum on the Mariner Venus 67 Project. This fact most 
likely reflects the use of old hardware on the Mariner 
Venus 67 Project, which was left from the Mariner Mars 
1964 Project, since the test levels were essentially the 
same for both projects. Another reason for the higher 
TA failure rate may be the lack of developmental testing. 
r. 
TA 
FA 
Table 1. Comparison of Mariner Mars 1964 and McFriner Venus 67 assembly-level environmental test failures 
244 30 12.3 95 19 20.0 14.5 
538 26 4.8 310 28 9.0 6.4 
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In Table 2, each of the 26 assembly-level environ- 
mental test failures that occurred during the Mariner 
Venus 67 test program is briefly described with a sub- 
jective assessment of the degree of concern for each. In 
this table, a failure is considered to be one unique prob- 
lem; for instance, if several units failed due to the same 
problem, it was considered to be one failure. As an 
example, the FA vibration failures on the radio (Table 2) 
Table 2. Mariner Venus 67 major environmentally induced test failure summary, assembly level 
Subsystem 
'lasma probe 
'yro control 
assembly 
Ladio 
Serial No. 2 
.owgain 
antenna 
Test 
rhermal- 
vacuum 
Thermal- 
vacuum 
jibration 
Thermal- 
vacuum 
Cause 
Design 
deficiency 
lesign 
deficiency 
and age 
Design 
deficiency 
Failure 
Description 
4t low temperatures, the unit did not se- 
quence properly. This problem, which had 
also been noted on a flight unit prior to 
delivery from the vendor, was corrected 
by a design change in the circuitry. 
The assembly passed TA testing on Mariner 
Mars 1964, but for Mariner Venus 67 was 
modified by the addition of a terminator- 
sensor amplifier. In TA thermal-vacuum test- 
ing, a partial failure of an energy storage 
capacitor was noted. The Mariner Venus 
67 TA unit is  not the Mariner C TA unit, 
but i s  one of the leffover flight units. 
Even though this problem has not been 
noted in any flight units, this TA unit was 
dissected to analyze the failed capacitor, 
since al l  flight units are the same age. 
Analysis showed that capacitors were not 
secured properly in can and that continued 
vibration could cause lead line to break. 
Ihe Mariner Venus 67 TA unit is  the old 
Mariner C PTM unit. It was not rebuilt to 
eliminate a design problem with Johansen 
capacitors. I t s  TA testing is incomplete at 
this time and has been plagued by capaci- 
tor problems and by problems localized 
to the receiver, only, which are attrib- 
utable to the unit's age and excessive test 
history. The RF amplifiers have experienced 
no problems during Mariner Venus 67 
testing. A PFR was written because an RF 
cable was loose, and the connector was 
retorqued. 
On the Mariner Venus 67 mission, it was de- 
termined that this item would experience 
much lower temperatures than it was de- 
signed for. During testing to these low 
temperatures, cable clamp bonding failed. 
Development work was conducted to find 
a different bond material that would be 
better at low temperatures, and one was 
found. The bonding on flight antennas could 
not be changed because, a t  room tempera- 
tures, the bonds had full strength and 
could not be removed. 
Problem evaluation 
'he design change was verified as curing the 
problem and al l  flight units were modified 
accordingly. 
tecause this portion of the pyro control passed 
TA testing on Mariner C, there was no real 
concern over the adequacy of the design. 
There was concern, however, over the possi- 
bility that the energy storage capacitors 
were affected by age, hence flight units 
were frequently examined. Further, multiple 
redundancy existed in this function. 
'here was no concern over this problem as to 
mission success because RF amplifier portions 
of the radio experienced no difficulty dur- 
ing Mariner Venus 67 testing, and the re- 
ceiver passed TA testing on Mariner C. The 
problem with Johansen capacitors was one 
that was expected, and the other problems i 
the receiver were not surprising for a unit 
with as excessive a history of qualification- 
level testing as this one had. 
rhis failure was not a risk to the mission; no 
bonding problems were observed on the 
flight antennas during testing, and if these 
bonds had failed during flight, it would 
have been past the launch phase, a t  which 
time the support of the cable clamps would 
no longer be needed. 
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show that there were two distinct problems, but three 
units were affected by the failure; PFRs were actually 
written against each unit. None of the assembly-level en- 
vironmental test failures recurred during system-level 
environmental testing, and all subsystem FA failures 
were followed by a successful rerun of the FA test. 
It should be pointed out that Table 2 is all inclusive, 
covering TA and FA testing, as well as any test failures 
that occurred on spare units. Therefore, a direct corre- 
spondence does not exist between Table 2 and subse- 
quent tables appearing later in the text that cover only 
the TA testing or the FA testing. 
Table 2 (contd) 
Subsystem 
Battery 
Serial Nos. 27, 
28, and 29 
Tape recorder 
Dual-frequency 
receiver 
Dual-frequency 
receiver 
Solar panels 
6 
- 
Test 
WPe 
_. 
TA 
- 
TA 
- 
TA 
t 
TA 
- 
TA 
- 
Test 
Vibration 
h r m a l -  
vacuum 
Vibration 
Thermal- 
vacuum 
Thermal- 
vacuum 
Cause 
Iesiga 
deficiency 
Iesign 
deficiency 
Iesign 
deficiency 
and faulty 
workmanship 
:aulty 
workmanship 
:aulty 
procedures 
Failure 
Description 
A t  very low frequencies (approximately 2 Hz), 
the battery plates go through a slosh 
mode which broke some header wires 
inside the battery. The same condition was 
known to exist on the Mariner C batteries. 
This problem occurred on al l  three units. 
Following test, failure of a discrete compo- 
nent was noted. This component is one that 
the Component Parts people recommended 
be changed for a more reliable type. The 
problem is felt to be from wrong choice of 
pieceparts, rather than a deficiency in cir- 
cuit design. 
During vibration, a spot bond on a lead 
broke loose and allowed motion of the wire 
to break the solder terminal. The unit was 
satisfactorily repaired, and more attention 
given to the spot bonding on flight units. 
At high temperature, the unit exhibited im- 
proper data readout. This wa5 traced to 
two discrete components that were not 
within tolerance. 
During TA testing in the space simulator a t  
Venus intensities, the lamps went off because 
of a laboratory-wide power failure. The 
resulting thermal transient damaged the 
solar panel beyond repair. 
Problem evaluation 
rhis was not a serious problem because fail- 
ures occurred under unique vibration condi- 
tions (slowly swept low-frequency sine) that 
do not exist in flight. The test requirements 
were attempting to simulate transient condi- 
tions, but they were known to be overly 
severe. Even though a similar failure were to 
occur in flight, the battery had sufficient 
capability (based on a design qualified by 
multiple past use) to sti l l  function. 
After review, the Project Office decision was 
that pari type replacement was not war- 
ranted, since the TA unit was built with un- 
screened parts, and the screening process foi 
flight parts was very effective a t  detecting 
this particular flaw. The unit has since been 
successfully tested to TA levels because of 
potting problems discovered on the flight 
unit. 
No concern over this failure because, since the 
TA unit was satisfactorily reshaken, no flight 
unit exhibited this problem, and the flight 
units were verified as being better quality 
bonding. 
Following replacement of components, the unit 
was satisfactorily retested. 
'rior to the accident, it had been established 
that the panel was not affected by thermal 
transients that would be experienced during 
midcourse maneuvers when solar intensity is 
nearer that of earth. Immediately following 
the accident, extensive work was done on 
samples of panels, and it was reconfirmed 
that thermal transients appropriate for 
midcourse maneuver conditions would not 
affect the panel. It was also verified that 
thermal transients occurring a t  Venus inten- 
sity conditions would cause the observed 
panel degradation. This test i s  considered to 
have been passed, in spite of the accident. 
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Table 2 (contd) 
Failure 
Description 
An L-shaped tuning cavity was not supported 
at i ts ends. The overhanging end contacted 
the chassis under vibration and caused an 
adjacent crystal to fluctuate in frequency. 
This design condition existed on a l l  radios 
but was not as noticeable on others as on 
the SN 2, 7, and 8 radios. A fillet of 
bonding was put around the perimeter of 
the cavity and verified that it cured the 
problem. Crystal and capacitor failed on 
SN 7 and were replaced. 
Subsystem Problem evaluation Test 
Vibration 
Cause 
Radio 
Serial Nos. 2, 
Serial No. 7 
7, 8 
Design 
deficiency 
There was no concern over the tuning cavity 
PFR; in fact, at one time, a decision had been 
reached to launch without correcting the 
problem, which was known to occur only un- 
der certain levels of vibration and always 
return to its original condition at the end of 
vibration. Since the design remedy was sim- 
ple, however, it was instituted on all units. 
A piecepart failure was responsible for crys- 
tal  and capacitor failure. 
Dual-frequency 
receiver 
VHF antennas 
Serial No. 3 
Serial No. 4 
Vibration Design 
deficiency 
Following vibration, a crack between a phe- 
nolic fitting and the aluminum mast was 
noted. It was determined that differences in 
expansion coefficients between the fittings 
and the mast caused separation during cur- 
ing, and a fiberglass dowel pin was added 
to the design to retain the fitting on the 
mast. Failure occurred on SN 3 and 4; 
however, units SN 3 through 6 were re- 
worked. 
Since TA tests had occurred prior to FA, this 
failure should have been noted at that time. 
It was not; but after the FA failures, when 
the TA was reexamined, a crack was found 
that had not previously been noted. An an- 
tenna test model that had experienced no 
environmental testing was examined, and 
i t  also exhibited the same crack. The addi- 
tion of the dowel pin was felt to be an ade- 
quate correction, and no concern remained 
over this failure. 
Thrust-vector- 
control 
assembly 
Vibration Faulty 
workmanship 
Although the unit successfully passed the test 
following retightening of the locking screw, 
enough concern remained to institute null 
position checks during Pasadena and 
AFETR operations. 
The potentiometer brush block came loose on 
the shaft during vibration. 
rhrust-vector- 
control 
ass em b I y 
Thermal- 
vacuum 
Design 
deficiency 
Following this design change, it was learned 
that the flight environment of the TVCAs wa! 
even lower than the test temperature a t  
which problems occurred. Tests were run at 
0°F with the new lubricant and no problem 
was experienced. 
At low temperature, the shaft motion was 
erratic. The cause of the problem was traced 
to the original lubricant, which was re- 
placed with one with better low-temperature 
properties. 
Thrust-vector- 
control 
assembly 
The actuator was rejected. Faulty 
workmanship 
Thermal- 
vacuum 
Thermal- 
vacuum 
Thermal- 
vacuum 
This unit lost torque gain during T/V test. 
The problem was ultimately traced to a 
defective magnet in the unit. 
This unit, which had been reworked once be- 
fore for the same problem, exhibited ex- 
cessive thermal gradients across i ts  sensor 
surface during test. 
Temperature- 
control 
reference 
Faulty 
workmanship 
The particular unit was scrapped, and no 
other unit has exhibited this problem. 
Tape recorder Faulty 
workmanship 
All suspected modules were replaced with 
newly fabricated modules and FA retested. 
An abbreviated TA was also rerun to verify 
that the modules (3 in each tape recorder 
subsystem) were st i l l  qualified. 
Erratic performance during test was noted. 
This was traced to a potted module which 
was only partially filled with potting com- 
pound. On further checking, this same con- 
dition existed in several potted modules. 
This condition also existed in the TA unit 
but did not give any problems when the TA 
unit was satisfactorily tested. 
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Table 2 (contd) 
Failure 
Description 
4 dimensional problem on a bracket allowed 
switch contacts to chatter in vibration. The 
bracket was replaced and the unit success- 
fully retested. 
Problem evalualion Subsystem 
Separation- 
initiated 
timer 
Separation- 
initiated 
timer 
Thrust-vector- 
control 
assembly 
Test 
libration 
Cause 
aulty 
workmanship 
qo concern. 
tesign 
deficiency 
~ 
.he timing was not within specification due  to 
viscosity of oil in the damper. 
It was determined that the specification time 
limits were needlessly tight. 
'emperature 
{ibration :aulty 
procedures 
The new magnetizing procedure gave superior 
results to the procedure used on Mariner 
Mars 1964. This new procedure resulted in 
adequate gain under all conditions. 
:allowing vibration it was noted that all 4 
actuators in the vane assembly had expe- 
rienced a loss of torque. This problem was 
ultimately traced to a procedural error in 
magnetizing the torquer magnets in the 
actuators. 
rhermal- 
vacuum 
:aulty 
procedures 
Vialfunction of unit a t  low temperature was 
traced to an improper tuning condition of 
an RF section. It was retuned correctly, then 
passed the test. 
Zorrect tuning of this device was a t  variance 
with the instruction manual. The proper 
tuning method is now known. 
~ 
During vibration, contact chatter was observed. 
This was traced to improper adjustment of 
spring load on switch levels. Both units 
experienced the same problem. 
'aulty 
workmanship 
Discrepancy was corrected and the unit satisfaG 
torily retested. 
Vibration 
Thermal- 
vacuum 
Fyro-arming 
switch 
Serial No. C l l (  
Serial No. C11 
system 
Faulty 
workmanship 
All magnetometer Z-axis works in the DAS 
420-bit format indicated that the seventh 
most significant bit was always a one. This 
problem disappeared for approximately 16 
h, then reappeared. 
The failure was isolated to a single flatpack, 
which was replaced. The DAS was then sub- 
jected to TA level and duration high- 
temperature thermal-vacuum test. The failed 
flatpack was tested separately, but in the 
same chamber and at  the same time as the 
DAS. The DAS operated normally throughou 
the test and failure was repeated in the flat- 
pack. In view of the above, it was agreed 
that the DAS had met t he  Mariner Venus 67 
TA test requirements. 
This module had previously passed TA vibra- 
tion. The test was repeated to check the 
integiity of the diode board added as  a 
result of PFR. The failure was in old circuitry 
which had been successfully TA tested twice 
before, so did not affect the validity of this 
test. 
Tuning was corrected and the unit successfully 
retested. 
Following the special repeat of TA sine and 
random vibration of module 32A3 only, the 
plasma probe failed to sequence properly. 
Vibration 
Thermal- 
vacuum 
Dual-frequency 
receiver t Faulty procedures A crystal had been replaced as a precaution for a manufacturing potential defect. A cir- cuit trimming capacitor was not aligned properly. 
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C. Detailed Review of Typical Subsystem Qualification 
To illustrate the general process used on Mariner 
Venus 67 to go from Mariner N qualification status to 
Mariner V flight status, the attitude-control (A/C) jet 
valve assemblies are chosen as being representative of 
the methodology followed for all  subsystem^.^ 
Preliminary estimates of maximum valve temperature 
for Mariner Venus 67 was 215°F. However, at this tem- 
perature, the valve opening time was not satisfactory; 
therefore, the valve’s pintle assembly was modified 
slightly. Thus, a possible need for requalification testing 
arose from two causes: a change in design and a change 
in expected assembly environment. 
Two of these valves were successfully TA tested to 
general test levels for humidity, shock, and vibration. 
These two valves were then tested to special thermal- 
vacuum test levels of 14 and 255°F. Also, twelve of the 
valves that were designated for use on the M67-1 space- 
craft were FA tested to vibration and special thermal- 
vacuum test levels of 32 and 215°F. 
Before the valve testing for the flight spacecraft 
(M67-2) and the spare valve began, it was learned (from 
solar-panel tests in the space simulator) that the operat- 
ing temperature range would run low, not high. Test 
temperatures were then revised to accommodate the 
lower operating range. The TA valves were successfully 
retested to the new, revised, lower thermal-vacuum tem- 
perature of -65°F but were not subjected to further 
vibration testing. The eighteen valves for the M67-2 
spacecraft and six spares were FA tested to normal vi- 
bration levels and to the new, revised, thermal-vacuum 
temperatures of - 45 and 131 O F .  
- 
The problem then arose that, strictly speaking, the 
valves should have been removed from the M67-1 space- 
craft for new FA tests to the new low temperature. 
However, because there was never any problem during 
any temperature testing (two TA valves and twelve 
flight valves to extra-high temperature; the same two 
TA valves and eighteen flight valves to extra-low tem- 
perature), the retesting of the twelve valves for the 
M67-1 spacecraft to the new, lower FA temperature was 
waived. 
6The solar panel qualification, which was one of the most impor- 
tant subsystem qualifications because of the lack of a PTM, is 
discussed in Section 11. 
Environmental testing of the attitude-control jet valve 
assemblies illustrates several characteristics of the 
&f ariner Venus 67 environmental test program: 
(1) The mission change necessitated a design change; 
this led to requalification requirements because 
Mariner Mars 1964 testing had been compromised. 
(2) Independent of the design change, the mission 
change resulted in an expected environment suf- 
ficiently different from Mariner Mars 1964 to war- 
rant augmenting these tests with tests to new levels. 
(3) For lack of a PTM, this item went aboard the solar 
panel for a portion of its qualification testing. 
There it was tested for acoustics and thermal 
shock. Although it experienced a thermal-vacuum 
environment, the main output of this facet of test 
was a better estimate for assembly-level testing 
(i.e,, its formal TA themal-vacuum test was as 
an assembly). 
(4) With many tests moving in parallel, rather than in 
series (e.g., assembly-level thermal-vacuum * tests 
slightly preceded the above tests in the space sim- 
ulator), late information had to be incorporated 
into the test levels in the midst of the environ- 
mental testing program. Hence, the question of 
whether to repeat previous tests was settled by 
careful consideration of the circumstances. 
(5) Units passed tests of deliberately conservative 
levels with no difficulty. 
Some subsystems were simpler, and testing of these 
was routine, Others were more complex; and for a few, 
it was necessary to accept test results that, in an exact 
sense, had failed the test but had satisfied the intent of 
the test - e.g., battery, data automation system (DAS), 
and plasma probe results as given in Table 2. These 
examples are good illustrations of the subjective judg- 
ments that are often required during the qualification of 
a flight spacecraft. However, the jet valves give a typical 
representation and illustrate the process of going from 
Mariner Mars 1964 qualification status to Mariner Venus 
67 flight status. 
II. Type-Approval Environmental Testing 
The purpose of type-approval (TA) testing is to verify 
a design; the tests establish that the assembly can satis- 
factorily operate in an environment that is in excess of 
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that expected in use. The tests also validate the environ- 
mental test technique for use in flight-acceptance (FA) 
testing. 
To provide assurance of locating design inadequacies, 
a margin is established such that the imposed tests are 
more severe than operational conditions, but it is not 
so severe that reasonable safety limits are exceeded or 
that unrealistic failure modes are excited. Type-approval 
tests are not intended to be destructive tests; to pass 
them successfully, the equipment shall suffer no per- 
formance degradation. A meaningful TA test is one 
that combines the environmental stimulus with the 
appropriate performance tests necessary to determine 
satisfactory operation. 
Since the Mariner Venus 67 design was considered to 
be a derivative of the adequately qualified Mariner 
Mars 1964 design, the Project Management decided 
early in the program to eliminate the proof test model 
(PTM) in an effort to save both time and money. The 
philosophy of the test program then was to requalify 
items with design changes sufficiently significant to in- 
validate Mariner Mars 1964 testing. Because of the lack 
of a PTM, most of the requalification occurred at the 
subsystem level. In some cases, however, the structural 
test model was used as a substitute for the PTM to 
qualify assemblies whose vibration environment is 
strongly influenced by the spacecraft system. System 
level test objectives could not always be satisfied on the 
STM, and this sometimes led to an unusual system-level 
test, special testing on the spare spacecraft (M67-l), or 
in rare cases, an unavoidable deficiency in the testing 
program. 
In addition to verifying the design of the structural 
subsystem, the dynamic testing of the STM qualified the 
following assemblies for vibration: 
(1) Octagon structure, including miscellaneous mount- 
ing brackets 
(2) Bay I1 shear web 
(3) Temperature control louvers 
(4) Upper thermal blanket 
(5) Lower thermal blanket 
(6) Deployable sunshade, including deployment hard- 
(7) Fixed sunshades 
ware 
(8) Side thermal shields 
(9) Temperature-control references (TCR) 
(lo) Solar panel structures 
(11) Separation-initiated timer (SIT) 
(12) Pyrotechnics arming switch (PAS) 
(13) Upper-ring harnesses (9W1 and 9W2) and cable 
(14) Lower-ring harness (9W19) 
(15) Squib-firing harnesses (9W8,9W28,9W38) 
(16) Post-injection propulsion system (PIPS) wiring 
(17) Superstructure 
(18) High-gain antenna structure 
(19) High-gain antenna deployment hardware, includ- 
(20) PIPS support structure and adjustment pads 
(21) Sun-sensor pedestal (Bays I1 and VI) 
(22) Umbilical connector bracket 
(23) Plasma-probe support bracket 
(24) Trapped radiation detector (TRD) support bracket 
. 
trough structure 
harnesses (9W1079Wll) 
ing deploy switch 
(25) Dual-frequency receiver (DFR) antennas 
(26) Attitude-control-jet sunshade 
(27) Low-gain antenna structure 
(28) Low-gain antenna dampers 
(29) Solar-panel boost dampers 
(30) Solar-panel deploy springs and switches 
(31) Solar-panel cruise damper and latch assemblies 
(32) Science signal harnesses (9W22,9W24,9W26) 
(33) Magnetometer coaxial cables (9W29, 9W34) 
The STM tests were repeated later, following changes 
to the solar-panel boost dampers, attitude control (AK) 
jets, sunshades, and sunshade deployment hardware. The 
STM tests and thermal control model (TCM) tests 
yielded environmental data needed for confirming 
subsystem-level test requirements. 
A special testing of the solar panel system was con- 
ducted because most of the qualification status from the 
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Mariner Mars 1964 testing was voided due to the fact 
that the change in mission affected many of the space- 
craft appendages. (Solar panel system is defined as the 
solar panel with A/C jets, sunshades, pinpullers, damp- 
ers, cabling, temperature control references, and DFR 
antennas.) This testing program was partially conducted 
on the aforementioned STM test. There were also dy- 
namic, acoustic, and thermal-vacuum tests in the space 
simulator of the solar panel system as an entity. Addi- 
tional details on these tests appear later in this section. 
- 
. 
Because of its dual role as PTM and spare flight space- 
craft, the M67-1 spacecraft was subjected to limited 
qualification-type tests over and above M67-2 tests. In 
general, these test levels were some modest margin over 
the M67-2 test levels but were not equivalent to the 
Mariner Mars 1964 PTM test levels. These tests included 
additional margin in solar simulation, the firing of all 
spacecraft pyro devices, RF  irradiation with live squibs 
installed, and approximately a 5-dB increase in random 
noise test levels below 800 Hz. These test levels do not 
invalidate the M67-1 spacecraft's flightworthiness. 
Subsystems that had been TA tested were retested to 
varying degrees as a result of their design changes. The 
following subsystems either had major design changes or 
were completely new designs and, therefore, underwent 
complete TA testing. Items 3, 5, 6, and 7 were vibration 
tested on the STM in addition to subsystem level tests; 
the vibration environment of the other items is more 
independent of spacecraft system and, hence, needed no 
system-level testing. 
(1) Data automation subsystem (DAS) 
(2) Dual-frequency receiver (DFR) 
(3) DFR UHF antenna 
(4) DFR VHF antenna 
(5) Planet sensor 
(6) Solar panel 
(7) High-gain antenna-deployment mechanism 
(8) Thermal-control references (TCRs) 
(9) UV photometer 
(10) Solar-panel-tip dampers 
The subsystems listed in Table 3 had less extensive 
design changes and underwent partial TA retesting. The 
Table 3. Subsystems retested after design changes 
Subsystem 
Trapped radiation 
detector 
Plasma probe 
Tape recorder sub- 
system 
Canopus sensor 
Power subsystem, 
bay I 
Power subsystem, 
bay I I  
Radio subsystem 
Pyrotechnic control 
Jet valve assemblies 
Structure 
Battery 
Thrust-vector-con trol 
assembly (TVCA) 
Design change 
New bracket 
Product improvement 
Functional change 
Mechanical change 
Functional change 
Functional change 
Functional change 
Functional change 
Pintle modified 
Structural change 
Product improvement 
lubricant change 
Kind of test 
Vi bration 
Vibration and 
thermal-vacuum 
Vibration and 
thermal-vacuum 
Vibration, static 
acceleration 
Vibration and 
thermal-vacuum 
Vibration and 
thermal-vacuum 
Vibration and 
thermal-vacuum 
Vibration, thermal- 
vacuum, and EM1 
Vibration and 
thermal-vacuum 
Vibration 
Vibration and 
thermal-vacuum 
Temperature 
degree of TA retesting was determined by the sub- 
system cognizant engineer and the spacecraft environ- 
mental requirements engineer at the time the subsystem 
environmental test specification was prepared.6 
The mission changes - flight direction change from 
Mars to Venus and a new science payload -resulted in 
environments for some assemblies that were significantly 
different from those considered in establishing Mariner 
Mars 1964 TA test requirements; for those assemblies, 
the past qualification testing was augmented by testing 
to new limits. The following items were tested to non- 
standard tests or levels, accordingly: 
(1) Plasma probe cup 1 
(2) S-band antennas- Nonstandard 
temperature 
Life tests and 
proton radiation 
(3) Attitude-control valves 
(4) Attitude-control thrust-vector 
(5) Squibs 
i actuator 
'A complete list of TA and FA Environmental Test Specifications 
is given in Appendix A. 
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Electromagnetic 
interference 
(6) Dual-frequency receiver 
(7) Data automation system 
(8) Pyro control 
(9) Power 
(10) Radio 
After careful analysis, some Mariner Mars 1964 PTM 
tests were felt to be still valid. The system level deniag- 
netization, the system level acoustic test (as supple- 
mented by special STM test), the system-level launch 
vehicle charging, and the umbilical-line transient tests 
were not repeated, 
A deficiency in the test program was that the Mariner 
Venus 67 flight support spacecraft system (M67-1) was 
not tested to full PTM levels. To do so would have ren- 
dered the spare spacecraft unflightworthy. 
A. System-level Testing 
1. Structural test model. 
a. Objective. The STM vibration tests were intended 
to verify the spacecraft’s capability to structurally with- 
stand the boost environment. The STM was composed of 
flight structural items and structural simulations of all 
spacecraft components. 
b. Initial vibration test. Low-frequency structural de- 
velopmental and design ultimate-load tests (Appendix B) 
were run for torsional, lateral, and axial axes of excita- 
tion on the STM, starting in late July 1966. A typical test 
setup is illustrated in Fig. 2. 
Low-frequency structural developmental and design 
ultimate-load tests were run for the following axes of 
excitation with a test structure containing four, uncelled 
solar panels: 
Torsional (1 setup, 10 runs) July 25-29,1966 
Lateral (3 setups, 17 runs) August 2-4, 1966 
Axial (1 setup, 5 runs) August 8,1966 
The following tests were performed to qualify one, 
celled solar panel at the system level for low frequency 
and complex wave excitation along one axial and two 
lateral axes: 
Axial (1 setup, 4 runs) August 11,1966 
Lateral (3 setups, 10 runs) August 12-13,1966 
Fig. 2. Typical STM vibration test setup 
Additional low-level runs were made to determine the 
dynamic response characteristics of the PIPS for fuel 
pressure configurations along its most critical axis of 
response. For this portion of the test, the STM contained 
four, uncelled solar panels: 
Axial (1 setup, 4 runs) August 16,1966 
Two modifications were made on the solar-panel-tip 
dampers during the testing program. The initial damper 
test hardware was found to be unacceptable. Improved 
damping characteristics were brought about by changing 
the size of the sealing O-rings and changing the viscosity 
of the damping fluid. Qualification and design ultimate- 
load-level testing was performed, without failure, with 
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the modified hardware for torsional and x-axis excitation. 
During x-axis excitation at design ultimate-load level, 
large dynamic excursions of the dampers at 8 Hz re- 
sulted in boundary contact between the end of the 
damper piston and the damper housing. Even though 
the dynamic loads associated with this shock-type accel- 
eration were not deleterious to the structure, the dampers 
were removed from the test structure and mechanically 
adjusted to provide for larger dynamic displacements. 
The boundary contact occurred only at STM design- 
ultimate-load level in the lateral axes of excitation and 
did not occur at FA or PTM test levels. Also, as a con- 
sequence of an action item that resulted from the second 
solar-panel design review, a flight-configuration tip 
damper was successfully subjected to a temperature and 
thermal shock test per JPL specification. 
* 
Two other pieces of hardware were repaired during 
the remainder of the testing program. The attitude- 
control jet sunshade was repaired in bays I and VI1 
for spot-weld failures. One lexan tube fitting on the 
high-gain antenna feed support structure developed a 
crack during design ultimate-load-level testing in the 
z axis. After completion of the STM test and prior to 
use of the STM as a test fixture for the solar panel 
system-level qualification test, the fitting was pre- 
loaded in the hoop direction by using a wire wrapping 
potted with epoxy. A small hole was drilled at the apex 
of the crack to prevent a potential stress concentration. 
The crack appeared not to propagate during the remain- 
der of the test program. 
The STM successfully withstood design ultimate-load 
and structural-qualification dynamic-loads tests defined 
in JPL specifications (listed in Appendix A). The full 
3 wk of allocated test time were required for comple- 
tion of initial testing, and only minor delays resulted 
from hardware and test equipment problems. The actual 
total time for which the STM underwent the forced vi- 
bration excitation necessary to satisfy all the objectives 
of the test program was 208 min. 
c. Final vibration test. A follow-up spacecraft com- 
posite vibration test (Ref. 1) of the modified Mariner 
Venus 67 STM was performed in early November 1966. 
The purpose of the follow-up STM test was to obtain 
supplemental dynamic response data required by late 
design changes in the basic spacecraft structure and to 
qualify structural hardware that either was not included 
on the previous STM or was modified since the previous 
tests. The solar-panel-tip damper is an example of hard- 
ware that was extensively redesigned between the tests. 
The follow-up STM test also provided an opportunity 
to verify the complex-wave vibration-control equipment 
operational procedure to be used on flight spacecraft 
testing. Verification of flight operational test procedures 
on the STM was mandatory because no PTM was avail- 
able for the purposes of structural dynamic testing. The 
STM successfully withstood the qualification dynamic 
loads defined by JPL specification. 
Low-frequency structural developmental and qualifi- 
cation dynamic load tests were run for the following axes 
of excitation. 
Lateral X (1 setup, 7 runs) November 7,1966 
Lateral X-Y 
Bay I1 (1 setup, 7 runs) November 9,1966 
Axial (1 setup, 11 runs) November 11,1966 
One week of test time was required for completion of 
the testing. The actual total time for which the STM 
underwent forced vibration excitation necessary t6 sat- 
isfy the above objectives was 60 min. 
Analysis of reduced test data indicated no major 
changes in the dynamic response characteristics of the 
modified test structure. 
2. Temperature control mode2. 
a. Objectiues. There were four principal purposes of 
the TCM space simulator test7: 
To verify the adequacy of the basic thermal de- 
sign. Basic design features include insulation 
blankets top and bottom, louvers, polished alumi- 
num shields, and white paint around the periphery. 
To define empirically some features of the detailed 
temperature control design. Best estimates of elec- 
trical power dissipation and spacecraft configura- 
tion were tested to find an acceptable combination 
of louvers, side shields, surface preparations, ther- 
mal conductances, and heater sizes. 
To determine empirically the influence of various 
thermal parameters on spacecraft temperatures. 
This information is useful in estimating tempera- 
tures for conditions that cannot be tested (e.g., 
'Much of the material in this section has been derived from a 
JPL internal document by D. Miller, on the Mariner Venus tem- 
perature control model space simulator, April 1967. 
JPL TECHNlCAL REPORT 32- 1249 13 
some aspects of midcourse maneuver) and for 
changing the thermal design to accommodate 
changes in the spacecraft. 
(4) To develop handling techniques for simulator op- 
erations with flight-type spacecraft. 
b. Test configuration. The TCM test configuration 
(Fig. 3) was the thermal equivalent of the flight space- 
craft (Fig. 1). The TCM included flight-like structure, 
exterior surfaces, louvers, shades, and thermal shields, 
and geometric mockups of all peripheral items except 
the solar panels, which were thermally mocked up. The 
chamber was not large enough to allow the solar panels 
to be used. The TCM contained no electronic equipment. 
The power dissipation of the electronics was simulated 
by electrical heaters. Because of the reversed flight solar 
attitude, a special inverting fixture was fabricated to 
rotate the spacecraft from the normal ground- handling 
attitude to the chamber-test attitude (the lights are in 
the top of the chamber). 
Fig. 3. Thermal control model test 111 
c. Test results. The TCM tests were conducted in the 
JPL 10-ft space simulator between June 24 and July 6, 
1966 (Fig. 4). Table 4 presents a summary of the test 
results for the bus. Mariner N flight temperatures and 
allowable temperature ranges are shown for comparison. 
The Mariner Venus 67 TCM and Mariner N flight data 
are for different modes of internal power dissipation, but 
provide a mean operating temperature comparison. 
Fig. 4. Mariner Venus 67 TCM removal from 
1 0-ft simulator 
During the TCM testing, two modes were run in 
which the solar simulator lights were turned off and the 
TCM heater power was increased to reproduce the tem- 
perature profiles for the earth cruise mode and the gyros 
on encounter mode (TCM test 11, modes 7 and 6). The 
difference in internal power with the lights off is equiva- 
lent to the solar heating input. Excluding the conductive 
input from the sun sensors and the radiative input from 
solar panels, the solar input at earth was found to be 
18.5 W and at Venus 36 W. These inputs are small 
compared with the 150- to 250-W bus internal-power 
dissipation. 
Without solar input and with the spacecraft on lowest 
cruise-mode power, the midcourse motor propellant tank 
had just dropped to freezing (TCM test 11, mode 8). A 
solar intensity increase from 250 to 286 W/ftz caused 
only a 1.3"F average increase in bus temperature at 
Venus (TCM test I, modes 2 and 3). An extrapolation to 
perihelion showed that bus survival was not a problem. 
The thermal effects of a catastrophic sunshade failure 
were investigated in TCM test 111. The shade was com- 
pletely stowed, and earth cruise and encounter modes 
were run. Analysis of the test data indicated that the bus 
would absorb an incremental 150 W at Venus with the 
sunshade stowed. This heat input raised the bus tem- 
perature 32.5"F at encounter and caused an undesirably 
high, but probably tolerable, temperature level. 
Mariner Venus 67 is thermally a power-dependent 
spacecraft, so this parameter is of interest in design 
studies and in evaluating the effect of simulator error 
sources. For these reasons, tests were performed in 
which internal power was reduced 20% at earth and 
increased 20% at Venus (TCM test 11, modes 9 and 4). 
The power variation produced a negligible effect for the 
Venus power-up case, but brought the midcourse motor 
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propellant near freezing for the earth power-down mode. 
Thus, the power margin at the cold end was about 30 W. 
The hot-end margin was deduced by a louvers open 
mode in which internal power was increased to force all 
louvers open and the drive temperatures near the upper 
limits (TCM test 11, mode 5). The power increment 
above the gyros on encounter level was about 125 W. 
- 
d .  Conclusions. The TCM tests showed that the basic 
thermal design could accommodate the hottest and cold- 
est steady-state conditions for the spacecraft. A particu- 
lar configuration of shields, louvers, and paint patterns 
was found that was satisfactory for flight. 
Test I11 showed (Table 4) that if the sunshade failed 
to deploy, the mission would not be lost because of over- 
heating. The thermal configuration purposely placed 
temperatures near the lower end of the allowable range 
to allow for maneuver heating, post-encounter operation 
as the spacecraft proceeds closer to the sun, margin for 
sunshade deployment failure, and favorable tempera- 
tures for long lifetime of electronics. 
8. Subsystem-Level Testing 
I .  Type-approval testing. A type-approval subsystem 
test setup that is typical for this series of tests is that for 
the data automation system (DAS), shown in Fig. 5. 
A summary of the Mariner Venus 67 TA subsystem 
testing is presented in Table 5. The table shows each of 
the subsystems and notes significant past test history 
experienced by that unit during the Mariner Mars 1964 
test program. A summary of Mariner Mars 1964 life tests 
appears in Appendix C. 
a. Summary of T A  waivers8 and test deviations. 
(1) Data automation subsystem. After the TA thermal- 
vacuum failure of a discrete component and the identi- 
fication of the failed components in developmental tests 
at TA conditions, it was decided to repeat only the failed 
portion of the TA test and the retest was successful. 
(2) Trapped radiation detector. The TA thermal- 
vacuum test was to be run to special temperature, but 
this was not possible, due to the lack of an electrically 
equivalent TA unit. Vibration test was run on a mechan- 
ically equivalent configuration only. 
(3) Plasma probe. The thermal shock of sensor was 
waived because both the sensor and the electronics are 
tested in the same chamber. The 32A1 unit used a non- 
standard operating temperature of 135" C in thermal- 
vacuum. 
(4 )  Magnetometer. No TA tests were required of the 
unit because it was qualified on the Mariner IV program. 
( 5 )  UV Photometer. There were no waivers or devia- 
(6) Dual-frequency receiuer. There were no waivers 
(7) Transponder (radio), Cases V and VI.  The total 
retest of the radio after an RF connector became loose 
during Z-axis vibration was waived because of the 
test history of the receiver. I t  was required to repeat 
only the Z-axis portion of the test. 
(8) Tape recorder. The test was repeated because of 
some redesign of the unit. 
(9) High-gain antenna. A special low-temperature TA 
test at -283°F was performed to cover the change in 
the mission's environment. 
(10) Low-gain antenna. A special low-temperature 
thermal-vacuum test (-200°F) qualified the antenna. 
(11) DFR antennas, UHF and VHF. There were no 
tions on this unit. 
or deviations on this unit. 
waivers or deviations on these units. 
Fig. 5. Typical subsystem TA vibration test setup, DAS 'Appendix D lists Mariner Venus 67 test waivers, both TA and FA. 
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(12) A/C jet valve assemblies. An internal communi- 
cation approved the testing of TA valves at nonstandard 
temperatures of - 65 and + 255 a F. 
(13) Canopus sensor. No TA thermal-vacuum test was 
required; there was no change in electrical design of 
unit from Mariner Mars 1964. 
(14) Planet sensor. There were no waivers or devia- 
tions on this unit. 
(15) A/C thrust-vector actuator. Minimum TA tem- 
perature was revised to 0 a F. 
(16) Power, bay I. A complete TA test sequence was 
performed on this bay because of the design change 
from Mariner Mars 1%4 to Mariner Venus 67. 
(17) Power regulator, bay VZZZ. A complete TA test se- 
quence was performed on this bay because of the design 
change from Mariner Mars 1964 to Mariner Venus 67. 
(18) Battery. Static acceleration test was waived 
February 3, 1967. 
(19) Solar panel. An unscheduled thermal shock at 
high temperature made further TA tests impossible. Spe- 
cial tests were run, however, on representative panel 
specimens. 
(20) Structures. There were no waivers or deviations 
on these units. 
(21) Temperature-control reference. Utilization of TA 
unit SN 13 was made necessary by the poor quality of 
flight units. 
(22) Solar-panel-tip dampers. There were no waivers 
or deviations on these units. 
(23) Antenna deployment. There were no waivers or 
deviations on this unit. 
(24) Pyrotechnic control. Thermal-vacuum could not 
be rerun because following a capacitor-bank voltage de- 
cay, the unit was cut up to remove capacitors for com- 
ponent evaluation. 
(25) Squibs. There were no waivers or deviations on 
this unit. 
b. Mariner Mars 1964 summary of T A  test results. 
(1) Magnetometer. The magnetometer passed all TA 
requirements on the Mariner Mars 1964 program with- 
out any failures or anomalies. 
(2) Data encoder. The data encoder passed all TA re- 
quirements on the Mariner Mars 1964 program. All PFRs 
were satisfactorily closed. 
(3) Command subsljstem. The command unit passed 
all TA requirements on the Mariner Mars 1964 program. 
All PFRs were satisfactorily closed. 
(4) High-gain antenna. The high-gain antenna passed 
all TA requirements on the Mariner Mars 1964 program. 
There were no PFRs or anomalies. 
(5)  Low-gain antenna. The low-gain antenna passed 
all TA requirements on the Mariner Mars 1964 program. 
There were no PFRs or anomalies. 
(6) Attitude-control thrust-vector control. The thrust- 
vector control passed all TA requirements on the 
Mariner Mars 1964 program without any failures or 
anomalies. 
(7) Central computer and sequencer. The central com- 
puter and sequencer (CC&S) passed all TA require- 
ments on the Mariner Mars 1964 program. All PFRs 
were closed satisfactorily. 
(8)  Attitude-control subsystem (7Al and 7A2). The 
A/C units passed all TA requirements on the Mariner 
Mars 1964 program. All PFRs were closed satisfactorily. 
(9) Canopus sensor. The Canopus sensor passed the 
thermal-vacuum TA test on the Mariner Mars 1964 pro- 
gram without any failures or anomalies. 
(10) Sun, earth, and terminator sensors. All three 
sensors passed TA requirements on Mariner Mars 1964 
without any failures or anomalies. 
(11) Attitude-control equipment plate (7GA1 and 
7GA2). The A/C gas subsystem passed all TA require- 
ments without any failures or anomalies. 
(12) Louver assemblies. The louvers passed all TA re- 
quirements without any failures or anomalies. 
(13) Post-injection propulsion system. The PIPS as- 
sembly passed all TA requirements on the Mariner Mars 
1964 program. The one PFR was closed satisfactorily. 
2. Special subsystem testing. 
a. Electromagnetic interference tests. 
Dual-frequency receiver (SN 01). The dual-frequency 
receiver (DFR) electromagnetic interference (EMI) test- 
ing was performed to verify that the DFR would func- 
tion properly when subjected to an electromagnetic 
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environment similar to twice that expected to exist on 
the Mariner Venus 67 spacecraft. Figure 6 shows the test 
setup used for DFR EM1 testing. 
The Mariner Venus 67 DFR utilized a configuration 
which neither had flown on a spacecraft nor had been 
subjected to an electromagnetic environment similar to 
that expected to exist on the Mariner Venus 67 space- 
craft. The electromagnetic interference testing levels 
that were used to verify that the DFR would function 
properly were derived from data acquired during the 
testing sequence of the Mariner Mars 1964 spacecraft 
and the expected electromagnetic environment for the 
Mariner Venus 67 spacecraft. The iaterference levels to 
which the DFR was subjected are detailed by environ- 
mental specification. In accordance with the above 
specification the DFR was tested per JPL test proce- 
dure. The radiated interference susceptibility testing as 
required by specification, and stipulated in the test pro- 
cedure, was not performed from 0.15 through 25 MHz 
because of the inability to locate the required antenna. 
Table 6 lists the required tests and test limits as defined 
in the JPL test procedure. 
- 
- 
The DFR (SN 01) was subjected to electromagnetic 
interference testing according to JPL TA procedure with 
the exception of radiated susceptibility testing from 0.15 
through 25 MHz. The unit successfully passed the tests 
as specified and operated within its prescribed limits 
with no degradation to operation during the electromag- 
netic interference testing, with the exception of spurious 
response susceptibility. The required spurious response 
. 
, 
Fig. 6. Setup for dual-frequency receiver EM1 testing 
Table 6. 
Electromagnetic 
interference 
Generated conducted 
transient 
Generated sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
150 kHz to 25 MHz 
EM1 tests and limits for DFR 
Interference limits 
specification procedure 
Generated interference 
< -10.5 V max 
<OS V peak to peak 
<0.5 V peak to 
peak, decreasing 
at 20 dB/octave 
to 0.05 V peak to 
peak at 150 kHz 
<0.05 V peak to 
peak 
k0.5 V max 
<0.5 V peak to peak 
<0.5 V peak to peak 
<0.05 V peak to 
peak 
Conducted interference susceptibility, power leads 
Transients 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
150 kHz to 25 MHz 
k 16 V amplitude 
- <20 ps wide 
5 7  ps rise time 
Repetition rate: 0.5 
to 500 pulses/s 
1.0 V peak to peak 
1 .O V peak to peak 
at 15 kHz, decreas- 
ing at 20 dB/dec- 
ade to 0.1 V peak 
to peak a t  150 
kHz 
0.1 V peak to peak 
k 16 V amplitude 
1.0 V peak to peak 
1.0 V peak to peak 
0.1 V peak to peak 
Conducted interference susceptibility, signal lines 
Transients 
Sinusoidal 
30 HZ to 15 kHz 
15 to 150 kHz 
150 kHz to 25 MHz 
-1400 mV amplitude 
5 2 0  ps wide 
57 ps rise time 
Repetition rate: 0.5 
to 500 pulses/s 
0.1 V peak to peak 
0.1 V peak to peak 
at 15 kHz, de- 
creasing at 20 
dB/ decade to 
0.01 V peak to 
peak a t  150 kHz 
0.01 V peak to peak 
-1400 mV amplitude 
0.1 V peak to peak 
0.1 V peak to peak 
0.01 V peak to peak 
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Table 6 (contd) 
Elecfromagnetic 
interference Environmental test JPL test 
specification procedure 
Equipment enclosure radiated interference susceptibility test 
Power density, 
dBmW/m2 
2 
4 
36 
10 
30 
0 
30 
2a 
Frequency, MHz Power density, 
dBmW/m2 
0.15 to 100 
100 to 150 
225 to 260 
400 to 550 
1200 to 1400 
2200 to 2900 
5400 to 5900 
8500 to 10,000 
Frequency, MHz Signal level 
0 dBmW 1 .o to 10,000 
Signal level 
0 dBmW 
Frequency, MHz 
1 .o to 10,000 
Signal level Signal level 
All energy detect- 
able by sampling 
receiver 
susceptibility limits were exploratory limits representing 
expected prelaunch-to-separation electromagnetic envi- 
ronmental levels. Since the science equipment would not 
be turned on prior to separation and prelaunch checkout 
could be performed by careful planning (i.e., turnoff or 
scheduling), the susceptibility did not jeopardize the 
mission. 
Data automation system. The data automation system 
(DAS) electromagnetic interference testing was per- 
formed to verify that the unit would function properly 
when subjected to an electromagnetic environment simi- 
lar to twice that expected to exist on the Mariner Venus 
67 spacecraft. 
The Mariner Venus 67 DAS utilized a configuration 
which neither had flown on a spacecraft nor had been 
subjected to an electromagnetic environment similar to 
that expected to exist on the Mariner Venus 67 space- 
craft. To verify that the DAS would function properly, 
electromagnetic interference testing levels were derived 
from data acquired during the testing sequence of the 
Mariner C spacecraft and from the expected electromag- 
netic environment for the Mariner Venus 67 spacecraft. 
The interference levels to which the DAS were sub- 
jected are listed in the environmental specification. In 
accordance with the specification, the DAS was tested 
per JPL test procedure. Table 7 lists the required test 
limits and the test limits as defined in the JPL test 
procedure. 
The data automation system (SN 073) was subjected 
to electromagnetic interference testing per type-approval 
procedure as outlined in a JPL procedure. The unit suc- 
cessfully passed the tests as specified and operated with- 
in the prescribed limits with no degradation to operation 
during all electromagnetic interference testing. 
Pyrotechnic control unit. The pyrotechnic control unit 
(PCU) electromagnetic interference testing (Fig. 6) was 
performed to verify that the unit would function prop- 
erly when subjected to an electromagnetic environment 
similar to twice that expected to exist on the Mariner 
Venus 67 spacecraft. 
The Mariner Venus 67 PCU utilized a configuration 
which neither had flown on a spacecraft nor had been 
subjected to an electromagnetic environment similar to 
that expected to exist on the Mariner Venus 67 space- 
craft. To verify that the PCU would function properly, 
electromagnetic interference testing levels were derived 
from data acquired during the testing sequence of the 
Mariner Mars 1964 spacecraft and the expected electro- 
magnetic environment for the Mariner Venus 67 space- 
craft. The Mariner Project review specified that the PCU 
be subjected to the derived interference levels. The inter- 
ference levels to which the PCU was subjected are 
specified in a JPL internal memorandum. In accordance 
with the above, the PCU was tested per JPL procedure. 
Table 8 lists the required test limits and the test limits 
as defined in the JPL test procedure. 
~ 
. 
Two PCUs (SN 1005 and 1006) were subjected to 
electromagnetic interference testing according to TA 
procedures. The units successfully passed the tests as 
specified and operated within the prescribed limits with 
no degradation to operation during all electromagnetic 
interference testing. 
In summary, it should be pointed out that the sub- 
system electromagnetic interference tests did not ade- 
quately simulate the electromagnetic environment that 
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Table 7. EM1 tests and limits for DAS Table 8. EM1 tests and limits for PCU 
Electromagnetic 
interference Environmental test JPL test 
specification procedure 
Interference limits 
specification procedure 
i ene ra t ed  interference 
Electromagnetic 
interference 
Generated interference 
< f0.5 V max 
<0.5 V peak to peak 
<0.5 V peak to 
peak, decreasing 
at 20 dB/octave 
to 0.05 V peak to 
peak at 150 kHz 
peak 
50 f2 
<0.05 V peak to 
<20,000 V across 
f0.5 V max 
Generated conducted 
transient 
30 Hz to 15 kHz 
15 to 150 kHz 
Generated conducted 
transient 
Generated sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
< f0.5 V c0.5 V max 
0.5 V peak to peak 
0.5 V peak to peak 0.5 V peak to peak 
0.5 V peak to peak 
<0.5 V peak to peak 
<0.5 V peak to 
peak, decreasing 
a t  20 dB/octave to 
0.05 V peak to 
peak at  150 kHz 
<0.05 V peak to 
peak 
<20,000 V across 
50 f2 
150 kHz to 25 MHz 0.05 V peak to peak 
Not testeda 
150 kHz to 25 
MHz 
51.0 f7 MHz, 
423.3 2 3  MHz 
0.5 V peak to peak 
Not testeda 
51.0 t 7  MHz, 
423.3 f 3  MHz 
Conducted interference susceptibility, power leads 
Conducted interference susceptibility, power leads 
Transients f 16 V amplitude 
520 p s  wide 
- <7 p s  rise time 
Repetition rate: 0.5 
to 500 pulses/s 
rfi. 16 V amplitude 
Transients f 16 V amplitude 
- <20 p s  wide 
<7 ps rise time 
Repetition rate: 0.5 
to 500 pulses/s 
k 16 V amplitude 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
1 V peak to peak 
1 V peak to peak 
at  15 kHz, decreas- 
ing at 20 dB/dec- 
ade  to 0.1 V peak 
to peak a t  150 
kHz 
0.1 V peak to peak 
1 V peak to peak 
1 V peak to peak 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
1 V peak to peak 
1 V peak to peak 
at  15 kHz, decreas- 
ing at  20 dB/ dec- 
ade  to 0.1 V peak 
to peak at  150 kHz 
0.1 V peak to peak 
1 V peak to peak 
1 V peak to peak 
0.1 V peak to peak 150 kHz to 25 MH 
150 kHz to 25 MHz 0.1 V peak to peak 
Conducted interference susceptibility, signal lines 
Conducted interference susceptibility, signal lines 
Transients 
Transients k400 mV amplitude 
520 p wide 
57 p s  rise time 
Repetition rate: 0.5 
to 500 pulses/s 
f a 0  mV 
amplitude 
<20 ps  wide 
5 7  p s  rise time 
Repetition rate: 0.5 
to 500 pulses/s 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
0.1 V peak to peak 
0.1 V peak to peak 
at  15 kHz, de- 
creasing at  20 dB/ 
decade to 
0.01 V peak to 
peak a t  150 kHz 
0.01 V peak to peak 
0.1 V peak to peak 
0.1 V peak to peak 0.1 V peak to peak 
0.1 V peak to peak 
at  15 kHz, decreas- 
ing a t  20 dB/dec- 
ade  to 0.01 V 
peak to peak at  
150 kHz 
0.01 V peak to peak 
0.1 V peak to peak 
0.1 V peak to peak 
150 kHz to 25 
MHz 
0.01 peak to peak 
150 kHz to 25 MHz 0.01 V peak to peak 
I 
aDue to the magnitude and hormonic content of the prime power source, 
it was not possible to instrument the pyrotechnic control unit for this 
measurement. 
aDue to the magnitude and harmonic content of the prime power source, 
it was not possible to instrument the pyrotechnic control unit for this 
measurement. 
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the subsystem would experience during spacecraft sys- 
tem operation. Further study is necessary to develop 
tests that adequately simulate the Mariner spacecraft 
electrical environment. 
b. Solar panel T A  testing program. 
Vibration testing. Prior to the start of testing, an over- 
all test plan was formulated in consultation with cogni- 
zant structural and solar panel engineers. The planned 
sequence of tests and use of test results was to be the 
following: 
First, qualify the TA panel under vibration by mount- 
ing the TA panel on the ,STM (using three STM panels) 
and conduct a PTM vibration test. Panel response data 
at selected locations was to be acquired. 
Second, by use of the response data from the TA test 
(on the STM) and the results of modal testing of a 
structural model of the solar panel, a single panel 
test was to be developed. A representative response 
location on the solar panel was selected and by using the 
modal test data, a desired response in the single-panel 
test configuration in two corrugation modes was to be 
determined. The level of response for an equivalent 
single-panel TA test would be selected to produce 
stresses (panel curvature) in the two modes selected, 
which would equal the stress induced in the TA panel 
during its vibration test as part of the STM. An early 
estimate of the required input for this response in the 
single panel mode would be made using modal test 
data. The single-panel test configuration was to be 
with the panel supported at the damper attachment 
points by two struts rigidly attached to the floor at their 
other ends; vibration would be input at the input hinges 
from a rigid test fixture. The test would be mechanized 
by estimating an input level at the hinges required to 
give the desired response at the selected location. The 
actual response would be limited by stopping the test if 
the response exceeded the desired level by >lo%. 
Third, when the TA panel (already qualified to vibra- 
tion test levels on the STM spacecraft) had completed 
other required TA tests, a TA test of a single panel 
(Fig. 7) was to be conducted to provide confidence that 
the FA panels would pass the single-panel FA test. This 
test would also serve both to provide a better estimate 
of input required for desired response on FA test panels 
and to check out the single-panel test technique prior to 
the FA tests. 
Fig. 7. Single solar panel for TA vibration test 
The TA test on STM spacecraft was properly con- 
ducted to the levels required by the JPL specification. 
No physical damage to the panel was discovered; neither 
was electrical degradation found during or after the test. 
Based on response measurements during this test and 
single-panel modal tests, two corrugation modes at about 
74 and 116 Hz were selected to be excited during single- 
panel testing. The required responses at the selected 
response control location (C4) were calculated to be 
3.0 g peak at 74 Hz and 7.0 g peak at 111 Hz for the 
TA tests. Later, errors in the STM test data reduction 
were discovered, and the desired responses were in- 
creased by a factor of 1.4 to 4.2 g peak at 74 Hz and 
9.9 g peak at 111 Hz. The accelerometer used to mea- 
sure the desired response was located on the cell side 
of the panel. 
Preliminary test plans called for the single-panel TA 
vibration test to be a part of the formal TA test pro- 
gram. Damage to the panel during thermal-vacuum 
testing (described later in this Section) precluded eval- 
uation of the panel's electrical integrity, and therefore, 
the test was considered as developmental in purpose. 
With response data from this test, sweep ranges and 
input levels for the single-panel FA tests were selected 
as follows: (1) 67 to 83 Hz, input was 0.85 g rms; (2) 105 
to 120 Hz, input was 1.4 g rms. The accelerometer used 
to develop the frequencies and amplitudes was located 
at the response control location, but on the cell side of 
the panel. In order to minimize damage to the flight 
panels, the response control accelerometer was to be 
located at the same point on the panel, but on the corru- 
gation side. To discover any change in measured re- 
sponse due to this change in accelerometer location, data 
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were taken during this test at both locations and then 
compared. Unfortunately, upon reduction of the raw 
data, it was discovered that data from the corrugation 
side accelerometer was lost. At this point, it was as- 
sumed that, at these panel modes, the two locations 
should not differ greatly, although later testing (reported 
in Section IV) proved the assumption to be in error. 
A summary of solar-panel vibration qualification is 
presented in Table 9. 
- 
Acoustic testing. The original test plan was to expose 
the TA panel (SN 002) to the TA acoustic test level (JPL 
specification) and assess electrical and structural damage. 
Test results showed that problems with the TA 
thermal-vacuum test affected the electrical integrity of 
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the TA panel prior to the acoustic testing. Because 
of this, the acoustic test could not be considered a full 
TA test. The panel was actually tested two times -first, 
as a single panel, and second, mounted on the STM 
spacecraft (with three STM panels). The test had to be 
repeated because solar panel appendages were not in- 
cluded on the single panel test. 
For the first solar panel acoustic test, the single panel 
was hung in its mounting frame by shock cord within 
the 930-ft3 reverberant chamber and exposed to the FA 
acoustic test for 20 s, then inspected for damage. The 
TA acoustic test was then run for 60 s. Figure 8 shows 
the average sound-pressure-spectrum level (SPSL) of 
four microphones in the chamber during the TA test, 
compared with the specified spectrum. The test was 
OVERALL 
SOUND- PRESSURE-SPECTRUM 
LEVEL 140.5 dB 
102 2 4 6  
FREQUENCY, Hz 
3 2 4 6 I( 
Fig. 8. Sound-pressure spectrum level for single-panel TA test 
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specified in 1/3-octave bands and the analysis band- 
width used for the SPSLs with which it is compared was 
20 Hz. The only damage to the panel during either test 
was that cell covers were broken. Most covers were 
broken during the FA test; only a small additional 
amount were broken during the TA test. Electrical per- 
formance could not be fairly evaluated. 
For the second solar panel acoustic test, all solar panel 
appendages (omitted during the first test) were in place. 
To conduct this test, the panel was mounted in place on 
the STM spacecraft with three STM solar panels. Be- 
cause of a test-facility error, the test was conducted in 
two sections. Following chamber equalization, in which 
a dummy of the spacecraft was used, some parts of the 
noise generators were cleaned or replaced. This modifi- 
cation greatly affected the noise spectrum and resulted 
in a test being conducted with the spectrum as shown m 
Fig. 9. It greatly exceeded the test specification in low 
frequencies but was an undertest at high frequencies. 
To complete the test, the chamber was equalized at a 
lower noise level to produce a spectrum up to that speci- 
fied in the high frequencies but below test specification 
in low frequencies. The test was then repeated with the 
new spectra as shown in Fig. 10. This second test was 
considered to have filled in the high-frequency portion 
of the spectnun. Following the tests, no damage to the 
solar panel or its appendages was found. A summary of 
solar-panel acoustic qualification is presented in Table 9. 
Thermal-vacuum. A detailed test plan was initiated 
prior to the start of the type-approval thermal-vacuum 
testing of the Mariner Venus 67 solar panel. The testing 
was accomplished in the JPL 10-ft space simulator with 
the panel (Fig. 11) completely assembled with all hard- 
ware that would be assembled to the panels during 
flight including the complete attitude control mecha- 
nisms and plumbing. Test requirements and specifica- 
tions were defined in a JPL specification, 
IO' 
FREQUENCY, Hz 
Fig. 9. Solar panel acoustic test following noise-generator cleanup or replacement 
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Fig. 10. Solar panel acoustic test after chamber equalization 
Fig. 11. Solar panel thermal shock test 
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It was the purpose of the TA thermal-vacuum test 
program to qualify the complete solar panel assembly by 
subjecting the unit to two thermal shocks, one from 
135 to -180°F and the other from 160 to -180°F. The 
panel was then to experience a 100-h soak at 284°F. 
Before and after exposure to the thermal-vacuum envi- 
ronment the panel was to be visually inspected and 
electrically tested in sunlight at the JPL Table Mountain 
Test Facility near Wrightwood, California. 
The solar panel configuration consisted of an attitude 
control jet and manifold assembly (exclusive of cabling 
and plumbing), an A/C sunshade, a pinpuller assembly 
(exclusive of cabling), and the temperature-control ref- 
erence paddle. It is believed that the deletion of the 
cabling and plumbing associated with various items has 
a negligible effect on the results of the tests. It was 
initially intended to mount a damper assembly but, be- 
cause of the possibility of oil leakage and subsequent 
contamination, this assembly was eliminated. It was also 
intended to mount the DFR antennas (50 and 425 MHz) 
but a delay in availability, due to a problem with paint 
curing, eliminated these items from the thermal shock 
test. However, the DFR antennas were on board, prop- 
erly painted, for the high-temperature steady-state test. 
The complete solar panel assembly was instrumented 
with chromel/constantan thermocouples coupled to a 
Table 10. Thermocouple and datex numbering system 
Thermocouple 
No. 
2 
3 
4 
5 
6 
7 
8 
9 
- 
1 
10 
11 
Position 
Sunlit yaw valve 
Roll valve 
Shaped yaw valve 
Spade lug, under screw of A/C 
jet manifold 
TCR bracket 
TCR channel 
TCR sensor 
A/C assembly mounting point 
(panel end) 
Pin puller 
50 Mariner IV DFR antenna 
capacitor 
425 Mariner IV DFR brace end 
point, sunward 
425 Mariner IV DFR mast at brace 
attach 
Datex channel 
102 
147 
148 
149 
126 
127 
128 
150 
101 
222 
223 
224 
datex printout system. Table 10 and Figs. 12 and 13 
illustrate the thermocouple locations. The panel was 
suspended by overhead cabling, at a height of approxi- 
mately 5 ft from the lower shroud of the 10-ft solar 
simulation chamber, and positioned as advantageously 
as possible in the 6.5-ft beam pattern. Intensity map- 
pings taken prior to the thermal-shock test are listed in 
Table 11, while those taken prior to the high-temperature 
steady-state test are given in Table 12. Mapping loca- 
tions are shown in Fig. 14. 
- 
Table 11. Solar irradiance mapping values 
for thermal shock test 
location No. 
1 
2 
3 
4 
5 
6 
19 
20 
21 
22 
23 
24 
25 
26 
27 
28 
29 
32 
34 
35 
36 
37 
39 
40 
41 
42 
43 
44 
Value, V 
0.1727 
0.1 799 
0.1789 
0.1789 
0.1 800 
0.1 800 
0.1834 
0.1810 
0.1839 
0.1810 
0.1810 
0.1810 
0.1810 
0.1775 
0.1802 
0.1750 
0.1722 
0.1759 
0.1789 
0.1750 
0.0028 
0.1 754 
0.1830 
0.1839 
0.1820 
0.1819 
0.1798 
0.1769 
Eppley radiometer reading was 0.1793 V. 
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Table 12. Solar irradiance mapping values for high- 
temperature steady-state test 
Location No. 
1 
2 
3 
4 
5 
6 
19 
20 
21 
22 
23 
24 
25 
26 
27 
28 
29 
32 
34 
35 
36 
37 
39 
40 
41 
42 
43 
44 
45 
46 
Value, V 
0.1699 
0.1750 
0.1 746 
0.1 754 
0.1 769 
0.1773 
0.1789 
0.1768 
0.1789 
0.1789 
0.1790 
0.1789 
0.1796 
0.1769 
0.1799 
0.1740 
0.1499 
0.1739 
0.1762 
0.1717 
0.0040 
0.1759 
0.1779 
0.1799 
0.1 797 
0.1792 
0.1779 
0.1499 
0.1 607 
0.1550 
Eppley radiometer reading 0.1769. 
There were three test levels - (1) thermal shock, 
(2) high-temperature steady state, and (3) unscheduled 
thermal shock. 
(1) Since thermal-shock-rate predictions for the panel 
are subject to many possible errors, it is more advan- 
tageous to simulate the conditions that determine the 
transient than duplicate a predicted transient rate. Based 
on this reasoning, it was originally planned to establish 
solar simulator intensities, corresponding to the sun's 
intensity at certain times during flight, then turn off the 
simulator and allow the panel to cool. However, because 
of the uncertainty of the spectral characteristics of the 
solar simulator and the spectral sensitivity of solar cells, 
it was decided to bring the panel, and the associated 
fittings, to a particular steady-state temperature corre- 
sponding to a predicted cruise temperature during flight. 
Once this steady-state temperature level was obtained, 
the lights would be turned off and the temperature 
allowed to decay to a predetermined level. At this low 
level the lights would be turned back on, at the settings 
obtained during the previous steady state, and the panel 
allowed to heat until it reached steady state again. Per- 
forming the thermal shock test in this manner provides 
a worst case simulation of midcourse maneuver - i.e., an 
instantaneous 90 deg turn of the spacecraft both out of 
and into the sun. The steady-state temperatures selected 
for the start of the transients were based upon predicted 
cruise temperatures for launch L + 8 days and L + 50 
days. The rationale for choosing these particular days 
was that normally midcourse maneuver would occur at 
+L + 8 days, but the maneuver was unrestricted up 
to L + 30 days. Therefore, testing at L + 8 days was 
planned to provide a possibility of later correlation with 
flight data, while testing at L + 50 days to provide a 
TA level test more severe than the expected maximum 
of L + 30 days. A curve of the planned thermal-shock 
testing is shown in Fig. 15. 
(2) The predicted solar-panel temperature for encoun- 
ter E + 10 days is 260°F. An rms and worst-case error 
analysis was performed on this predicted number and 
resulted in establishing the solar panel steady-state TA 
test level at 300 O F .  However, subsequent discussion with 
the solar-panel cognizant engineer disclosed P-contact 
delamination problems at temperatures >284" F. There- 
fore, a decision was made to conduct the steady-state 
test at 284°F for a 60-h duration. 
(3)  Inherent in the planning of both the thermal shock 
and high-temperature steady-state tests was the intent 
to monitor the electrical performance of the solar panel 
at all times to ensure its proper qualification. It was 
learned, shortly before completion of the 60-h steady- 
state test, that this had not been done. It was, therefore, 
decided to extend the steady-state test an additional 24 h 
to provide adequate time to perform various electrical 
measurements. At 60 h and 28 min after the start of the 
steady-state test, an unexpected loss of electrical power 
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r 
to the solar simulation lights occurred. Correspondingly, 
the solar panel experienced an unscheduled thermal 
shock from +284"F to -48°F before the lights were 
placed back in operation (see Fig. 16). The panel tem- 
perature was then raised to 284"F, and the balance of 
the steady-state testing was completed. 
Test results for (1) the scheduled thermal shock, 
(2) the high-temperature steady state, and (3) the un- 
scheduled thermal shock are given, respectively, in the 
following paragraphs. 
items mounted on the solar panel did not always attain 
true steady-state temperature levels before or after the 
shock as had been planned. Therefore, maximum transient 
rates on these items were not obtained. However, the re- 
sults still appear to be of definite value in determining the 
transient rates that would apply in any further testing of 
these items. The results of the scheduled thermal shock 
test are presented graphically for the solar panel, attitude- 
control assembly, and TCR in Figs. 17 through 19. 
As shown in Fig. 17 the downward solar panel shock, 
from the L + 8 days level (133"F, 128 W/ftz), was 
33"F/min for the first minute and 29"F/min over the 
first 3 min. The returning upward shock was 43"F/min 
(1) The scheduled thermal shock test was performed as 
planned with one exception. Because of an oversight, the 
TIME (SEPTEMBER I, 19661, h :  min 
Fig. 16. Solar panel unscheduled thermal shock during steady state 
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for the first minute and 41"F/min over the first 3 min. 
For the L + 50 days conditions (168"F, 159 W/ft2) the 
down shock was 46"F/min for the first minute and 
32.6"F/min over the first 3 min, while the upward shock 
was 59"F/min for the first minute and 49"F/min over 
the first 3 min. 
Figure 18 shows the results of the transient at various 
locations of the attitude-control assembly. The thermal 
shock for the attitude-control assembly is not as severe 
as that of the panel which is probably attributable to 
several reasons: The mass of the assembly is concen- 
trated such that it has reasonably good heat capacity 
with a small radiating area; the upper portion of the 
assembly is shielded by a sunshade that reduces the ef- 
fect of a sun-dependent transient; true steady-state 
conditions were not reached in the assembly prior to 
initiation of the transient. The two data curves of 
Fig. 18 that most nearly approach steady-state condi- 
tions are essentially solar-panel temperatures at the 
mounting area rather than attitude-control assembly 
temperatures. In reference to the curves presented, it 
should be noted that this data is for the non-operating 
mode, only, and no account was made for operation of 
the jets. 
The data from the thermal control reference device 
is shown in Fig. 19. It should be noted that the thermal 
location designations and numbers appearing on Fig. 19 
are different than those shown in Table 5. Discussion 
with the TCR cognizant engineer indicated that the leads 
had been hooked up in wrong order, and the designa- 
tions on Fig. 19 have been corrected for this. This dis- 
cussion also revealed that the failure of the sensor 
temperature to return to its original level after the first 
transient was due to delamination of the aluminum foil 
sensor that was discovered upon completion of transient 
testing. This delamination invalidates the temperature 
information obtained after the initial downward shock; 
however, the data for that initial down shock agrees well 
with the panel reference temperature rate: 34"F/min 
for the first minute vs 33"F/min for the panel, and 
24.7"F/min over the first 3 min vs 29"F/min for the 
panel. The delamination was subsequently repaired, 
prior to steady-state testing. 
(2) The steady-state tests were initially uneventful. A 
steady-state panel temperature of 284°F was reached with 
a solar simulator intensity of approximately 306 W/ft2 
(Eppley). An indication of the corresponding steady- 
state temperatures for the attached items can be seen in 
the steady-state portions of Figs. 16 and 20 through 22. 
(3) As mentioned previously it was decided to extend 
the duration of the steady-state test to complete elec- 
trical measurements on the panel, and it was during this 
extension period that a complete electrical power failure 
occurred at JPL resulting in loss of power to the cham- 
ber's solar simulator. Without a heat source, the panel 
temperature fell rapidly, producing a severe thermal 
shock. When power was later restored, the panel was 
brought back gradually to 7'5"F, and the test was termi- 
nated until possible damage to the panel assembly could 
be assessed. Subsequent visual and electrical inspection 
revealed that 30% of the solar cells exhibited some 
damage, primarily in delamination of the electrical 
p-contact strip (the top contact) from the cell and that 
the panel power output capability had decreased ap- 
proximately 25%. 
The data for this shock are presented in Figs. 20 
through 23. Since asteady-state run was in progress at 
the time, data for the initial portion of the shock had to 
be extrapolated because of the lower sampling rate used 
during steady state. A steady-state data sample was 
taken at 16:45 (9/1/66). According to the facility log 
book the power loss occurred at 16:48; data sampling 
on 1-min intervals was initiated at 16:51. Therefore, 
Figs. 17 through 20 show the portion from 16:45 to 
1651 in dashed lines. When power was restored, the 
lights were placed back in operation sequentially to re- 
gain the steady-state temperature. 
Figure 16 indicates a transient rate of &4"F/min for 
the first minute and +63'F/min over the first 3 min 
for the solar panel. Figures 20 and 21 indicate the cor- 
responding transients for the attitude control system and 
DFR antennas respectively. Figure 22 shows the transient 
data given by the TCR. This TCR data compares well 
with that of the solar panel reference thermocouple indi- 
cating +52"F/min for the first minute and +61"F/min 
over the first 3 min. As in the normal thermal shock tests, 
the TCR indicates a wider total span of temperatures 
than the solar panel reference thermocouple. 
A detailed test and analysis program was conducted 
to investigate the solar panel failure. The cause of the 
problem was traced to mechanical stresses due to thermal 
shock induced into the panel during the chamber-light 
power failure. The solar-cell interconnecting wiring did 
not have the necessary compliance to protect the cells 
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during this period. An elaborate empirical testing pro- 
gram was conducted to test this analysis, the result of 
which indicated the analysis to be correct and that the 
panel probably would not have degraded significantly 
if light power failure had not occurred. 
111. Developmental and Special Investigative 
Environmental Testing 
For the Mariner Venus 67 program, many special 
developmental and investigative type tests were con- 
ducted to prove the feasibility and adequacy of the 
spacecraft hardware. A large majority of these tests were 
conducted at the subsystem level, using prototype or test 
hardware. Other tests were conducted on the structural 
test model (STM), the temperature control model (TCM), 
and in some cases, on the spare flight spacecraft (M67-1). 
The tests, which were not formal project requirements, 
were usually performed by cognizant organizations 
and/or systems personnel who felt that additional infor- 
mation was needed prior to formal testing. It is also 
pointed out that it would have been impossible to in- 
clude all of the developmental and investigative type 
tests in this report. The tests that are described have 
been included in an effort to illustrate the scope of the 
environmental test program; generally, they fall into 
one of the following categories: 
(1) Tests required to evaluate the expected environment 
(2) Tests performed to evaluate anticipated problems 
(3) Tests performed to determine compatibility be- 
(4) Tests resulting from other systems development 
These tests were used to confirm analyses, verify prob- 
lem solutions, and gather information essential to Project 
success. 
- 
tween subsystems 
problems 
A. System level 
1. Electromagnetic interference and electromagnetic 
compatibility tests. 
a. Live squib/S-band transmitter safety. The objective 
of this test was to investigate the 2297-MHz power level 
to determine if the radiation from the omnidirectional 
antenna on Mariner Venus 67 would be hazardous to the 
pinpuller squibs. The solar panel pinpuller locations are 
closer to the low-gain antenna on Mariner V than they 
were on Mariner A7. This test was performed to deter- 
mine the margin of safety for the new configuration 
without conducting a test on the M67-1 spacecraft that 
would require test time and test team manpower. It was 
important to obtain data early, in case a redesign was 
necessary. 
Description. The test was conducted with the Mariner 
Mars 1964 STM spacecraft. Four (Mariner IV type) solar 
panels were installed in the Mariner Venus 67 configura- 
tion - facing away from the spacecraft. Pinpuller brack- 
ets were installed in each of the comers formed by the 
solar panels in their folded position. The cable harnesses 
used for the test were four 9W38 cables and one 9W8 
cable. The shroud adapter and shroud were installed on 
the test spacecraft. The test was performed at JPL in the 
Spacecraft Assembly Facility. 
Test instrumentation. For the EM1 and electromag- 
netic capability (EMC) tests, a special RF power meter 
was built in the Laboratory. Previous measurements of 
the RF power that a squib would receive were subject 
to some uncertainty because of the measurement method 
used: An adapter from the squib harness connector to a 
type N coaxial fitting and a standard RF  power meter 
thermistor mount was then temporarily fixed at the squib 
location, and power readings were made with the test 
RF power levels radiating the spacecraft. One uncer- 
tainty resulted because of the use of the standard 50 
thermistor mount replacing whatever impedance a squib 
would present to the wiring harness. 
To eliminate the mismatch and reduce the uncertainty 
for these measurements, two thermistor mounts employ- 
ing an actual squib and bridgewire were assembled. A 
bead thermistor with a low-temperature time constant 
(2 s) was selected and attached to the approximately 
0.00175-in.-diam bridgewire with epoxy adhesive (no 
explosive was used). The thermistor was then incor- 
porated as a leg of a resistance bridge. A calibration 
was performed by varying the current flow through 
the squib bridgewire, measuring the voltage drop 
across the bridgewire (in case the bridgewire resistance 
varied with temperature), and noting the corresponding 
reading on the resistance-bridge current meter. The first 
thermistor mount was made from a pinpuller assembly; 
the other was machined from a stock piece of aluminum. 
The unit made from the pinpuller preserved the dimen- 
sions of the anterior explosive cavity. A power dissipa- 
tion of 1 mW on the bridgewire could easily be observed 
with either thermistor mount and with the resistance- 
bridge meter. 
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Since the maximum test power level was to be 31.6 W 
the maximum measurable power transfer ratio from the 
omnidirectional antenna to a squib bridgewire would be 
31,600 to 1, or 45 dB. If,no power could be noted as 
dissipated in the bridgewires, L then the isolation would 
be assumed to be >45 dB. Approximately 387 mW is 
required to fire a squib. 
Except for a high-power RF  source, the equipment used 
in the test series was standard laboratory equipment. 
Results. A preliminary measurement was made with 
the shroud removed before placing the spacecraft assem- 
bly in the test pit. The pit was to be used because live 
squibs would be installed for part of the testing. It was 
determined that the low-gain antenna should not radiate 
in excess of the 10-W level by more than 5 dB because 
of the possibility of damaging the unit. In the testing, a 
level of 31.6 W (5 dB above 10 W) was not exceeded. 
The tests described below deviated from the test plan 
when it was determined that the cable harness attenu- 
ated the RF  signal considerably. 
Test I: Cable harness RF transmission-loss test. This 
portion was a preliminary test to determine the loss to 
an R F  signal inserted into the bridgewire terminals at 
the 9Wl8Jl plug to verify that, in practice, an RF  heat- 
ing change could be detected with the power meter. 
Three tests were run. With one of the bridgewire leads 
grounded, two separate measurements were made. In 
the first, with 4.9 W of incident RF power (0.34 W 
reflected), an 0.8-mW reading was recorded at the 
bridgewire. This is a loss of 38 dB. In the second mea- 
surement, with 8.4-W incident power (0.56 W reflected) 
a 2.0-mW level was recorded. This is a loss of 36 dB. 
With one of the bridgewire leads not grounded, a loss 
of 39 dB was found. 
If a 36-dB loss in the harness leads (the minimum 
measured loss) is assumed, it can be seen that even a 
10-W input (approximately the maximum power from 
the transmitter) would supply only 2.38 mW to the 
bridgewire. Thus, it appears unlikely that any power 
picked up in the cabling could cause excessive heating 
in the bridgewire leads. 
Test ZZ: Low-power transfer ratio tests. This test was 
conducted with the two bridgewire thermistor mounts 
installed on the STM, attached directly on the pinpullers 
with C-clamps. With approximately 7.5 W radiated from 
the low-gain antenna, no power indication was measured 
in the bridgewire power meter. At the conclusion of this 
test the shroud was lifted, and a test was run to verify 
proper equipment operation. A level of 2 mW was re- 
corded at the power meter with 8-W incident power. This 
results in a 36-dB loss, similar to the results of test I. 
Since no power could be measured at all, the isolation 
from the omnidirectional antenna to the squib bridge- 
wires was in excess of 38 dB. 
Test ZZZ: High-power tests. This test was conducted 
with the maximum power, 31.6 W, radiated from the 
low-gain antenna with the shroud on. A pickup antenna 
was attached to pins f and r on plug 9WlSJ1, and a 
power reading was attempted again on the bridgewire 
power meter. No deflection could be observed. 
Live squibs were then installed at each pinpuller loca- 
tion, and the cable harness was connected to each squib. 
At the 9Wl8J1 plug, an adapter was attached with an 
18-in. lead on each pin that connected to a bridgewire 
terminal. The maximum level of 31.6 W was radiated for 
16 min. At the end of that period, the squibs were re- 
moved and tested by cognizant personnel. No change to 
either the resistance or dielectric constant of each squib 
was noted; the squibs were subsequentIy test-fired and 
the results revealed no evidence of degradation. 
- 
Test ZV: RF level measurements. In addition to the 
four pinpullers for the solar panels, one pinpuller was 
to be installed below the high-gain antenna. This loca- 
tion had not been determined at the time of the test, 
and a pinpuller or harness cable was not available. 
.. 
Some measurements were made to obtain an idea of 
the field strength at different locations, including that 
below the high-gain antenna. These measurements were 
made by radiating a known R F  level from the low-gain 
antenna and measuring the loss in that level at various 
locations with a test antenna and a field intensity meter. 
No exceptionally high levels were noted for the location 
under the high-gain antenna. 
Conclusions. This series of tests indicated that mere is 
no hazard to the pinpuller squibs in their new locations. 
The tests described under test I showed that, even in the 
improbable condition of 10 W at 2297 MHz being im- 
pressed across the bridgewire terminals at the harness 
main plug (JWlSJl), no hazard would occur. The high- 
power tests then showed no other coupling paths for RF  
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into the squib. The coupling loss tests described under 
test IV show that no excessive power levels exist at a 
location under the high-gain antenna. There appears to 
be a safe condition for the squibs in all locations. 
Cognizant pyrotechnics personnel formally investi- 
gated the squibs used in this test and determined that 
no evidence of degradation in their characteristics was 
apparent. 
- 
b. Antenna-coupling tests: DFR/S-band. 
Description. As a result of preliminary bench compati- 
bility tests of a Pioneer type dual-frequency receiver and 
an engineering model S-band transponder, it was desired 
to determine the RF  coupling between the antennas of 
the two systems. No formal requirements were estab- 
lished. The coupling measurements were performed at 
the antenna range, using the Mariner Venus 67 antenna 
test model (ATM) spacecraft. 
i 
i 
Results. The results obtained by the cognizant antenna 
personnel are shown in Table 13. 
Recommendations. Based, in part, on the results of the 
RF  coupling tests, R F  filters were recommended for 
the DFR receiver to ensure a margin of confidence in the 
interference-free operation with other subsystems. 
~ 
Follow-up activity. A bandpass filter for the VHF 
channel and a low-pass filter for the UHF channel of the 
DFR were procured and installed to ensure a sufficient 
noise-isolation margin. 
e. Preliminary noise-leuel measurements on v67-1 
spacecraft. The objective of these measurements was to 
attempt to identify RF  noise sources that could degrade 
the performance of the DFR experiment at 49.8 MHz 
and at 423.3 MHz. Because this was a developmental 
type of test there were no formal requirements for per- 
missible noise levels. The general requirement existed 
that the DFR should not be degraded by noise gener- 
ated by spacecraft systems. 
Description. These series of tests were performed prior 
to the formal delivery of the DFR to SAF. The measure- 
ment of RF  noise levels were made with EM1 equipment 
and with a DFR made available for a short period. 
Results. It was determined that there were several 
subsystems generating noise that could degrade the sen- 
sitivity of the DFR VHF receiver. No noise was observed 
at the UHF frequency. Noise sources were determined 
to be the following: 
(1) The power subsystem booster regulators 
(2) The power subsystem battery charger 
(3) The magnetometer during ignition 
(4) The gas jets 
(5) The DAS basic oscillator 
(6) The transponder cavity power converter 
(7) The transponder TWT power converter 
Significant findings. It was observed in the course of 
testing that the DFR VHF antennas on the STM and 
flight spacecraft exhibited approximately 4-dB more 
gain to internally generated spacecraft signals. This 
effect was investigated independently by cognizant an- 
tenna personnel, and it was verified that this did, indeed, 
occur. The only apparent difference between the an- 
tennas is that the. STM antenna is made with stainless 
steel conductor wires and the flight antenna has gold- 
plated wires. 
Recommendations. In general, it was desired to sup- 
press the noise from each of the above listed sources. 
Cognizant personnel recommended (1) that certain 
diodes within the power subsystem be changed to de- 
crease the noise; (2) that the basic oscillator crystal 
frequency in the DAS could be shifted to move an inter- 
fering signal out of the DFR VHF passband; (3) that the 
noise generation of the transponder be investigated; and 
(4) that ferrite shielding beads be installed in the science 
case harness connections to the DAS and in the upper 
ring harness to suppress noise at the DFR VHF fre- 
quency. Wrapping of the DAS interconnect harness was 
also recommended as a noise reduction method. 
Follow-up activity. The following changes were made 
to decrease the noise level at the VHF band: 
(1) The 1N1583 diodes in the power regulator were 
removed and were replaced with 1N3892 diodes. 
(2) Ferrite beads were installed in the ring harness 
close to the power regulators and in the science 
case harness connections to the DAS to suppress 
noise at the VHF band. 
(3) The DAS master clock frequency was changed 
from 444.444 to 443.406 kHz. 
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Metal mast (up) 
Oct. 19, 1966 
Fiberglass mast (up) 
Nov. 30, 1966 
Isolation 
between 
ransmit i~ 
receive 
antennas, 
dB 
- 
- 
- 
- 
- 
- 
57.0 
- 
- 
- 
45.0 
- 
- 
- 
- 
96.0 
80.0 
79.0 
- 
- 
- 
114.0 
92.0 
93.0 
- 
- 
power 
3 
- 
- 
- 
- 
- 
3 
- 
- 
- 
- 
- 
0.2 
- 
- 
- 
- 
- 
0.2 
- 
- 
- 
- 
- 
- 
- 
Table 13. Antenna coupling test results 
No most 
Sept. 30, 1966 
No mast 
Oct. 15, 1966 
___. 
ipprox. 
power 
rput, w 
Isolation 
between 
ronsmit 8 
receive 
mtennas, 
dB 
72.0 
64.0 
- 
- 
- 
- 
70.0 
74.0 
64.0 
65.0 
- 
- 
- 
- 
- 
- 
- 
- 
105.0 
91.0 
- 
- 
- 
- 
67.0 
64.0 
Isolation 
between 
kransmit 8 
receive 
antennas, 
dB 
69.2 
56.5 
54.5 
68.5 
- 
54 
Isolation 
between 
transmit 8 
receive 
antennas, 
dB 
76.0 
67.0 
61.5 
- 
- 
- 
Transmit 
antenna 
Receive 
antenna 
Frequency, 
MHz 
2115.7 UHF 
UHF 
UHF 
Low-gain 
antenna 
High-gain 
High-gain 
antenna 1 
antenna 2 
Low-gain 
Low-gain 
antenna 
High-gain 
High-gain 
High-gain 
High-gain 
antenna 
antenna 1 
antenna 1 
antenna 2 
antenna 2 
Low-gain 
antenna 
High-gain 
High-gain 
UHF 
UHF 
antenna 1 
antenna 2 
UHF 
Low-gain 
antenna 
High-gain 
High-gain 
UHF 
antenna 1 
antenna 2 
UHF 
UHF 
VHF 
UHF 
VHF 
UHF 
VHF 
UHF 
2297.6 - 
76.0 
- 
68.0 
- 
70.0 
68.0 
68.0 
57.5 
62.5 
63.25 
63.5 
93.0 
79.0 
79.5 
95.5 
79.0 
79.5 
78.0 
75.0 
73.0 
77.5 
71.0 
70.0 
- 
- 
UHF 
UHF 
UHF 
Low-gain 
antenna 
High-gain 
High-gain 
antenna 1 
antenna 2 
- 
- 
- 
103.0 
84.0 
87.5 
423.3 
49.8 
21 15.7 
low-gain 
antenna 
High-gain 
High-gain 
VHF 
VHF 
VHF 
antenna 1 
antenna 2 
Low-gain 
antenna 
High-gain 
antenna 1 
VHF 
VHF 
VHF 
low-gain 
antenna 
High-gain 
High-gain 
antenna 1 
antenna 2 
VHF 
VHF 
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(4) The DAS interconnect harness (9W21) was 
wrapped with two-sided aluminum-coated mylar 
over a braided bleed wire to reduce RF noise 
emitted from the DAS. 
In addition, special tests were performed in the labo- 
ratory on power subsystem items, the DAS, and the 
transponder, Some of these tests are described in other 
sections of this report. 
d .  Preliminary DFR/S-band EMC test on M67-1 
spacecraft. The objective of this test was to determine 
(with the receiver installed on the spacecraft) the degree 
of degradation of the DFR experiment after several 
noise-suppression fixes had been installed. Because this 
was a developmental test, there were no formal test re- 
quirements; however, a letter from the DFR experiment 
scientist stated the maximum permissible degradation as 
3 dB for the VHF channel and 1 dB for the UHF channel. 
Description. This test was performed with the follow- 
ing modifications incorporated in the spacecraft: ferrite 
beads installed in cable 9W21, cable 9W20 wrapped, the 
DAS oscillators tuned to 443.900 MHz. The spacecraft 
was in a fully assembled condition and was raised by 
nylon cables to a height of approximately 15 ft dur- 
ing the test. The spacecraft was in a fully assembled 
configuration. 
Results. It was determined that the degradation to the 
DFR VHF channel was approximately 3 to 4 dB, when 
the nonflight STM antennas were used, and 0.5 to 
1.0 dB, when the flight antennas were used. This value 
is referenced to the expected cosmic noise of 8000°K. 
Significant findings. An anomaly noted in this test was 
also observed during the preliminary noise investiga- 
tions - i.e., the noise difference observed when using the 
two different antennas. 
Recommendations. It was determined that all the fixes 
incorporated in the spacecraft should be added to the 
flight spacecraft and that a formal acceptance test 
should be performed on each spacecraft. 
Follow-up actiuity. The effect of a difference in noise 
level observed with the STM steel conductor wire an- 
tenna and the flight gold-plated wires was investigated. 
The independent testing performed at the antenna range 
also showed this effect, and it was reported that the 
gold-plated feeds were measured to have a far-field gain 
that was 6 dB greater than the STM feeds. However, for 
a signal radiated within the Mariwr Venus 67 mockup, 
the signal measured with the STM feeds was 4 dB higher 
than with the gold-plated feeds. This effect is attributed 
to differences in the near-field characteristics that occur 
when using the different feeds. 
e .  Umbilical line electromagnetic interference study. 
The objective of this study was to determine if con- 
ducted interference could couple to the umbilical lines 
and enter spacecraft circuitry to cause performance deg- 
radation of the spacecraft subsystems. 
Description. A search of current literature, a review 
of launch complex cable drawings, and a study of space- 
craft circuits associated with the umbilical wiring pro- 
vided information on worst cases for transients, coupling 
between adjacent wiring in cables, and circuit sensitivity. 
The worst-case power-line transient found on power 
lines in the launch complex exhibited the following char- 
acteristics: 1000-V amplitude, 100-ps duration, and rise 
and fall times of 1 @s. Coupling between wires (Figs. 23 
and 24) was based on the results of a Boeing study 
m 90 
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Fig. 23. Twisting and shielding effectiveness on magnetic- 
coupling attenuation spectrum 
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40 
30 
20 
io3 I 04 I 05 106 io7 
cn FREQUENCY, Hz 
Fig. 24. Shielding effectiveness on capacitive-coupling 
attenuation spectrum 
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(Report D2-90642-1, Seattle, Washington, December 31, 
1964). Typical circuits (Figs. 25 and 26) on the space- 
craft side of the umbilical interface were classified and 
analyzed in terms of sensitivity characteristics (see 
Table 14). 
The time domain transient waveform was converted to 
frequency domain representation, modified by appro- 
1 (a) CIRCUIT TYPE AT I 
I 
I 
I 
I I 
I 
I 
I 
I I 
L - _ _ _  1 _ _ _ _ _ _ _ _  L---J 
r----- -------- -7--- 
SPACECRAFT ' JUNCTION BOX OSE 
I 
AMPLIFIER I 
I P I -  , JUNCTION I 
Fig. 25. Typical circuits A and B 
! I  
7------1 --_ 
I 
+7 v 
1.2 _tL?; kO 
- -  - I  
SPACECRAFT 1. UMBILICAL JUNCTION B O X A  BLOCKHOUSE OSE L--- - _____-  _ _ _ _ _ _ . _  J 
Fig. 26. Typical circuits C and D 
Table 14. Sensitivity characteristics of typical circuits 
Fig. 
showing 
circuit 
diagram 
25a 
25b 
26a 
26b 
on spacecraft-umbilical interface 
I I Threshold sensitivityn 
*Estimated values. 
0.002 
0.0001 
0.005 29 
0.14 
priate coupling factors, reconstituted into the time 
domain and compared with the circuit threshold charac- 
teristics (Figs. 27-30). 
Results. This cursory worst-case analysis established 
the existence of a possible conducted interference prob- 
lem on all but one of the four typical circuit types exam- 
ined. It is worthy to note that this worst-case approach 
is success oriented; therefore, if the results indicated no 
interference problem, it would be a certainty. However, 
results indicating a marginal or definite interference 
problem require one or more iterations of a rigorous 
nature. Schedule and manpower limitations precluded a 
rigorous analysis and verification of the information used 
related to the interference transient level and coupling 
factors applied directly to the Mariner Venus 67 Program. 
- 
Significant findings. No problems were uncovered re- 
lated to large transients appearing on the umbilical lines 
on Mariner Mars 1964, either at JPL or at the Cape. 
Furthermore, no problems of this nature occurred dur- 
ing Mariner Venus 67 spacecraft processing through 
most of the SAF testing. The transient utilized in this 
analysis was determined to be not typical for power lines 
adjacent to the umbilical cable runs. The coupling fac- 
tors evolved by Boeing are only good as a first worst-case 
cull and can only verify a no problem certainty case. 
Recommendations. It is recommended that future pro- 
grams support effort to define typical interference levels 
that can appear on umbilical lines in the SAF Complex 
and the Launch Facility Complex. This will provide a 
realistic base for compatibility analysis of safety margin 
and/or establishing EM1 environmental test require- 
ments on umbilical lines. 
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Fig. 27. Composite of interference and sensitivity of type A circuits 
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2. Solar-pnnel-deployment test. 
a. Objective. The purpose of this test was to confirm 
the proper operation of the solar-panel-deployment mech- 
anisms in light of the modifications to the system re- 
quired to adapt to the Mariner Venus 67 configuration. 
In particular, it was necessary to verify (1) proper 
unlatching and separation of the solar panels from the 
revised boost damper attachment joints, (2) acceptable 
margin in available deployment spring torque to over- 
come the additional harnesses being routed across the 
hinge, (3) the dynamics of cruise damper latching result- 
ing from revised panel system inertias, and (4) the 
proper operation, under simulated deployment condi- 
tions, of the sunshade-deployment lanyards. 
b. Test configuration. The STM was mounted on a 
low-level positioner with the z axis of the spacecraft 
horizontal and bays I and V solar-panel-hinge axes ver- 
tical. The panels on bays I11 and VI1 were suspended by 
extension springs (1/3 lb/in.), adjusted to provide proper 
deployment simulation of these panels in the area of 
initial panel unlatching. The panels on bays I and V 
were fully ballasted and equipped with all harnesses 
and deployment hardware and a realistic simulation of 
the sunshade-deployment system. These two panels were 
allowed to fully deploy in this simulated zero-g position 
with the time to deploy recorded and proper separation 
and latching visually observed. The test setup in the 
deployed position is shown in Fig. 31. 
Tests were run using pneumatic pinpullers and flight 
pyrotechnic pinpullers. Harnesses across the hinge were 
varied from the minimum case of no harnesses to the 
maximum case of the worst flight-panel-hamess config- 
uration with the harness temperature at a conservative 
- 30 OF. Deployment spring torques were varied over 
the complete tolerance range. 
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Fig. 31. STM sQ~a~-panel-dep~Qyment t s
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e. Test results. The visually observed boost latch sep- 
aration and cruise damper latching at full deployment 
were satisfactory in all tests. The time to deploy a solar 
panel in the flight configuration was found to be an 
acceptable 6.0 s with a repeatability of &0.2 s. By vary- 
ing panel-deployment spring torque over its full range 
in conjunction with varying the sunshade deployment 
torque from 0 to twice nominal, deploy times were af- 
fected by a maximum of 0.4 s. Varying harness config- 
uration and temperature had negligible effect. 
d. Conclusions. Satisfactory performance was observed 
in all tests with the changes in solar panel and deploy- 
ment mechanisms being adequately qualified. Sufficient 
margin was exhibited by the apparent insensitivity in 
deployment times to gross variations in test configura- 
tion. It was predicted that in flight the panels should 
deploy smoothly and latch about 6 s after pyrotechnics 
are fixed. Actual flight data indicated that the panels 
deployed in slightly less than 6 s. 
3. Sunshade-deployment tests. During the Mariner 
Venus 67 project, several series of sunshade-deployment 
tests were conducted. 
a. Deployment tests on TCM. Sunshade-deployment 
tests were performed on the Mariner Venus 67 TCM 
using STM hardware. The purpose was to test a nomi- 
nal deployment at TA level and investigate deployment 
failure modes. The spacecraft was mounted on a modi- 
fied solar-panel stand and could rotate 360 deg about a 
horizontal axis supported by bays IV and VI11 (Fig. 32). 
The spacecraft was rotated in 90-deg intervals to four 
positions during the test to study gravity effects on the 
deployment mechanics. A simulated solar-panel attach 
point was used to release the shade lanyard in the cor- 
rect configuration and at the correct rate. 
A total of 15 fully and partially deployed tests were 
performed. No anomalies were noted during the stan- 
dard deployment modes. 
Failure mode investigation. Additional tests were per- 
formed to investigate maximum shirttail ball retainer 
tension, lanyard out of top guide condition, and a 
deployment-spring-assembly failure. 
A series of 7 tests determined that the maximum ten- 
sion to release the Teflon ball from the retainer should 
not exceed 150 g. 
Fig. 32. TCM mounted for sunshade deployment tests 
In subsequent failure mode tests, the shade in only one 
bay adjacent to the Sun sensors was deployed. The usual 
result was that the shirttail retainer in bay VI released, 
while the one in bay I1 did not. This condition in bay VI 
resulted in a loose shirttail that could interfere with the 
primary sun sensor if this failure occurred. In subse- 
quent testing, increasing the length of the tie from the 
shade to the ball prevented releasing in that failure 
mode. Full deployment tests were again run to verify 
release under normal conditions. As a result of these 
findings, the length between the teflon ball and the 
shade was adjusted and tied after the shade was in- 
stalled on the spacecraft. 
Another series of tests was performed to investigate 
a deployment-spring failure. The three failure modes 
tested were: (1) failure of the case bolt retaining the 
spring assembly, (2) failure of the screw attaching 
the shade to the spring, (3) one fractured spring. In this 
series of tests, the effect of gravity was very apparent, 
and the spacecraft was rolled about the + X ,  -Y axis to 
determine the net effect. 
Case 1 resulted in a partially deployed shade because 
the shirttail did not release. In cases 2 and 3 the shade 
deployed to its nominal position. Although it was diffi- 
cult to ascertain the effect of gravity in this series of 
tests, it was concluded that the main body of the shade 
would still deploy if one spring broke, although the 
adjacent shirttail retainer would probably not release. 
The nondeployment of the shirttail would affect the bay 
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temperatures, but could not interfere with the TRD field 
of view in bay IV or the primary sun sensors in bays I1 
and VI. 
Conclusions. It was difficult, if not impossible, to pro- 
duce a failure mode that would not allow the shade to 
assume a fully deployed position in bays I, 111, V, and VI1 
(discounting the failure of a solar panel to deploy). As 
a result of this series of tests and the MV-67 STM vibra- 
tion tests 1 and 2, the shirttail-retainer release-force tol- 
erance was established at a nominal 130 g. It was 
concluded that the shirttail in bays 11, IV, VI, and VI11 
might not deploy in certain failure modes; however, test 
data indicated this was unlikely. Should the shirttail have 
failed to deploy in flight, it would not have affected the 
mission success. 
- 
- 
failure to reproduce the folded edge revealed a similarity 
between this test and that of the STM shade C-102, 
which was used to perform TA deployment tests. Both 
shades had been subjected to several installation-and- 
removal cycles prior to the deployment tests, necessitat- 
ing the shirttail being folded and unfolded; and this 
action could have affected the test results. To verify if 
any prior repeated folding of the shirttail were related 
to the problem, another deployment test was performed 
on the M67-1 spare shade, C-104. 
Shade C-104. 
(1) Deployment test. The installation of the C-104 
shade on the TCM bus for this test represented the first 
time the shirttail was to be folded, except for the fold- 
ing necessary to install it in the shipping container. The 
installation was identical to the previous test on C-103. Flight shade deployment tests. Midway through the 
M67-1 vibration test, it was necessary to remove the C-103 
sunshade from the spacecraft for an inspection of the 
bus. During the process of removing the shade, the four 
bays were deploy-tested simultaneously by technicians 
releasing the individual lanyards. After the deployment, 
a fold was noted on the outer edge of the shade in bay VI, 
and the shade appeared loose in that bay, causing a PFR 
to be written. After reinstallation of the shade and com- 
pletion of the vibration test, a similar deployment was 
performed in the SAF to verify the problem. Two de- 
ployments were performed in SAF without recurrence 
of the folded edge. It was noted, however, that the last 
1/4 in. of travel in bays I and V was restricted by the 
lanyard tie configuration at the shade support tubes. 
The M67-1 flight sunshades SNs 103 and 104 were then 
removed from the SAF for further testing on the TCM 
bus in the shield shop. 
During testing there were four unreleased folds, two 
each in bays I1 and VIII. This configuration was not dis- 
turbed for 30 h to determine any movement caused by 
the deployment spring tension. After 30 h, the folds were 
still there, and no change was noticed. The test was re- 
peated with the Same results, 
- 
. 
(2)  Test summary. The initial deployment tests on the 
C-104 sunshade produced two edges with unreleased 
folds. Each of the four shirttails was folded slightly 
differently because of the spacecraft configuration (pri- 
mary sun sensors, separation timer, and hole for the 
TRD). The shirttail fold and the extent of the crease in 
the aluminized tape-reinforced edge upon installation 
can affect the deployed condition. The loose and wrin- 
kled appearance caused by the lanyard tie on the pre- 
vious test was not noticed. 
Shade C-103. 
(1) Deployment tests. The flight shade C-103, which 
had been through FA vibration and five installation-and- 
removal cycles to this point, was installed on the TCM 
and deployed two times in each of four positions. Each 
test was performed with a nominal deployment time of 
6 s. The shade was deployed eight times without a fold 
being noted in bays 11, IV, VI, or VIII. In each test, the 
lanyard tie to the shade support tube in bays I and V 
caused wrinkles in the shade. 
(2)  Test summary. The test failed to reproduce the 
folded-edge problem noted on the PFR, although it did 
uncover the cause of the excessive loose and wrinkled 
appearance of the shade in bay VI. Invesitgation of the 
Conclusions. The following conclusions were drawn as 
(1) The 1-mil aluminum foil layer in the tape was 
weakened with repeated folding, which prevented the 
retention of the fold after deployment on the STM and 
the M67-1 C-103 sunshade tests. 
(2) The lanyard tied over the teflon shade material at 
the support tubes could cause shade distortion and pre- 
vent the last 1/4 in. of travel in attaining the fully de- 
ployed position. 
(3) The folds would not affect the mission success or 
the shade performance. The worst that could happen 
was the exposure of approximately 1 in. of the bay I1 
shear-web can to solar radiation; and should the folds 
a result of these tests: 
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be present, adequate 
hardware in bays IV, 
margin existed not to expose any 
VI, or VIII. 
Corrective action. 
(1) To ensure a more uniform installation of the sun- 
shade and reduce the probability of the folds not releas- 
ing at deployment, the fold points were defined and a 
line scribed through the aluminum layer of the tape at 
that location to reduce the stiffness. 
(2) The shade configuration at the lanyard attach 
point on the four support tubes was also modified, allow- 
ing a direct tie to the tube. 
Sunshade C-103 was modified, and tests verified the 
fixes prior to modification of the flight shades C-104 
and C-105. 
b. Storage deployment test. This test was performed 
to evaluate a sunshade deployment after approximately 
3 wk in the stowed position on a spacecraft. The time 
period approximates the period from installation of a 
shade on the spacecraft at the explosive-safe facility 
(ESF) to launch. 
Configuration. The TCM bus and test hardware were 
identical to that used for the initial deployment test. The 
sunshade assembly tested was the M67-1 flight spare, 
and the deployment springs were a flight-spare set. The 
shade installation was performed according to assembly 
procedure. 
Test summary. The configuration was stored for 
20 days with the shade in the stowed prelaunch condi- 
tion and the spacecraft in a vertical position. After this 
period of time, the shade lanyards were released, the 
shade was deployed in approximately 6 s ,  and the space- 
craft was positioned with the Z axis horizontal. No 
anomalies were noted during, or after, deployment. 
Conclusion. Thus, the 20-day storage time had no 
effect on the shade deployment and indications were 
that it could be stored for a much longer period with 
the same results. 
4. Sunshadeadapter tests. Two series of tests were 
performed to determine the interactions between the 
Agena adapter and the spacecraft sunshade under vari- 
ous failure modes. 
a. Preliminary sunshade hangup test. The preliminary 
hangup test was performed to investigate the failure 
modes of a premature sunshade deployment and its ef- 
fect on the spacecraft separation from the Agenu adapter. 
Test configuration. The test configuration consisted of 
the STM less solar panels, antennas, upper thermal blan- 
ket, and Agena adapter EM 476 (with push-off springs). 
~ 
The TCM lower thermal shield, 101, and a test sun- 
shade with STM deployment springs were installed on 
the spacecraft (Fig. 33). In the absence of solar panels, 
the shade-release lanyards were taped to the louver 
housing in bays I, 111, V, and VI1 to secure the shade in 
the stowed position. 
The spacecraft was suspended from a hoist with 
short, attach cables. It was necessary that the space- 
craft be level and balanced to depress adapter springs. 
This was done by placing lead-shot weights on the 
upper ring. 
A 1000-lb-rated load cell was installed in the hoist 
cable to measure separation loads. A recorder was used 
to measure time vs load. Three cameras were equally 
spaced around the spacecraft to record its motion dur- 
ing separation. 
. 
Test sequence and results. A hoist pulled the space- 
craft from the adapter with the sunshade in various con- 
ditions of deployment. Hoist loading was monitored 
with a load cell and recorded on an oscillograph. Photo 
coverage was obtained with three motion picture cam- 
eras, equally spaced around the STM. Camera speeds of 
128 frames/s were used. 
A total of seven separations were performed. The re- 
sults are summarized in Table 15. 
Conclusions. The test demonstrated that the addition 
of simple bumper brackets to the adapter PAS and in- 
flight disconnect bracketry would eliminate the possi- 
bility of spacecraft hangup if the sunshade were to be 
deployed early. Also, the adapter pressure transducer 
could be easily relocated to a position clear of the 
sunshade. 
From the high-speed movies of the test, it was ob- 
served that the peak value of the drag force occurred 
right after the separation springs were fully extended. 
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Table 15. Preliminary sunshade-hangup-test results 
Test condition 
Shade stowed 
Shade deployed in adapter 
Deployed bay V only 
Test conditions 
Shade stowed 
Results 
Nominal separation to ob- 
tain baseline data 
Slight hangup on spring 
at corner F, resulting in 
bent rod o n  shade in 
bay V 
Same as runs 3 and 4 
Shade deployed in  adapter 
Shade deployed in adapter; 
rerun of run 3 with shade 
repaired 
Shade deployed in adapter; 
angled bumper fitted to 
in-flight bracket 
Shade deployed in adapter; 
near vertical skid rail fitted 
to in-flight bracket 
Shade deployed on bay I (PAS 
bay) only; skid rail fitted 
to inflight bracket 
Results 
Nominal separations used to 
obtain baseline load cell 
data 
Severe shade hangup on in- 
flight disconnect bracket. 
Fig. 34 
Same as run 3 
Shade hangup on bumper 
No damage to shade; tempo- 
rary snagging noted on 
PAS bracket and pushoff 
springs 
Same as run 6, bay I only 
Fig. 34. Sunshade hangup on inflight disconnect bracket 
From this information and the assumption that a real 
separation has the same drag force characteristics as that 
obtained from test, the result of the calculation showed 
that the maximum pitch rate would be 8.13 deg/s about 
the principal axis of the spacecraft. This worst case was 
very conservative, based on all the drag energy acting 
at one discrete point - the inflight disconnect bracket 
location. 
b. Final sunshade hangup test. The final hangup tests 
were then performed (1) to verify Lockheed designed 
adapter sunshade guides on the inflight disconnect 
bracket and pyro arming switch bracket, and (2) to fur- 
ther investigate the failure modes of a premature sun- 
shade deployment and its effect on the spacecraft 
separation dynamics. 
c. Test configuration. The Mariner Venus 67 STM and 
the Agena adapter EM 476 were used for this test, which 
was conducted in the environmental test laboratory. 
- 
The hoist cable was instrumented with a 1000-lb-load 
cell to record the difference in loading when the space- 
craft was lifted from the adapter with and without the 
sunshade deployed. The hoist’s vertical lift speed was 
2.35 i d s .  
Two motion picture cameras were used - opposite 
bays V and I - to  record the spacecraft motion. Five 
accelerometersg were located on the spacecraft’s struc- 
ture to record acceleration and dynamic-load data. 
d .  Test description. The spacecraft hoist cable was 
preloaded to 200 lb, and the four separation springs pro- 
vided 280 lb preload, which provided a total of 480 lb, 
or a net difference of 60 lb additional force required to 
begin lifting the 540-lb spacecraft. The purpose of this 
preloading was to lift the spacecraft initially with mini- 
mum transient from the hoist mechanism. The output 
of the transducers was recorded on magnetic tape start- 
ing at the time that the hoist was switched on. 
- 
A total of five separation tests were performed. 
Table 16 gives a summary of the results. 
As the spacecraft separated from the adapter, the shade 
support tubes in bays I, 111, V, and VI1 came in contact 
’Model 2213C manufactured by Endevco, Pasadena, Calif. 
Table 16. Results of sunshadeadapter separation tests 
Run 
1 a n d 2  
3 and 4 
5 
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with the extended push-off springs at corners B, D, F, 
and H. The resulting effect, which is best described as 
similar to running a stick along a picket fence, occurred 
between the shade tubes and the springs during 
separation. This condition resulted in bending the tube 
in bay V approximately 1 in. out of plane before the 
spacecraft was clear of the adapter. The bay V tube was 
the only one damaged in this manner, caused by its par- 
a. Hardware description. 
Antenna test Early in the program an 
test model (ATM), which was a crude flight-type mock- 
up of a Mariner V spacecraft, was constructed and tested 
to determine as early as if any major antema 
pattern problems existed. This mockup (Fig. 35) was 
built mostly of sheet metal and wire screen. 
tially d e ~ l o ~ e d  position in the adapter. The peculiar 
Position is caused the Other end Of the tube bearing 
Second antenna model, m e  final full-scale antema 
patterns for more precise records were measured with 
against the in-flight disconnect protective shield. The 
tube was straightened between lUns and the Same 
apparent after each run. 
the developmen~l test model (DTM) spacecraft. me 
DTM was assembled as a flight-type spacecraft, except 
were not included on the solar panels and most of the 
experiments were detailed mockups. The external con- 
figuration (Fig, 36) was well within 0.1 in. of flight- 
hardware dimensions. 
was in three runs* No Other damage was that the cases did not contain electronics, the solar cells 
During this test, acceleration and dynamic-load data 
relative to spacecraft separation dynamics was obtained. 
e. Test results. The results of these tests were as 
follows: 
(1) Separation of the spacecraft from the adapter with 
the sunshade deployed was completed without serious 
damage to the shade. The addition of the Lockheed 
hardware, as described, was successful in preventing the 
shade from snagging. The damage noted in bay V would 
have no effect on the mission success. 
(2) It must be noted that the separation rate during 
these tests was limited to the hoist speed. The hoist con- 
stant velocity of approximately 3 in./s compares with the 
minimum differential velocity between the spacecraft 
and the Agena of 2 ft/s after separation. Although the 
time vs velocity profile was considerably different for 
the sunshade hangup test, it was believed to be con- 
servative to shade damage. 
(3) The maximum tip-off rate induced by the pre- 
deployed shade was 2.13 deg/s. Most of that rate was 
contributed by the shade support-tube's momentarily 
snagging in bay V. 
(4) The combined tip-off rate caused by the shade 
prematurely deployed and the spacecraft cg offset would 
be 3.54 deg/s. This was in excess of the 3 deg/s limit 
given in an Engineering Document and did not account 
for any other effects on separation dynamics (e.g., push- 
off spring tolerance). 
5. Full-scale antenna-pattern tests. Mechanical support 
was provided for obtaining preliminary and final Mariner 
Venus 67 spacecraft full-scale antenna patterns. 
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Fig. 35. Antenna test model 
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Fig. 36. Developmental test model 
Agena adapter and forward equipment rack. A mock- 
up of the Agena adapter and a portion of the forward 
equipment rack were constructed for S-band full-scale 
antenna patterns taken with the spacecraft in the launch 
configuration. The mockup was basically 1/2-in. alumi- 
num tubular frames covered with wire structure cloth 
(Fig. 37). This mockup was secured to the steel mast. It 
was mounted stationary, but still allowed the spacecraft 
to rotate independently in the roll direction. 
Spacecraft roll positions. The spacecraft roll positioner 
permitted remote control of spacecraft roll position 
while the DTM was mounted to either of the two exist- 
ing support masts. (The steel mast was used in the 
S-band antenna measurements and the antenna labora- 
tory fiberglass mast was used in the DFR antenna mea- 
surements.) The structure consisted of a steel spider 
weldment made up of eight square-tube legs welded 
radielly to a center hub that mounted over the shaft of 
the mast. The ends of each of the legs were secured 
to the lower ring of the spacecraft. A drive mechanism 
mounted to the spider rotated it with the spacecraft. 
Steel mast erection system. A mast erection system was 
designed and adapted to the spacecraft support steel 
mast to ensure a safer raising and lowering of the DTM 
spacecraft as well as to expedite the stowing of the space- 
craft in case strong damaging wind or rain were encoun- 
Fig. 37. Mockup of Agena adapter and part of forward 
equipment rack 
tered during antenna pattern measurement. The system, 
shown in Fig. 37, consists of a hydraulic pump and mo- 
tor assembly, regulators, check valves, control valves, 
plumbing and a large hydraulic jack. The hydraulic jack 
raises and lowers the mast by acting on a steel arm 
welded to the mast. 
S pacecraft-support-must proof tests. 
(1) Antenna fiberglass mast. A static proof test of the 
Antlab positioner and fiberglass mast setup was success- 
fully performed. The purpose of this test was to determine 
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that the positioner and mast could withstand wind 
loading. For a wind velocity of 67 mi/h with the solar 
panels deployed, the loading would be approximately 
when the spacecraft was moved in azimuth until the 
vertical hairline of the transit fell in line with the center- 
line of the transmitting antenna. 
45,000 ft-lb. 
b. Test description. 
(2) Roll positioner. A simulated dynamic test of the 
mast and spider mounting assembly was successfully 
conducted to ensure safety when raising or lowering the 
DTM. A dead-weight load factor of 3.5 X the actual 
weight (372 lb) of the spider assembly and DTM was 
established as the total load required for the simulated, 
dynamic proof test. 
(3) Steel mast hydraulic erection system. This hydrau- 
lic erection system was proof tested to ensure a safe 
raising and lowering of the DTM and (looking into the 
future) the Mariner Mars 1969 antenna model spacecraft. 
The proof test was done in two phases: in the first phase, 
the erection system was subjected to a static load equiva- 
lent to 3% X the sum of the estimated weight (350 lb) 
of the Mariner Mars 1969 antenna model, plus the weight 
(200 lb) of the roll-positioner assembly; in the second 
phase, the erection system was subjected to a static load 
(independently in two opposite directions) equivalent to 
1% X the force created by a 65 mi/h wind velocity 
acting on the greatest wind-resistant surface area of 
Mariner Mars 1969. The mast was not mechanically locked 
during these tests, other than through its own hydraulic 
system. 
(, 
Mechanical alignment. Measurements were made to 
establish the proper spacecraft and spacecraft positioner 
orientation and angular references for S-band and DFR 
antenna patterns. The alignments were made to estab- 
lish a zero reference for spacecraft roll (clock angle), 
pitch, and azimuth relative to either of the transmitting 
antennas (the 9-ft dish illuminator antenna at the 730-ft 
DFR range and the 10-ft illuminator antenna for S-band 
at the 3600-ft East Mesa range). 
The relationship of the high-gain antenna to the X ,  Y, 
and Z axes of the DTM bus was established, and coordi- 
nate lines were scribed on the upper and lower bus rings. 
The zero-degree spacecraft cone angle (azimuth) was 
obtained with a K & E transit modified into a bore sight 
fixture. This fixture was mounted and aligned onto 
bay VI such that the plane cut by the transit's line of 
sight coincided with the plane established by the set 
of scribed coordinate lines of bays VI and 11. After the 
spacecraft 2 axis was set to the correct clock angle, 
the zero-degree spacecraft cone angle was established 
DFR full-scale antenna patterns. The 730-ft range on 
the Mesa was used for the DFR (49.8 and 423.3 MHz) 
full-scale antenna patterns. The ATM antenna model 
was used for the preliminary measurements, and the 
DTM was used for the final measurements. In general, 
the antenna model was mounted to the Antlab erected 
fiberglass mast and was in the cruise configuration. The 
solar panels were deployed and held in that position by 
fiberglass support rods. The sunshade on the DTM an- 
tenna model was alternately nested and deployed for 
these measurements. 
S-band full-scab antenna patterns. The 3600-ft East 
Mesa range was used for the S-band full-scale antenna 
patterns, In general, the antenna model was mounted to 
the erected steel mast in the cruise configuration. The 
solar panels and .&shade were deployed. Data were 
also taken with the DTM in the launch configuration 
with solar panels and sunshade nested and with the 
Agena adapter and forward equipment rack in place. 
6. Stray-light-reflection tests. Two series of spacecraft- 
reflection tests were performed in the celestarium to 
check the stray light interactions of the spacecraft, pri- 
marily the sunshade, with the optical sensors. 
a. Preliminary sun sensor-thermal-shield compatibility 
test. The purpose of this test was to determine the sun- 
sensor null offset caused by sunlight reflecting into the 
detector cavities from the Mariner Venus 67 thermal 
shield. 
Test description. The DTM bus containing a proto- 
type lower thermal shield and sunshade was used. One 
primary sun sensor was mounted to its regular pedestal; 
the other one was moved to within 6 in. of the first one 
to allow both sensors to be illuminated by the heliostat, 
which provides a 24-in.-diam sun bundle (Fig. 38). The 
second sun sensor was also elevated 6 in. above its nor- 
mal position to avoid reflections into its detector. 
The DTM was tilted by means of screw jacks to 
achieve a sun sensor null condition while the sunlit por- 
tions of the thermal shield were covered with coffin 
cloth. After achieving a null output, the coffin cloth was 
removed and the null offset readings were taken. This 
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light to be reflected away from the detectors because of 
the angle induced in the shade. 
TM preliminary sun sensor fest 
technique was used to evaluate the following sunshade 
configurations: 
Loosely draped 
Taut 
Heavily sagged 
Folded into the retracted position 
Outer edges lowered approximately 1.5 in. 
Partially extended (failure mode) 
Thermal shield removed 
Results. It was found that, by manually raising the 
outer edge of the sunshade, light could be reflected 
directly into the sensor detectors, causing large null off- 
sets. This could not happen unless the shade broke loose 
from its supports. 
This test, which approximated a worst-case condition, 
indicated that null offsets of <130 mV were caused by 
the sunshade. This offset represents 0.7 min of arc as 
compared with the 2-min tolerance allowed the primary 
sun sensor at room temperature. The addition of this 
effect to all other tolerances that could contribute to the 
sensor error results in a worst-case offset of approxi- 
mately 3.8 mrad. The Mariner Venus 67 tolerance on the 
null offset is 5.5 mrad. 
It was also found that raising the sunshade in an area 
immediately adjacent to the sensor pedestal caused the 
68 
Conclusion. The test indicated that the sunshade could 
be designed so that its effect on sun-sensor performance 
would be tolerable. 
b. Final spacecraft reflectance test. The purpose of 
this reflectance test was to map the spacecraft with the 
existing light source to determine sources of stray light 
that might degrade the performance of the sun sensors, 
planet sensor, terminator sensor, and Canopus sensor. 
- 
Description. The TCM containing all exterior hard- 
ware except for antennas and upper thermal shield was 
installed on a portable stand; two solar panels were also 
provided (Fig. 39). The effects of the stowed and de- 
ployed flight sunshade on the primary sun sensors were 
evaluated under various failure modes. The same ap- 
proach was used as during the preliminary test. 
The effects of s&ay light through the sunshade and 
off spacecraft sunlit items were accurately measured at 
the other celestial sensor locations. 
Results. The normal folded- and extended-sunshade 
configurations produced only slight null offsets on the 
sun sensors. Two failure modes, however, produced up 
to 5.0 V offset which is far above the established accept- 
able error of 1.2 V. The first failure mode was simulated 
by extending one thermal shade panel approximately 
half way, as might occur if an extension spring broke. 
Pig. 39. TCM for final spacecraft reflectance test 
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This allowed the loose shade material to assume various 
positions, if a zero gravity field is assumed. Some of 
these positions intersected the sensor's field of view, 
Various positions and configurations were checked by 
supporting the shade material with tissue paper to over- 
come the 1-g field, The worst possible configuration pro- 
duced approximately 5-V offset. 
shielded enclosure with the subsystems placed in close 
proximity on a conducting surface. Each subsystem was 
calibrated, and its operation was determined to be nomi- 
nal while the other test subsystem was turned off. After 
cognizant personnel were convinced that the operation 
of the equipment was nominal, the two subsystems were 
adjusted to operation close to threshold. 
- 
The second failure mode that caused a 5-V error was 
a so-called shirttail failure. This would occur if the two 
shade panels adjacent to a sun sensor remained in the 
folded position and the shade material between these 
panels was extended toward the sun sensor. 
various test configurations were used to determine 
the degree of interaction between the two subsystems. 
~i~~~~ 40 shows a typical test used in this 
sequence of tests. 
In particular, the sequence of tests was intended to 
determine the following characteristics: There was no significant stray light impingement on the other celestial sensor locations sufficient to affect 
(1) The interference coupling through a mutual power their performance. 
Conclusion. There was a possibility of serious degrada- 
tion of sun-sensor performance resulting from a sun- 
shade failure. The out-of-tolerance sun sensor null offset 
would affect the midcourse maneuver, accordingly. The 
performance of the other celestial sensors would not be 
impaired by stray light from the spacecraft in the nomi- 
nal case. If the sunshade failed to deploy, the perfor- 
mance of the planet sensor could be impaired. 
B. Subsystem level 
supply 
(2) The interaction of local oscillator harmonics be- 
tween the S-band receiver and the DFR-UHF 
receiver 
(3) The interaction of local oscillator harmonics be- 
tween the S-band receiver and the DFR-VHF 
receiver 
(4) The interactions between the S-band transmitter 
power level at 2295 MHz and the DFR VHF 
channel 
- 1. Electromagnetic interference-electromagnetic ca- (5) The interactions between the S-band transmitter 
power level at 2295 MHz and the DFR VHF pability tests. 
a. Bench compatibility test on Mariner Venus 67 S-band 
transponder and Pioneer DFR. The DFR and S-band 
transponder tests had the following objectives: 
(1) To evaluate the performance of each subsystem 
while operating with a common power supply 
(2) To evaluate the RF interactions between the two 
receivers for each channel 
(3) To obtain RF  spectrum signature data on the two 
subsystems to be utilized in evaluating compati- 
bility with other spacecraft subsystems 
- 
channel 
(6) The interference effects to the DFR 423.3 MHz 
(UHF) channel from the following intermodula- 
tion products: 
2115.699800 MHz - 4 X 423.300000 MHz 
= 422.499800 MHz 
6 X 423.3oooOO MHz - 2115.699800 MHz 
= 424.100200 MHz 
(7) A radiated spectrum measurement of the S-band 
transponder 
The tests were desired because of the late delivery of 
a DFR. It was desired to obtain, at an early date, results 
that would show the possibility of interference between 
the two RF  systems on the spacecraft. 
(8) A radiated spectrum measurement of the DFR 
Resultsts. A of the for each of the 
planned tests is given below: 
Description. The two subsystems were operated with 
checkout equipment. The test was performed in a 
(1) It was not possible to operate the two R F  systems 
from a common power supply because the DFR was a 
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. Typical test configuration, /S-band transponder 
Pioneer configuration model. The two units were oper- 
ated in close proximity on a common ground plane and 
no interference was observed. 
(2), (3) No local oscillator interference was observed. 
However, it was determined that the 2295-MHz down- 
link signal should be isolated by at least 60 dB from the 
inputs to the DFR to avoid degradation. 
(4) With the ranging loop on in the S-band transpon- 
der, there was interference with the DFR UHF channel. 
This interference apparently requires that an S-band R F  
level at downlink frequency enter the DFR and that 
RF levels generated within the DFR UHF receiver en- 
ter the transponder. This interference occurs as a self- 
lock problem within the S-band system. No interference 
occurs with the ranging loop off or with at least 13 dB 
of isolation between the two units. 
(5)  No interactions were observed between the DFR 
VHF receiver and the S-band transponder. 
(6) No interference to the intermodulation products 
was noted. 
(7) Noise at 49.8 MHz was observed to be generated 
by the transponder TWT. Lack of time precluded an 
extensive spectrum signature. 
(8) A lack of time prevented a spectrum signature of 
the DFR at this time. (A signature was made of a 
A4uriner Venus 67 DFR during the subsystem qualifica- 
tion tests.) 
Significant findings. A significant finding in this test 
was that the S-ban3 transponder could be jammed by 
noise or discrete components from the DFR when the 
ranging loop was operated. 
Recommendations. The following recommendations 
were made based on the results of this test: 
(1) A filter, preferably a bandpass, at the input to 
each DFR channel would prevent the 2297.5-MHz level 
from degrading the DFR. If such a filter were bidirec- 
tional in the 423.3-MHz channel, it would also isolate 
the spurious signals generated within the DFR at the 
S-band receiver frequency. Bandpass filters would also 
prevent noise from entering at the image frequencies. 
(2) A filter at the output of the S-band transmitter to 
prevent radiation of noise at 49.8 MHz and 423.3 MHz 
would ensure that the DFR channels would not be de- 
graded in sensitivity. 
(3) The following antenna coupling measurements 
should be made to analyze the potential mutual inter- 
ference between the two RF subsystems: 
(a) The coupling of 2297.5 MHz from the S-band 
antennas to each DFR antenna should be deter- 
mined. 
(b) The coupling between the S-band antennas 
and the corresponding DFR antennas at 49.8 MHz 
and 423.3 MHz should be determined. 
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(c) The coupling between the DFR 423.3 MHz 
antenna and the S-band antennas at 2115.7 MHz 
should be determined. 
It was also recommended that in a spacecraft com- 
patibility test of the flight transponder and the DFR the 
following should be included in the test plan: 
(1) Determine whether the new S-band filters in- 
stalled in the transponder would alleviate the interfer- 
ence to the DFR. 
(2) Determine degradation to the DFR with 
(a) Determine the degradation of the DFR 
when a clean 2297.5-MHz signal (filtered to re- 
move noise at the DFR frequencies) is coupled to 
the DFR. 
(b) Determine the degradation of the DFR in 
the absence of the 2297.5-MHz signal. Allow only 
the noise from the transmitter to couple to the 
DFR. 
(3) Determine the degradation of the S-band receiver 
when tightly coupled to DFR with ranging off and with 
ranging on. 
(4) Determine in a bench test of the DFR alone the 
degradation with a power level at 2297.5 MHz inserted 
at the input to each channel. 
II 
- 
2297.5 MHz and noise present. 
Follow-up activity. 
(1) Filters were procured by DFR cognizant person- 
nel. A bandpass filter was selected for the VHF channel 
and a low-pass filter was selected for the UHF channel. 
These filters were installed external to the DFR. 
(2) Antenna coupling tests were performed by cogni- 
zant personnel. 
(3) A series of system compatibility tests was per- 
formed to verify compatible operation. These tests are 
reported elsewhere in this report. 
b. Bench compatibility test of Mariner Venus 67 
S-band transponder and flight-type DFR. This test was 
performed to verify that the VHF and UHF filters ob- 
tained for the DFR did, indeed, reduce the interference 
caused by the 2297-MHz S-band signal and that the 
interference to the ranging loop was eliminated. 
Description. The first test with a Pioneer-type DFR 
and the prototype S-band transponder showed that, 
when the two units are tightly coupled with direct co- 
axial lines, the transponder is jammed when the ranging 
loop is on. This interference may be caused by discrete 
RF levels generated within the UHF channel when a 
strong-level S-band signal is present. The filter selected 
to eliminate this trouble associated with the UHF chan- 
nel was a low-pass filter. A later test, using the Mariner 
Venus 67 S-band transponder and flight-type DFR was 
conducted by physically connecting the DFR and the 
engineering model transponder SN 3. Figure 41 shows 
the configuration used for the test. The S-band receiver 
was operated in the receive low, transmit high, RF  power- 
up mode with a received signal level of -130 dBmW. 
The tuning stub shown in Fig. 41 is required for proper 
termination. The stub was adjusted to permit a 0-dBmW 
incident R F  level to the DFR. The S-band system was 
monitored by the transponder OSE. 
Results. When the S-band transponder is operated 
while connected in a tight configuration as shown in 
Fig. 41 there is an immediate jamming when connected 
to the UHF recei;er without the low-pass filter. Inser- 
tion of the filter eliminates the interactions. The jam- 
ming is manifested by a large positive voltage occurring 
on the S-band receiver phase-detector and the AGC 
voltage decreases as it would for an increased signal 
strength. Without the filter, 55 dB isolation was required 
to eliminate the interference. 
A 30-dB degradation was observed on both DFR 
channels with the filters inserted or removed. The degra- 
dation occurred with the TWT on and did not occur 
with the S-band cavity amplifier. 
Significant findings. The degradation observed with 
the filters installed appeared to indicate that the TWT 
amplifier was emitting noise at the VHF and UHF fre- 
quency bands that would affect the DFR sensitivity. 
Recommendations. No formal recommendations re- 
sulted, but an additional test to determine whether noise 
was generated by the TWT at the VHF band was con- 
sidered necessary. 
Follow-up activity. This test was performed at the 
VHF frequency only because at the time a sufficiently 
sensitive receiver for the UHF band was not available. 
A test on the engineering model (SN 3) transponder 
showed that the level of noise at 49.8 MHz emitted by 
the TWT was -100 dBm in a 45-kHz bandwidth. Since 
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Fig. 41. Bench compatibility test of transponder and DFR 
the antenna isolation was expected to be >73 dB, the de- 
gree of DFR VHF degradation contributed by the TWT 
would be negligible. 
c. Power subsystem noise measurements. 
Regulators. A series of measurements was made of a 
breadboard model power regulator to determine the 
reduction in noise at 49.8 MHz with a change of diodes. 
A reduction of noise at this frequency was desired to 
reduce the degradation of the DFR VHF receiver. 
Power cognizant personnel had suggested the replace- 
ment of the diodes as a means of reducing RF  noise. 
This test provided only qualitative information on the 
degree of noise reduction with a change in diode com- 
ponents. Measurements were made using a tuned probe, 
a current probelo and a portable receiver assembled by 
Stanford University personnel. The measurements were 
made in a test laboratory on a breadboard model power 
regulator (case 8). Measurements were first made with 
the original diodes (1N1583) and then again after re- 
"Model 91550-1, manufactured by Stoddart Electro Systems, Di- 
virion of Tamar Electronics, Inc., Gardena, Calif. 
placement with faster diodes (1N3892). The readings 
were taken at various chassis points and each cable. 
The readings showed that there was a significant re- 
duction in the noise at 49.8 MHz. Because the tuned 
probe measurements were made in close proximity to 
the chassis, no attempt was made to convert the read- 
ings to field strength values. The current probe readings 
showed that previous high levels on the receiver were 
reduced to undetectable values. The noise figure of the 
receiver was estimated at 5 dB. 
Although there were no significant test findings, it 
was recommended that the faster 1N3892 diodes replace 
the 1N1583 diodes. Tests subsequently performed on 
M67-1 and M a - 2  demonstrated that the noise level had 
been reduced to an acceptable level. 
Battery charger. Measurements were made of the 
noise level at 49.8 MHz generated by the 1N1583 diodes 
and the faster 1N3892 diodes when installed in the bat- 
tery charger. This data was desired to determine the 
degree of noise reduction that would be possible at 
49.8 MHz, the DFR VHF frequency. 
P 
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This test provided qualitative data taken with both 
a tuned probe and a current probe and a portable hand 
assembled receiver. The battery charger tested was op- 
erated with 40 V impressed and 640-mA output and also 
in the boost mode with 30 V impressed and 330-mA out- 
put with each set of diodes. 
The qualitative results showed that the 1N3892 faster 
diodes definitely reduced the noise level at 49.8 MHz. 
It was, therefore, recommended that these faster diodes 
replace the 1N1583s. However, the recommendation was 
not carried out; the fact that the operation of the battery 
charger is a controlled function was considered by the 
Project in not approving a change in the diodes. 
d. DAS oscillator frequency incompatibility tests. It 
was discovered in compatibility tests (discussed else- 
where in this report) that the science data automation 
system (DAS) basic oscillator frequency interfered with 
the VHF receiver of the DFR. The basic frequency 
of the DAS was 444.444 kHz. The frequency multiplica- 
tion scheme of the DAS caused the 112th harmonic to 
be of sufficient amplitude to degrade the DFR 49.8-MHz 
receiver. The nominal passband of the DFR VHF re- 
ceiver is 45 kHz, and the 112th harmonic occurred at 
49.777728 MHz. In addition, spaced at YS X 444.444 kHz 
there are discrete levels of a lower magnitude between 
the principal harmonics. There were two objectives of 
these tests- the first was to determine the amplitude 
of the 112th harmonic and the second was to verify that 
a temporary frequency change had removed the har- 
monic from the VHF passband sufficiently to permit 
compatibility tests of the DFR and spacecraft to proceed. 
Description. The measurement of RF level at the 
112th harmonic was performed on a partially assembled 
spacecraft (M67-1) that had the DFR VHF antenna in- 
stalled. The measurement was made by substitution in 
the following manner. The harmonic was first found 
with the EM1 test receiver equipment that included an 
R390A/URR military receiver, and a reference level was 
determined. The signal in question was connected di- 
rectly from the spacecraft DFR antenna to the test re- 
ceiver. The level was, therefore, that which would be 
coupled from the DAS system wiring to the RF  antenna. 
The level obtained on the test receiver system was then 
duplicated with a test signal generator. Other tests per- 
formed with the DFR experiment had determined that 
the interfering signal entered through the RF  input, not 
through the power or signal leads. The frequency verifi- 
cation test was conducted using the EM1 test equipment. 
Results. The power measurements showed a level of 
approximately -80 dBmW for the 112th harmonic 
and levels 30 dB lower for the harmonics spaced at 
Ys X 444.444 kHz. The frequency verification measure- 
ments showed that the temporary oscillator change had 
pulled the frequency to 49.73 MHz, which was out of 
the 45-kHz bandpass. 
Significant findings. Additional tests were also made 
to determine whether the harmonics extended to the 
UHF and S-band frequency ranges. The harmonics were 
not found in those ranges. (At S-band, a receiver with a 
noise figure of approximately 4 dB was used with a horn 
antenna at close proximity to the DAS breadboard model.) 
Recommendations. Cognizant DAS personnel deter- 
mined that the basic oscillator frequency could be 
changed to 443.406 kHz without degrading the opera- 
tion of the unit. Their recommendation for the frequency 
change was carried out. In addition, recommendations 
for the placement of ferrite beads and for wrapping of 
the DAS interconpect harness (9W21) with two-sided 
aluminum-coated Mylar were approved. The beads and 
the wrapping were intended to reduce the level of all the 
harmonics that could leak into the DFR VHF antenna. 
Fol low-up ac t iu i t y .  The selected frequency of 
443.406 kHz placed the 112th harmonic at 49.66 MHz. 
This frequency is approximately 140 kHz removed from 
the center frequency. One of the harmonics spaced at 
Ys X 443.406 kHz falls at the edge of the 45-kHz re- 
ceiver bandpass but apparently is of insufficient magni- 
tude to degrade the DFR. 
e .  Canopus sensor electromagnetic interference tests. 
Description. The EM1 tests were performed on the 
TA Canopus sensor 103 and the flight spare Canopus 
sensor 107 to determine the degradation in performance 
due to RF magnetic fields and conducted interference. 
These tests were performed as a result of an anomaly 
in the flight unit’s operation on May 9, 1967 at 
Cape Kennedy. Essentially, the anomaly was that the in- 
tensity output of the Canopus sensor (106) on the flight 
spacecraft (M67-2) varied from dark input to roughly 
1/14 of Canopus intensity with no light stimulus. 
Test results. The subsystem EM1 testing performed 
above showed that the units named did exhibit a sus- 
ceptibility to RF magnetic fields and RF conducted 
interference within discrete frequency bands if the ap- 
plied interference was modulated with the proper range 
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of frequencies. However, when a systems test was per- 
formed using the 107 unit, the anomaly was no longer 
present. Based on the testing results, the cause of the 
initial anomaly cannot be absolutely defined as an EM1 
problem; however, the tests did show that the units are 
susceptible to EMI. A detailed description of the tests 
which were performed can be found in Ref. 2. 
Recommendations. To ensure that questions relating 
to EM1 during future spacecraft development and test- 
ing are answered with a maximum confidence level, the 
below- listed recommendations are presented. Imple- 
mentation of these recommendations would provide ac- 
curate information, specifically, on the electromagnetic 
environment generated by the spacecraft and the re- 
sponse of spacecraft components to this environment. 
Accurate knowledge of the magnitude of spacecraft 
electromagnetic environment and the response of equip- 
ment to this environment could result in elimination of 
possible problems with minimum effect on the space- 
craft system processing and could save money and time. 
(1) During the initial spacecraft design phase, work 
should be initiated to evaluate and analyze each space- 
craft subsystem to determine the spectral distribution of 
critical, generated, and susceptible frequencies and/or 
waveforms and to cull for those combinations that could 
result in degradation to any portion of the spacecraft 
system. 
(2) Based on (l), above, limited EM1 tests should be 
performed on subsystems to obtain generated interfer- 
ence and interference-susceptibility levels. This would 
permit analyses to determine spacecraft compatibility. 
The tests should be accomplished before spacecraft as- 
sembly and made a part of the environmental require- 
ments for subsystems. 
(3) Specific compatibility tests should be performed 
at the intersubsystem level or at the spacecraft system 
level as warranted by compatibility analysis from (2) 
above. 
f .  Ferrite bead inuestigation. The objectives of this 
investigation were (1) to determine the utility of ferrite 
beads (similar to thosell used on the Mariner Venus 67 
spacecraft) as low-pass filters for the suppression of RF 
energy within a given system and (2) to determine the 
acceptance of a permanent residual magnetization by 
the ferrite beads. 
''Ferroxcube 5659065/3B, manufactured by Ferroxcube Corpora- 
tion of America, Saugerties, New York. 
Description. The following investigations were per- 
formed to quantify the independent variables that deter- 
mine the advantage of using ferrite beads for the two 
purposes noted above: 
(1) A 2" factorial experiment with center points, using 
n = 2 for the number of variables (the number of beads 
and frequency of interest), was performed to obtain an 
expected mean and variance of the resistance and re- 
actance coefficients of the tested ferrite beads. 
(2) A circuit analysis using transmission-line theory 
was performed on a typical simple circuit to quantify 
the independent variables associated with the use of 
ferrite beads as low-pass filters for maximum insertion 
loss between a source and load. 
(3) A circuit analysis using transmission-line theory 
was performed on a typical simple circuit to quantify 
the independent variables associated with the use of 
ferrite beads as low-pass filters for reducing electromag- 
netic coupling between the source circuit and an adjacent 
secondary circuit. A? experimental test was performed 
to verify the results. 
(4) An experimental test was performed to determine 
the acceptance of a permanent residual magnetization by 
the ferrite beads. The experiment consisted of subjecting 
32 ferrite beads (one bead on each of 32 separate lines 
that made up a 12-in. length of cable) to a 100-G field, 
then measuring the permanent residual magnetization. 
Significant findings. From the 22 factorial experiment 
with center points, the resistance coefficient of the im- 
pedance of the sample of the ferrite beads was deter- 
mined to be: 
R = 54.1 + 6.3X, + 26.1X2 - 1.9Xt 
- 1.9x: + 3.5x,x, 
for values of XI = -1,O, 1, where 
-1 <=> 25 MHz, 
0<=>50MHz,  
1 < = > 7 5 M H z  
for values of X ,  = -1,O, 1, where 
-1 <=> 1 bead, 
0 <=> 2 beads, 
1 <=> 3beads 
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The variance of the resistance coefficient for the ex- 
periment was calculated to be 9.37 (i.e., 3a = 9.18). 
Figure 43 illustrates the variation of the mean reactance 
coefficient for the 1-, 2-, and 3-bead case as a function 
of frequency. 
The reactance coefficient of the impedance of the sam- 
ple of ferrite beads tested was: 
for values of XI = -1, 0,1, where 
-1 <=> 25MH2, 
0 <=> 50MHz, 
1 < = > 7 5 M H z  
for values of X, = -1, 0,1, where 
-1 <=> 1 bead, 
0 < = > 2 beads, 
1 < = > 3 beads 
The variance of the reactance coefficient for the ex- 
periment was calculated to be 3.16 (i.e., 3a = 5.33). 
25 50 
FREQUENCYl MHr 
Fig. 42. Resistance of ferrite beads vs frequency 
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Pig. 43. Reactance of ferrite beads vs frequency 
Figure 43 illustrates the variation of the mean reactance 
coefficient for the 1-, 2-, and 3-bead case as a function 
of frequency. I 
In general, the insertion loss of the ferrite beads in a 
circuit will be small (< 10 dB) because of the relatively 
low impedance of the ferrite beads and is dependent on 
(1) the impedance of the ferrite beads used, (2) the 
source impedance, (3) the load impedance, (4) the fre- 
quency of interest, (5) the length of the wire, (6) the 
characteristic impedance of the wire, and (7) the loca- 
tion of the ferrite bead on the wire. The maximum 
insertion-loss results when the bead (or beads) is placed 
on the wire at the maximum-current point for the fre- 
quency of interest. 
In general, the reduction of electromagnetic coupling 
obtained by using ferrite beads is small (< 10 dB) and is 
dependent on (1) the impedance of the ferrite beads 
used, (2) the source impedance, (3) the load impedance, 
(4) the frequency of interest, (5) the length of the 
wire, (6) the characteristic impedance of the wire and, 
(7) the location of the ferrite beads on the wire. The 
maximum reduction of coupled electromagnetic energy 
from the use of ferrite beads will exist by placing the 
ferrite bead (or beads) on the lines such that 
is minimized where I ( f )  and V(f)  are functions of I, and 
L is the length of the wire. 
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The permanent residual magnetization acquired by 
the 32 ferrite beads when subjected to an exposure of 
100 G was < l y  at 12 in. 
Recommendations. Ferrite beads similar to those used 
on the Mariner Venus 67 spacecraft, are recommended 
for suppressing RF energy where weight, size, and mag- 
netic contamination must be minimized and the desired 
suppression is relatively small ( < 10 dB). 
It is recommended that other classes of ferrite beads 
be investigated for their interference suppression and 
magnetic contamination properties. 
2. Solar-panel-deployment test. 
a. Static test. A static test was conducted on a single 
solar panel to determine the panel's torsional stiffness, 
in-plane stiffness, and shear center. 
Description. For these tests, the panel was pinned, 
supported at its two hinge points - one at the bottom of 
each spar. Torsional and in-plane loads were applied at 
the top of the spars, and the corresponding deflection 
was measured. The shear center was determined by ap- 
plying loads in a plane parallel to the solar-panel eorru- 
gations and obtaining the distance between the two 
planes for a loading that produced zero torsional deflec- 
tion of the panel. 
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Fig. 44. Setup for modal vibration test 
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Test results. The in-plane test stiffness was high com- 
pared with analysis, as it should be, since both beams 
were prevented from in-plane sliding in the test setup. The 
measured value was 3.91 X lo6 in.-lb/rad about the cen- 
ter of rotation, which is about 12 in. below the solar-panel 
hinge axis. The torsional stiffness was 1.33 X lo4 in.-lb/ 
rad, and the shear center was 0.60 in. from the face of 
the corrugations toward the spars. The latter two values 
verified analysis reasonably well. 
- 
0.02 
0.01 
0.02 
0.80 
- 0.08 
-0.04 
Table 17. Summary of modal test data and 
comparison with analysis 
0.10 
0.00 
-0.01 
-0.08 
0.96 
-0.02 
Analysis 
frequency, 
Hz 
22.4 
30.8 
39.1 
69.3 
87.0 
94.8 
Test 
frequency, 
Hs 
26.7 
30.6 
40.6 
70 k 2 
80.9 
73.9 
Damping 
ratio' c/c, 
from test 
0.0048 
0.0045 
0.0032 
>0.05 
0.008 
0.0024 
aln the ratio c/cc, c = damping, 
and ce = critical damping. 
Comment 
In-plane mode; neither leg 
sliding in test 
Symmetric beam bending 
Antisymmetric beam bending 
In-plane mode; impossible 
to excite due to high 
damping 
Coupled beam and corru- 
gation 
Symmetric corrugation mode 
analysis El, 20?? high 
b. Modal vibration test. 
Description. A modal test was conducted on one solar 
panel for a pinned-pinned support condition to verify 
dynamic analysis. Two small modal shakers were used 
to excite the normal modes for this support condition; 
Fig. 44 shows the test setup. Frequency and mode 
shapes were measured with extremely light accelerom- 
eters so that the mass of the response transducer would 
have minimal effect on the panel dynamics. Structural 
damping was obtained from acceleration logarithmic 
decrements and resonance curves of the normal modes. 
Minor difficulty was encountered during the test with 
backlash in the monoball bearings used to support the 
panel. Improved bearing tolerances reduced this prob- 
lem to acceptable limits. 
Test results. To a reasonable degree, the modal tests 
verified the panel properties predicted by analysis 
(Table 17). Existing discrepancies were at least partially 
explained by known differences between test parts and 
the analytic model. Also listed in Table 17 are the values, 
measured during test, of the damping ratios at small 
amplitudes used in later analysis, The quality of the test 
is indicated by the degree to which the test mass ma- 
trix is diagonal, as is shown in Table 18. The analytic 
mass matrix is also given, based on only those masses 
whose motions were measured in the test; and as can be 
seen, the discrepancy from a unit matrix is of the same 
order as the error of the test mass matrix. 
Table 18. Mass matrix, solar panel structure 
I 
Data 
source 
Analysis I Test 
-0.05 
0.05 
0.04 
-0.08 
0.01 
0.1 1 
-0.04 
-0.01 
-0.71 
-0.15 
0.06 
-0.01 
-0.03 
0.16 
0.91 
0.05 
0.00 
0.00 
-0.04 
- 0.02 
0.99 
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Another measure of the comparison of the test results 
to analysis is the degree to which the test analytic cou- 
Fig. 45. Solar-panel latching feasibility test setu 
pling partition of the mass matrix approaches a unit 
matrix (Table 18); negative values on the diagonal imply 
only negative normalization. The decoupling exhibited 
by the analytic fourth mode and the test modes is an 
excellent indication of the existence of a highly damped 
mode that was impossible to excite with two shakers 
during the modal test. - 
c. Latching feasibility test. 
Description. Early in the program, tests were con- 
ducted with four Mariner Mars 1964 panels that had 
dummy cells; these were modified to include tip latch- 
ing to verify the suitability of such a latching scheme. 
The modifications were such that the line of action 
of the tip spring dampers was the same as that for the 
Mariner Venus 67 configuration. The four panels were 
mounted to a slider plate (Fig. 45) and excitation was 
introduced parallel to two panels and perpendicular to 
the other two. The attitude control jets and cabling 
were not simulated. The configuration was tested at 
I 
RESPONSE AT POINT 
INPUT FREQUENCY, rad/s 
Fig. 46. Response of tip-latched Mariner Mars 1964 
solar panels to unit acceleration 
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various levels up to the Mariner Mars 1964 structure 
type-approval dynamic test level in the lateral direction. 
Additional tests were conducted at an angle of 45 deg 
to the panels. 
- Test results. The test results were compared with 
analytical results in Fig. 46. The comparison between 
analysis and test was very good at low frequencies 
where the model was good. - 
r 
The test demonstrated the soundness of the tip latch- 
ing and damping approach and provided experimental 
verification of the suitability of the solar panel analysis 
approach. 
d .  Rod-end-monoball conductance test. 
Description. A thermal vacuum test was conducted on 
August 9 and 10, 1966, to determine the thermal resis- 
tance of the monoball joint used to attach the solar 
BELL JAR 
(PRESSURE INSIDE 
2 x IO'* torr) 
SCALE 4 
0 
0 
- 
0 
c 
3 
- HEATER 
CLEVIS 
y H E A T E R  AND 
THERMOCOUPLE 
LEADS 
PLATE 
7. est set 
1 
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panels to the bus. These data were to be used in evalu- 
ating TCM and flight spacecraft test errors caused by 
the use of dummy solar panels. The test setup used is 
shown in Fig. 47. 
Load, Ib 
25 
25 
0 
0 
0 
0 
Test results. Data acquired from the test are given in 
Tables 19 and 20. 
Thermal resistance, 'F/W 
RTOT Ra R i  
92.2 268.5 140.4 
82.1 268.5 118.3 
116.2 268.5 204.9 
112.0 268.5 192.2 
132.3 268.5 260.8 
120.0 268.5 2 17.0 
With the assumption of the heat transfer model shown 
below, the results are as follows: 
Table 19. Thermal conductance of monoball joint 
aMariner Mars 1964 monoballs were used on ihe Mariner Venus 67 TCM. 
CLEVIS R, is the thermal resistance of the path 
from clevis-to-bolt-to-monoball-to-plate. 
R, is the thermal resistance of the 
thermocouple and heater leads. 
Table 20. Thermal resistance of monoball joint 
Monoball 
Mariner Venus 67 
Mariner Mars 1964 
Conclusions. The use of Mariner Mars 1964 monoballs 
on the Mariner Venus 67 TCM caused a negligible de- 
crease in thermal coupling between bus and panels. 
However, the total coupling is sufficiently large that 
flight spacecraft test data must be corrected for the 
effect of coupling the bus with the attitude control gas 
handling frames across these joints. 
- 
3. High-gain antenna and superstructure vibration test. 
The Mariner V spacecraft requirement of a two-position 
high-gain antenna with different pointing geometry ne- 
cessitated the design of a new superstructure. In the new 
design, the antenna was attached to the superstructure 
at three locations-two were hinge points, one was a 
pyrotechnic pinpuller attachment. A test was conducted 
to determine the dynamic response characteristics of the 
new superstructure and the high-gain antenna. 
- 
a. Test description. A prototype high-gain antenna 
and superstructure, together with simulated pyrotechnics 
and associated hardware, was mounted to a slider plate 
(Fig. 48). Excitation was introduced along the spacecraft 
X ,  X-Y, and Z axes. The configuration was tested to the 
same input test levels as the Mariner Venus 67 STM. 
Fig. 48. High-gain antenna and superstructure 
vibration test setup 
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b. Test resuZts. The axial loads measured in the super- 
structure were low, as expected, since the tubes were 
designed for local member resonance above 150 Hz. De- 
signing for high, local-member resonance increased the 
diameter of the tube, which increased the area of 
the tube and decreased the axial load. The most perti- 
nent part of the test was the high-acceleration response 
at the tip of the antenna dish. The response at the tip 
of the antenna for the first and second elastic bending 
modes is given in Table 21. The corresponding analytical 
results for the response at the tip of the antenna were 
20 to 30% higher; however, this is reasonable since such 
a lightweight parabolic shell structure as the antenna is 
very difficult to analyze theoretically. 
- 
- 
Frequency of 
excitation, Hz 
114.0 
127.0 
input acceleration level and axis of excitation, g 
1.0 g 1.0 g 2.0 g 
X-axis Z-axis Z-axis 
22.0 25.0 27.0 
27.6 48.0 88.0 
4. High-gain-antenna low-temperature deployment 
testing. During the low temperature-vacuum type ap- 
proval testing, to verify the high-gain-antenna deploy- 
ment mechanism operation, a series of failures occurred. 
This resulted in an investigation of the flexible coaxial 
cable routing, across the antenna deployment hinge, and 
deployment torque requirements. 
The purpose of this test was to determine the proper 
coaxial cable routing across the antenna deployment 
hinge (for minimum torque requirements) to determine 
the required torque, and to verify the total system 
met the design requirements. 
a. Test Configuration. The thermal-vacuum develop- 
ment testing of the antenna deployment mechanism was 
performed on a fixture that mounted the antenna- 
superstructure assembly in a 6-ft-diam cold-wall vacuum 
chamber (Fig. 49). The mounting fixture was oriented 
with the antenna hinge axis vertical, simulating a zero 
gravity condition. The RF energy supplied to the an- 
tenna was such that the flexible cable would be heated 
slightly by internal RF  losses. Antenna deployment was 
initiated by firing a pinpuller (as in the flight configura- 
tion), and the elapsed time of deployment was recorded. 
Fig. 49. High-gain antenna low-temperature-deployment 
test setup 
Double-exposure photographs were made to study the 
displacement and configuration of the cable during 
the action, and they were used in conjunction with visual 
observation of the antenna deployment at the low tem- 
peratures to determine the best cable routing. 
b. Test results. At the subsystem level, as a result of 
the developmental testing, it was learned the deploy- 
ment springs were required to deliver a force of 12 in.-lb, 
which was more torque than was desired from design 
safety considerations. To ensure an adequate safety mar- 
gin, the spring size was increased to deliver 16 in.-lb. 
Type approval testing following the modification was 
successful with a 250-ms deployment time at -230"F, 
as compared with a 200-ms deployment time at room 
temperature. 
At the system level, a final FA cold-temperature an- 
tenna deployment was successfully performed on the 
spacecraft during the spacecraft thermal-vacuum test. 
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Because of the spacecraft orientation during the test, it 
was necessary to counterbalance the antenna to simulate 
a zero gravity condition. This test evaluated the pyro- 
technic latch and antenna-deployment mechanism as an 
integral system. 
5. Low-gain-antenna cable-clamp bonding test. During 
the low-gain antenna low-temperature TA testing, a 
portion of the epoxy-bonded viton cable clamps became 
detached from the antenna mast at -200°F. More ex- 
ploratory testing was performed to understand the prob- 
lem fully and to investigate possible solutions. 
a. Test configuration. A test specimen was prepared, 
consisting of a short section of low-gain antenna mast to 
which viton cable clamps were attached with EC1614, 
EC2216,12 and RTV 6013 adhesives. Half of the EC1614 
and EC2216 bonds were applied to the surface that was 
only cleaned. The other half were applied to the surface 
prepared with Bond Etch. The specimen was placed in 
a cold chamber and the temperature lowered from 
-125 to -250°F in 25°F increments, and at each step, 
the sample was observed to study any possible failures. 
b. Results and conclusions. The test indicated no fail- 
ure at temperatures above -200°F; the only failure dur- 
ing the test sequence occurred at -225°F with a clamp 
bonded with EC1614 on an unetched surface. 
The test results indicated a potential problem with the 
flight antennas if the surface beneath the clamps had 
not been properly prepared. Since it was not possible to 
remove the clamps from the antenna without doing dam- 
age to the mast, a decision was made to rebond only 
those clamps that failed during testing. If any subse- 
quent failures had occurred, it would have been repaired 
with EC2216 after proper surface preparation. 
There were no clamp failures during subsequent low- 
temperature antenna FA system-level tests. 
6. DFR 423-MHn antenna vibration test. 
a. Test description. The objective of the test was to de- 
termine the dynamic response characteristics of the 423- 
MHz antenna test specimen. The specimen, which was 
identical in stiffness and mass distribution to the flight 
'*EC1614 and EC2216 are Scotchweld epoxies, manufactured by 
"RTV 60 is room-temperature vulcanizing adhesive manufactured 
Minnesota Mining. 
by General Electric. 
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hardware, was mounted to a rigid fixture that, in turn, 
was mounted to a vibration exciter (Fig. 50). Excita- 
tion was introduced to the test structure along three 
orthogonal axes. The dynamic response was measured 
with small piezoelectric accelerometers mounted at the 
top of the main mast. Acceleration excitation input levels 
were derived from the results of the STM vibration test. 
b. Test results. The discrete resonant frequencies of the 
DFR were separated from the response modes of the solar 
panel structure that were determined during the STM 
test. The antenna dynamic excursions were not large 
enough to violate the spacecraft dynamic envelope. The 
results from the development test verified the structural 
adequacy of the design. 
- 
7. Temperature-control-reference tests. 
a. Vibration tests. The objective of these tests was to 
determine dynamic response characteristics and struc- 
tural integrity of T,CR design. 
Description. The tests were conducted on a unit of 
standard construction - the same as that used for 
flight - and on a lightweight version. 
The setup was mounted on a MB70 shaker; excited 
normal to the flat sensing area. Four test runs in 
Fig. 50. Dual-frequency receiver vibration test setup 
frequency ranges between 20 and 400 Hz and in accel- 
eration levels from 1 to 12 g were executed: 
Sweep 20 to 400 Hz at 1 g rms to determine reso- 
nant band. 
Sweep 20 to 55 Hz at 12 g rms, and 
Sweep 55 to 75 Hz at 2 g rms. 
Sweep 55 to 75 Hz at 2, 3, 4, 6, and 8 g rms to 
failure. 
75 to 400 Hz at 12 g rms. 
Results. There were two principal findings: (1) Struc- 
tural integrity of TCR was more than sufficient. Larger 
excursion for the lightweight structure presented poten- 
tial hazard to lead wires. (2) Resonant frequencies were 
not expected to couple with solar panels. 
b. Thermal tests. 
Developmental tests. A series of tests was conducted 
in the 2-ft diam horizontal chamber using a liquid nitro- 
gen cold-wall, a quartz window and the spectrolab solar 
simulator. The test setup shown in Figs. 51 and 52 was 
also used for FA thermal-vacuum testing of the flight 
units. 
The deviation of the sensor temperature from the true 
average of front and back temperatures was determined 
at various intensities by determining the equilibrium 
sensor temperature alternately illuminating the assembly 
from the front and back sides. 
It was originally intended that the horizontal chamber 
tests and the FA tests provide a correlatable calibration 
comparison to the cone radiometer, as well as refine the 
edge-loss effects. Neither of these objectives was pos- 
sible because of nonuniformities in the simulator beam 
at the test plane. Therefore, the best correlation with 
the cone or other instrumentation can be drawn from the 
radiometer comparison test (see Appendix E). The insig- 
nificance of the conduction along the web of the assem- 
bly was experimentally verified during the horizontal 
chamber test. With the le-in.-diam simulator beam at 
100 W/ft2 illuminating all except the TCR bracket, the 
assembly was allowed to come to thermal equilibrium. 
A mask was then placed in the beam, external to the 
chamber, shadowing the support web down to approxi- 
mately 3/4 in. from the 3-in. OD of the TCR sensor 
area. This masking produced a penumbra (partially 
shaded) area down to the 3-in. diameter. With this shad- 
owing, the equilibrium sensor temperature was 2.5' F 
lower than the fully illuminated equilibrium temperature. 
Fig. 51. ~emperature-contro~ reference test setup 
L T  
Fig. 52. TCR mounted in cold-wall chamber 
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An externally controlled heater was installed on the 
supporting equipment to permit varying the TCR bracket 
temperature. Varying the temperature of the bracket from 
-114 to -c150°F produced a 0.1"F increase in the 
sensor temperature, clearly demonstrating that excessive 
decoupling had been achieved. 
Performance of TCR was verified and additional infor- 
mation necessary for flight data analysis was obtained. 
Prototype test. A thermal prototype TCR mechanically 
similar to the final flight configuration, but containing 
thermocouples (resistance elements were not yet avail- 
able), was included in the thermal test of the Mariner 
Venus 67 TA solar panel in the 10-ft simulator. This 
prototype included an aluminum-foil disk to provide 
temperature uniformity across the sensor surface. Fol- 
lowing a scheduled thermal-shock cycle, temperature 
deviated substantially from the expected. When the 
panel was removed for some rework, it was noted that 
the aluminum foil had delaminated from the TCR as- 
sembly. When the foil was removed, there was evidence 
of air pockets under the foil. The foil was replaced with 
stainless mesh (no copper mesh was available), the as- 
sembly recoated and returned to the test along with 
the solar panel. Performance during the remainder of the 
solar-panel TA thermal test was nominal, including sur- 
vival of a severe unscheduled thermal shock due to a 
complete electrical loss which resulted in the loss of the 
chamber lights. 
In summary, aluminum foil was unsatisfactory; how- 
ever, satisfactory performance of wire mesh was verified. 
c. Sensor stability test. During the Mariner V mission, 
it was noted that annealing of platinum elements oc- 
curred during testing of some of the Mariner 1969 
temperature-control flux monitor (TCFM) sensors. Since 
the effect of such annealing on the TCR flight data 
would be to produce an apparent bleaching, a stability 
test was initiated. 
A prototype TCR (SN 22) that contained a sensor ele- 
ment from the same manufacturer's lot as that in the 
Mariner V black TCR (SN 19) was used. Since the initial 
assembly calibration, October 25, 1966, SN 22 has been 
used for a series of developmental tests including a 24-h 
total solar simulation in vacuum at various intensities 
and an additional approximately 24 h in vacuum with- 
out simulation. 
The assembly was installed in the constant tempera- 
ture oven in the JPL Standards Laboratory on July 31, 
1967, and room temperature resistance was measured. 
Heat soak was initiated at 14:OO on that day and 
terminated at approximately 08:OO on August 4. No drift 
of resistivity was detected, and sensor-indicated tem- 
perature agreed with measured, control temperature at 
the initial ambient test and throughout the heat soak to 
within <O.l"C. To be responsible for the apparent deg- 
radation of the black TCR, a drift of the order of 1 0 
would be required during the time period of the test. 
* 
* 
No evidence of sensor instability was found nor could 
it be inferred from the test. 
8. Thermal-blanket-ballooning test. 
a. Description. A series of tests were performed to 
verify the venting provisions in the multilayer Mylar 
upper and lower thermal blankets. The JPL 7- X 14-ft 
vacuum chamber was used for the test. Motion-picture 
and still-camera coverage was used to record shield be- 
havior. Results verified that the shields were not dam- 
aged by the launch pressure profile and that possible 
ballooning will not interfere with such other spacecraft 
components as celestial sensors and science instruments 
or uiith such functions as solar-panel deployment and 
sunshade deployment. 
b. Test summary. The STM upper and lower thermal 
C-102 shields were installed on the TCM bus and placed 
in the chamber with the Z axis horizontal and the bay 2 
shear web installed to investigate any bus cavity venting 
problem. Six pumpdowns were performed, four of these 
were the 110-s profile of Fig. 53 and two more margin 
tests at the 80-s profile. Figure 54 shows the upper shield 
at atmospheric pressure of approximately 725 torr before 
the pumpdown; Fig. 55 shows the upper shield at 40 torr 
on an 80-s-profile margin test. Continuous motion pic- 
tures, at 24 frames/s, and still pictures, at approximately 
200 torr intervals, were taken on three runs for each shield. 
c. Conclusions. The photographs and visual inspection 
during and after the test revealed no problems in the 
shield venting provisions. The shields ballooned, as ex- 
pected, and returned to a nominal position after each 
pumpdown. The 80-s-profile margin tests were conserva- 
tive when compared with actual Mariner N shroud cav- 
ity data, and no potential ballooning problems were 
indicated by these tests. 
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Fig. 53. Boost-environment pressure-decay curves 
Fig. 55. Thermal blanket ballooning test: upper thermal 
shield at 40 torr on 80-5 profile 
design. The second test included solar simulation and 
was intended to establish the transient response of the 
sensor during sunlit midcourse maneuvers. 
a. Temperature control test. The test objective was 
twofold: (1) to determine the magnitudes of the various 
parameters which affect the sensor heat balance in a 
flight-like environment; and (2) to minimize the thermal 
sensitivity of the sensor to solar inputs during a mid- 
course maneuver, to uncertainties in sensor heater power, 
to uncertainties in the equivalent black-emitting area of 
the sensor (emissivity E and absorptivity a! product), and 
to temperature uncertainties and excursions of the sensor 
mounting bracket. 
Test configuration. The TCM magnetometer sensor 
was mounted in a flight-like configuration on an 18-in. 
section of omnidirectional antenna. This test package 
was then mounted in a 24- X 36-in. bell jar equipped 
with LN, cold walls (Fig. 56). Resistance heaters placed 
at appropriate locations within the sensor served as sim- 
ulators for the temperature-control heater and the sensor 
electronics. A radiant heater was suspended within the 
mast to maintain the mast temperature at desired levels. 
Test procedure. The variable parameters of interest 
were the conductive coupling between the sensor and 
Fig. 54. Thermal-blanket ballooning test: upper thermal 
shield prior to pumpdown at 725 torr 
9. Magnetometer-sensor thermal tests. Two separate 
thermal tests of the magnetometer were performed in 
small vacuum chambers. One test was carried out with 
cold walls, only, to empirically obtain a suitable thermal 
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mounting bracket, the equivalent black emitting area of 
the sensor, and the power dissipated in the temperature- 
control heater. 
temperatures expected in flight became 12°F at earth 
intensities and -9°F at Venus intensities. 
b. Midcourse thermal simulation test. The test objec- 
tive was to determine the worst-case temperature re- 
sponse of the sensor to solar irradiation of known 
intensity. 
With heater power as the independent parameter and 
the EQ product held constant, several test modes were 
- run with variation only in the size and material 
of the thermal standoffs mounted between the sensor 
and the bracket. The standoffs that allowed negligible 
heat losses were then incorporated into the configuration. 
The next series of test modes involved increasing the 
EQ product by means of PV-100 white paint14 until 
the steady-state sensor temperature dropped to the 
proper level with 3 W of heater power. By raising 
the heater power and, consequently, increasing the 
product, the sensor temperature becomes less sensitive 
to such perturbations as solar inputs during a midcourse 
maneuver. Also, percentage uncertainties in both the 
heater power and the &Q product are decreased. Since 
the emittance of PV-100 is well established and very re- 
producible, the effect of thermo-optical dissimilarities be- 
tween the TCM sensor and the flight units is minimized. 
To maintain a low-emittance surface on the epoxy 
sphere housing the Helmholz coil (the vacuum-deposited 
aluminum surface was beginning to degrade due to 
overhandling), a multilayer Teflon-Mylar thermal shield 
covering the sphere was installed. (This shield also helps 
to minimize solar inputs.) The final series of test modes 
involved altering the EQ product slightly to account for 
this modification. 
Test results and conclusions. Test data indicated the 
optimum thermal configuration included a 3/8-in.-diam 
X 1/4-in. Kel-F washer between the sensor and mount- 
ing bracket with 3/8-in.-diam X 1/8-in. Kel-F washers 
under the bolt heads; 7.4 in., of PV-100 white paint on 
the ignitor housing; and a multilayer, aluminized Mylar 
shield with an aluminized Teflon facing covering the 
epoxy sphere that houses the Helmholz coil. 
In flight, the solar panels provide raw dc power to 
the sensor heater. The panel voltage varies such that the 
heater power ranges from 3.0 W at earth to 2.19 W at 
Venus. For these power levels, the steady-state average 
sensor temperatures in the bell jar were 12 and -10"F, 
respectively. After correcting this data for the differ- 
ences between the bell jar and space, the average sensor 
14Generic name for silicone white-solar-reflector temperature- 
control coating. 
Test configuration. The test package was essentially 
the same as that used for the magnetometer-sensor 
temperature-control test, namely, the TCM sensor 
mounted in a flight-like configuration on a short section 
of the omnidirectional antenna mast. The thermal con- 
figuration of the sensor itself was: 7.4 in., of PV-100 
white paint on the ignitor housing; a multilayer alumi- 
nized Mylar insulation shield faced with aluminized 
Teflon covering the epoxy sphere which housed the 
Helmholz coil; and resistance heaters in the sensor to 
simulate the temperature-control heater and the sensor 
electronics. This was the optimum thermal configura- 
tion as determined by the initial magnetometer-sensor 
temperature-control test. 
The test package (Fig. 57) was suspended in a 
30 X 50-in. vacuum chamber equipped with LN, cold 
walls, along with an absolute cone radiometer (ACRAD) 
with which to accurately monitor the intensity of the 
simulated solar beam. 
The test package was aligned with the le-in.-diam 
quartz window in the end bell of the chamber such that 
the spectrolab portable solar source, positioned outside 
the chamber, would illuminate the entire sensor, the 
radiometer, and as much of the mast as possible. 
The sensor was suspended in what was estimated as the 
worst-case orientation with respect to the simulated 
solar beam-in other words, the sensor presented a 
maximum cross-sectional area to the beam. 
Test procedure. Three test modes were run, one at an 
intensity of 65 mW/cm2 (0.48 solar constant) and two 
at an intensity of 110 mW/cm2 (0.81 solar constants). 
For one high- and one low-intensity mode, the lamp was 
turned on after the sensor temperatures had steadied 
out at earth cruise levels. The second high-intensity 
mode simulated a science-off maneuver. For this mode, 
once the sensor temperatures had steadied out, the 
power to the heater representing the sensor electronics 
was turned off for a 1-h period prior to turning the 
lamp on. 
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the significance of a cold or hot quartz window was also 
assessed. This difference was found to be negligible. 
Fig. 57. Magnetometer sensor suspended in 
vacuum chamber 
To accurately determine the simulated solar intensity 
at the test package, it was necessary to determine both 
the uniformity of the beam and the magnitude of any 
extraneous IR inputs to the radiometer due to the fact 
that neither the 12-in.-diam quartz window nor the end 
plate containing the window were directly LN, cooled. 
The spatial variation of intensity through the beam 
was determined at the plane of the test package for both 
intensity levels by positioning a single, solar cell at vari- 
ous locations in the beam and accurately monitoring its 
output voltage. The data so acquired yielded the aver- 
age intensity of the beam relative to the intensity mea- 
sured by the radiometer. 
The magnitude of background IR radiation present in 
the chamber was determined by taking two radiometer 
tares (intensity measurements with the lamp off). By 
taking one tare after the lamp had been off for a long 
period of time and another after the lamp had been on 
at maximum intensity for a considerable length of time, 
Test results and recommendations. Since the maxi- 
mum intensity which the spectrolab solar source could 
provide was only 0.8 solar constants, it was necessary to 
extrapolate the test data to obtain worst-case transient 
information for both earth and Venus maneuvers. The 
data indicated that if the sensor were to remain fixed 
with respect to the sun for a period of 1 h in the worst 
case orientation, the sensor temperature would be 72" F 
at earth and 128°F at Venus intensities respectively. 
Although extrapolation tends to amplify any test errors 
or uncertainties, these numbers are felt to be accurate to 
within +10"F at earth and 1+30"F at Venus intensities. 
The spectrolab portable solar source was found to be 
both convenient and appropriate for this type of test. 
Although its maximum capability of 0.8 solar constants 
in an 11-in.-diam beam, or approximately 1.7 solar mn- 
stants in a 6-in.-diap beam, is something less than de- 
sirable, it remains a very useful tool for developmental 
tests of small sun-dependent or sun-prone components. 
10. Data-automation-system 7-in. subchassis vibration 
test. To obtain the increased volume necessary for the 
new DAS subsystem design selected, the subchassis 
height was increased to 7 in. As a result of the combina- 
tion of this increased cantilevered height, four large 
connector cutouts in the top subchassis web and the sub- 
chassis loading, the project packaging requirement for a 
400-Hz minimum resonance in vibration was not met. 
- 
~ 
were made: 
Test subassembly 1. 
a. Test description. Several vibration tests were made 
to establish the best configuration to accomplish this 
requirement, Three test subassemblies configurations 
The standard subchassis with in- 
creased height described in Figs. 
58 and 62, configuration A. 
Test subassembly 2. 
Test subassembly 3. 
Similar to test subassembly 1, 
modified per Fig. 59, configura- 
tion B. 
Similar to test subassembly 1, 
modified per Fig. 59, configura- 
tion C. 
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Fig. 58. Data automation system 7411. chassis 
vibration test setup 
3 
2 
3 
2 
3 
2 
3 
Four, wired connectors were installed, and a simu- 
lated epoxy glass terminal board with dummy weights 
was bonded to the subchassis to make simulated a 1.5-lb 
subassembly. Accelerometers monitored the table input 
(location l), the top of the subchassis between the con- 
nectors (location 2), and the center of subchassis be- 
tween the mounting ears (location 3). - 
310/1.6 
320/4.7 
320/4.7 
480/3.1 
480/6.4 
480/1.8 
400/4.4 
Table 22. Resuli 
\I 
Number of 
Subchassis screws in 
configuration each 
mounting eo 
2 1 
~ 3 2 
(With dummy cable load) 
of 7-in.-high subassembly 
bration tests 
Monitor 
Resonance, Hr and gain 
2 290/5.1 
3 290/7.6 
2 390/2.5 
3 396/3.3 
580/6.0 
570/3.6 
650/9.5 
660/2.8 
780/14.5 
780/11.5 
750/10.7 
740/4.7 
8 10/5.4 
810/3.2 
800/7.5 
800/7.5 
0.000 ~~ 
@,- ‘ 
STANDARD SPACRAFT OUTLINE 
FLIGHT CONFIGURATION 
TEST CONFIGURATIONS A AND B 
4 k-0.313 
1-’OlO R- 
TEST CONFIGURATION C, VARIATION 
Fig. 59. Variations to 7-in. DAS subchassis 
Tests were made using the three configurations with 
variations in the number of screws in the mounting ears. 
Only the axis perpendicular to the plane of the sub- 
chassis web were run for comparative worst-case com- 
parisons. Test results are summarized in Table 22. 
b. Results. As a result of the tests, the following 
changes were made to the standard subchassis for the 
DAS: two screws in each mounting ear, the top flange 
and the side flanges above the mounting ears increase 
0.030 to 0.090 in., fillet radius between top flange and 
center web increased from 0,010 to 0.125 in. and each 
side of center web thickness increased 0.010 in. This in- 
creased the resonance to 480 Hz with a gain of 3.1. The 
old resonance was 290 Hz, with a gain of 5.1. 
11. Plasma-probe cup-temperature test. 
a. Objective. A developmental test was performed on 
the Mariner IV plasma probe unit (MC-3) to determine 
if the expected TA temperature levels would reduce the 
strength of the epoxy holding the collector plate to 
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the extent that arcing might occur. The test was also 
performed to determine the placement of the heat lamp 
from the front of the plasma probe cup such that there 
would be a 20°C difference in temperature between the 
collector plate and the outside wall of the cup, because 
a thermocouple could not be placed on the collector 
plate of the TA or flight units. 
b. Description. The test was performed according to 
the general assembly level TA test specification, with the 
exception that the heat lamp distance was determined 
according to the above objective. The test was per- 
formed at JPL in a 30- X 50-in. horizontal chamber. A 
photograph of the test setup is shown in Fig. 60. 
c.  Results. The distance from the rim of the reflector 
on the heat lamp to the foot of the plasma probe was 
determined to be 4.5 in. by stabilizing the outside wall 
of the plasma probe cup to 135°C (275°F) and the col- 
lector plate at 155°C (311°F). The lamp intensity set- 
ting to obtain these temperatures was 88% of full scale, 
and the shroud temperature of the chamber was at 
162°F. The test ran at these temperatures for about 
3 days, and no adverse effects to the plasma probe were 
noted, either during or after the test. 
d .  Significant findings. It should be pointed out that 
when the TA test was performed on the plasma probe, 
a visual inspection following the test showed that the 
solder connection on the high-voltage grid ring had dif- 
fused during the test. A subsequent investigation failed 
to reveal the exact cause of this occurrence, but on any 
future test run in this type of setup, one should be very 
cautious, especially regarding the temperature of the 
shroud, because it is one of the most critical parameters. 
It is also important to point out that this setup was to 
determine TA temperatures and that a linear interpola- 
tion of lamp power to obtain the FA test temperatures 
is not valid because of the fact that the test temperature 
not only is a function of the power of the intensity set- 
ting but, also, of the chamber shroud temperature. 
12. Radio-relays test. At the Cape, just prior to launch, 
a relay failure occurred in the M67-2 radio. It was nec- 
essary to replace the relay, but it was not possible to 
obtain a relay with the same mounting bracket. Because 
of the different mounting technique, TA vibration tests 
were performed at JPL on two radio relays (SNs 870537 
asma sensor 
and 870547) similar to those onboard the M67-2 fight 
spacecraft. These two relays were previously subjected 
to screening per JPL specification. This specification in- 
cludes a vibration test in each of the three orthogonal 
axes, 20 g rms, 50 to 2000-Hz sinusoidal sweep, 5 min/ 
plane with coils de-energized. As a point of interest, 
the manufacturer’s catalog data specifies a 30 g ,  10 to 
5000 Hz capability, energized or de-energized, for these 
relays. 
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The relays were mounted in a dummy 2CC1 module 
in the same manner as was the relay in the flight radio- 
i.e., bonded and strapped. The dummy module was then 
mounted in a dummy radio case VI and placed on a 
vibration exciter. The relays were energized in the 
launch mode and a holding current of 13.5 mA was con- 
tinuously applied. This simulates the actual conditions 
seen by the relay during the worst vibration of flight, 
- which occurs during launch. 
The two active contacts in each relay (four total) 
were current monitored (voltage drop across a resis- 
tance) on a 4-channel oscilloscope. The scope was ex- 
ternally triggered by sensing any current transient in 
the contact monitoring circuit in a leg common to all 
four contacts. The circuit values were adjusted so that 
approximately 21 V of triggering signal would be avail- 
able should a contact open during vibration. The oscillo- 
scope trigger was adjusted to its maximum sensitivity, 
about 1 V. This procedure assured reliable triggering in 
the event of contact chatter. 
The relays were then vibration tested; two tests were 
completed for each orthogonal axis of the case. A high- 
frequency sinusoidal sweep at 2 octavedmin between 
15 Hz and 2 kHz was performed at the following test 
levels: 2.0 g rms between 5 and 14 Hz; 9.0 g rms be- 
tween 40 and 250 Hz; and 4.5 g rms between 250 and 
2000 Hz. Random noise vibration followed with the TA 
shaped spectrum and a test level of 16.4 g rms. The 
final noise equalization plots were very accurate and 
well within the allowable test tolerances on the spectrum 
level of 21.5 dB. 
- 
Relay circuitry was monitored during all testing to 
detect possible contact chatter. No chatter was detected 
and the test was completed without anomalies in the 
relay components. 
13. Electron- and proton-radiation-test summary. 
a. Electron radiation testing. Several Mariner Mars 
1964 electronic subsystems were bombarded with 0.5 to 
2.7 MeV electrons from a Dynamitron accelerator at 
fluxes in the range of 1 X loT to 2 X loll electrons/ 
cm2-s. Aluminum or copper foils were placed in the 
beam path upstream from the test item to scatter 
the beam uniformly (220%) over the bombarded sub- 
system surface. The subsystems each exhibited a repeat- 
able circuitry failure threshold. The failure thresholds 
IO" 
X 
3 
-1 
LL 
DATA ENCODER 
PLANETARY SCAN PLATFORM 
TELEVISION 
NARROW-ANGLE MARS GATE 
TESTED LIMIT FOR GYRO 
AND ATTITUDE CONTROL 
0.5 I .o I .5 2 .o 2.5 3.0 
I 
ELECTRON ENERGY, MeV 
Fig. 61. Radiation thresholds of malfunction for 
various subsystems in test 
were rather insen$tive to either the electron energy or 
integrated flux, but very dependent on the flux rate. 
Failure thresholds for the subsystems tested ranged from 
8 X los to 6 X lo9 electrons/cm2-s. One subsystem was 
found to operate satisfactorily in a flux as high as 
5 X 1 O 1 O  electrons/cm2-s (see Fig. 61). 
b. Proton radiation testing. The following Mariner N 
components were irradiated with 20 to 137 MeV protons 
from the Harvard synchrocyclotron: (1) Canopus tracker, 
(2) data encoder, (3) squibs, (4) batteries, (5) solar cells, 
(6) central computer and sequencer circuitry, (7) sun 
sensor, (8) semiconductor devices and integrated circuits 
(Fig, 62). Flux rates used varied between 5 X lo4 and 
3 X lo7 protons/cm2-s. All tested units were irradiated 
to an integrated flux of at least 2 X 1Olo protons/cm2. 
All components, except the solar cells and Canopus 
tracker, operated normally during irradiation. The power 
output of the solar cells permanently dropped to ap- 
proximately 85% of the pre-irradiation value but was 
less than the predicted power loss. The tracker lost roll 
control at flux rates >6 X lo5 protons/cm2-s for ener- 
gies >40 MeV, but recovered tracking ability immedi- 
ately when the beam cut off, even after an integrated 
flux of 2.4 X 1 O 1 O  protons/cm2. Consequently, a high- 
energy, high-intensity solar flare could degrade tracker 
operation to a marginal region, but the system will re- 
cover after the flare. The tracker sensitivity was found 
to be due to an induced radioactivity in the image dis- 
sector tube (see Table 23). 
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Table 23. Proton testing of Mariner IV circuits 
Fig. 62. Test setup for proton radiation of 
integrated circuits 
C. Other Special and Developmental Testing 
Various special environmental tests were performed 
during the Mariner Venus 67 program. However, some 
of these were not directly related to specific TA or FA 
subsystem tests. Therefore, resulting data have been in- 
cluded in appendix material. The following tests are 
documented in the noted Appendixes: 
Shipping Container Environmental Testing, Appen- 
dix F 
Truck Acceptance Testing and Transportation Envi- 
ronments, Appendix G 
Battery Vibration Test, Appendix H 
Effect of Configuration on Vibration Test of Elec- 
tronic Chassis, Appendix I 
Automatic 80 PSD vs Digital PSD Analytical Tech- 
niques, Appendix J 
Mariner IV tesi item 
Canopus tracker 
Data encoder 
Squibs 
Batteries 
Ag-Zn 
Ag-Cd 
Ni-Cd 
Solar cells 
P/N 
Central computer 
& sequencer 
Central clock 
End counter 
Maneuver 
duration 
Sun sensor CdS cells 
Integrated circuits 
Fluxes used 
Rate 
(protonsf 
u.3 
6 X lo6 
E > 40 MeV 
1 0' 
3.9 x io7 
3.8 x io7 
25 X 10' 
2.5 X 10' 
2.4 x io7 
3.5 x 10' 
1 x los 
Total 
(protonsf 
an2) 
2.4 X 10" 
1.7 X Id' 
2.1 x loxa 
2.1 x 10" 
2.1 x lOl0 
2.1 x 1O'O 
1.0 x 10" 
2.1 x loxo 
7.7 x IO1' 
Radiation effect 
Loses roll control 
Dark current increase 
due to induced 
radioactivity, but 
can maintain roll 
control with beam 
off 
No effed 
No effect 
No change in open 
circuit voltage, cell 
capacity, or in 
internal cell 
pressure 
15% drop in power 
5% drop in power 
output 
output 
No effect 
No change in cell 
resistance or in 
ability of sensor 
unit to lock on a 
light source 
Slight degradation 
in analog circuits; 
no effect in digital 
circuits 
IV. Spacecraft Flight-Acceptance (FA) 
Environmental Tests 
Flight-acceptance (FA) environmental testing at the sys- 
tem level is performed to give assurance that the flight 
hardware configuration is representative of the design 
qualified by the type approval (TA) test and to identify 
any manufacturing defects that may be present in the 
flight hardware. In essence, the FA test is a certification 
of flightworthiness for each spacecraft. Flight-acceptance 
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testing at the subsystem level is performed to uncover 
major problems prior to system level testing. 
Test level, g rms 
Frequency range, Hz 
Specification Actual 
200 to 20 to 200 0.50 0.50 to 0.48 
100 to 2000 10.7 10.8 
200 to 20 to 200 0.50 0.50 to 0.47 
100 to 2000 10.7 11.7 
200 to 20 to 200 1 .oo 0.99 to 0.95 
100 to 2000 10.7 1 1.3 
The FA tests performed are primarily vibration, 
thermal-vacuum, and certain EM1 investigative-type 
tests. The input levels are those estimated to be the 
actual operational environmental conditions. Passing 
tests that simulate these environments gives explicit and 
implicit evidence that the items can operate as required 
during the spacecraft’s mission. 
Test 
duration, s 
200 
60 
200 
60 
200 
60 
A meaningful FA environmental test is one that 
combines the environmental stimulus with the appro- 
priate assembly performance tests necessary to deter- 
mine satisfactory operation. The FA environmental tests 
complement FA functional tests, calibrations, and in- 
spections. 
Spacecraft axis 
XY (bay 11-VI) 
XY (bay 11-VI) 
XY (bay IV-VIII) 
XY (bay IV-VIII) 
Z 
Z 
Because there was no PTM for the Mariner Venus 67 
program, the spare flight spacecraft (M67-1) often 
served a dual role-as a PTM and as a spare fight 
spacecraft. As a result of this dual role, the M67-1 space- 
craft was subjected to limited qualification-type tests 
over and above those for the prime flight spacecraft 
(M67-2). In general, these test levels were some modest 
margin over the normal flight-acceptance test levels but 
were not equivalent to the Mariner Mars 1964 PTM test 
levels. These tests included additional margin in solar 
simulation, the firing of all spacecraft pyrotechnic de- 
vices, RF irradiation with live squibs installed, and an 
approximate 5-dB increase in random noise test levels 
below 800 Hz. These test levels do not invalidate the 
M67-1 spacecraft’s flightworthiness. 
- 
- 
Type of test 
Sine sweep 
Shaped noise 
Sine sweep 
Shaped noise 
Sine sweep 
Shaped noise 
A. Spare Flight Spacecraft, M67-1, System and 
Subsystem FA Environmental Tests 
1. System level. The material presented here, which 
applies to the M67-1 spacecraft system, includes the re- 
Test No. 
~ 
ports of the system-level FA environmental tests and a 
history of subsystem experience in system-level environ- 
mental tests. The subsystem history permits examination 
as to whether or not a given subsystem experienced the 
system test, and if not, what was (or should have been) 
done to offset the deficiency. 
a. Spacecraft FA vibration tests. 
Configuration. The test configuration consisted of 
flight hardware with the exception of the post-injection 
propulsion system (PIPS), pyrotechnic actuators, and 
two solar panels. The FA vibration test setup is shown 
in Figs. 63 and 64. 
Test description. Each test excitation direction was in 
one of the following spacecraft axes: (1) roll, (2) through 
bays 11-VI, or (3) through bays IV-VIII. The nominal 
test sequence was a sinusoidal sweep at 2 octavedmin 
between 20 and 200 Hz and band-limited random noise 
with a shaped spectrum between approximately 100 and 
2000 Hz. Table 24 displays the specified FA level test 
parameters for eacl; test. 
Test results. 
(1) Sinusoidal tests. The 2 5 %  specification tolerance 
was met in the tests. For the lateral axes tests (runs 2 
and 4) this tolerance allows a test-level range of approxi- 
mately 0.47 to 0.53 g rms; the actual average test-level 
bounds for runs 2 and 4 are given in Table 24. The 
allowable amplitude range in the roll-axis test is 0.95 to 
1.05 g rms; the actual test-level bounds are given in the 
table. 
(2) Noise tests. The average test levels (average of six 
control accelerometer outputs) were above nominal, but 
within the specified, tolerance of +1 dB. The acceptable 
test range with this tolerance is 9.5 to 12.0 g rms. The 
Table 24. M67-1 flight-acceptance vibration tests 
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Fig. 63. FA vibration test setup for 
actual average test levels from Table 24 are 10.8, 11.7, 
and 11.3 g rms for runs 3, 5, and 7, respectively. 
Noise-spectrum-level control was adequate and satis- 
fied the 3 dB peak-to-peak interpretation of the specifi- 
cation tolerances. The corresponding range of spectrum 
level is shown in each plot of Fig. 65, along with the 
actual test input acceleration spectral density (ASD) for 
each shake axis. Table 25 contains a summary of the 
peak-to-peak deviation for each axis. 
Test anomalies. 
(1) DAS problem. An anomaly was noted in the DAS 
during the first plane of shake. An intermittent signal 
was observed for one of the status bits. The problem did 
not occur in the remainder of the tests. 
The post-test inspection at SAF revealed that the con- 
dition could be induced occasionally by moving the wire 
harness. A laboratory check of the assembly could not 
isolate the problem, but indications were that the prob- 
lem was not vibration-induced. Although the reason for 
the anomalous operation was not fdly understood, it was 
. FA vibration test setup for 
thought to be due to noise at the status bit OR gate 
(ASL 98). This expander gate input was not filtered, and 
it was not felt to be worthwhile to filter the expander, 
because the DAS status bits were designed as a trouble- 
shooting aid and were not part of the science data. 
(2)  Operational problem. Two test anomalies occurred 
that produced a negligible spacecraft excitation, as 
shown by the spacecraft response accelerometers. 
test deviation, dBa 
XY (bay Il-VI) 
XY (bay IV-VIII) 
*Reference 1 $/HI. 
94 32- 
I I I I I I I 
(a) SHAKE AXIS:  X Y  (BAYS I t - V I )  
I I I I I I I 
(b) SHAKE AXIS: X Y ( B A Y S  I V - V I I I )  
- 
--- 
TOLERANCES TEST INPUT ASD 
10.8 g rms 
I 1 I I I I I 
/ I I I I I I I 1 
0 0.5 1.0 1.5 2.0 
FREQUENCY, kHz 
(c) SHAKE AXIS: Z 
Fig. 65. M67-1 system level noise vibration 
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During run 2, an operator error caused a very low- 
level excitation, instead of the FA level, during the 
downsweep portion of the test, only, producing a negli- 
gible spacecraft response. A waiver was added to the 
procedure, signed by the cognizant engineers. The cor- 
rection was made and the sweep was rerun with no 
incidents. 
(3)  Structural problem. During run 6, an audible tran- 
sient occurred at approximately 35 Hz on the down- 
sweep. The sound seemed to originate in the vicinity of 
the spacecraft bay 11. An investigation of the recorded 
response-accelerometer data revealed no significant struc- 
tural response. However, some spurious signals similar to 
tape dropouts were recorded throughout the run. These 
signals have been isolated as a problem with the instru- 
mentation tape recorder. 
The spacecraft was dismantled in the vicinity of 
bay 11. No structural damage could be found. A loose 
nut was found in the adapter during the inspection, but 
it could not have originated in the spacecraft because of 
the lower thermal blanket configuration. The spacecraft 
was reassembled and the test continued. 
Fig. 66. Pyrotechnic shock test for M67-1 
b. Spacecraft FA pyrotechnic shock test. 
Test events and comparison with specification require- 
ments. The pyrotechnic shock test (Figs. 66 and 67) con- 
sisted of firing all pyrotechnic devices on or near the 
spacecraft; these consisted of (1) the shroud V-band 
release, (2) the spacecraft V-band release, (3) the solar- 
panel deploy, (4) the post-injection propulsion system, 
and (5) the antenna pointing-angle change (APAC). 
There was no deviation from the specified requirements. 
Response data. The spacecraft and adapterT5 were 
instrumented with 24 accelerometers to record the shock 
events for later reduction to shock spectra and Fourier 
transform response data for determining the response 
characteristics of the structure, as well as to determine 
which pyrotechnic events resulted in maximum response 
spectra. Those pyro devices which produced maximum, 
or enveloping, shock spectra responses throughout the 
spacecraft (adapter excluded) were fired again during 
the M67-2 pyrotechnic shock test. 
The pyrotechnic events that produced the maximum 
shock spectra throughout the spacecraft (adapter ex- 
cluded) were (1) the spacecraft V-band release, (2) the 
“Manufactured by Lockheed Missiles and Space Company, 
Sunnyvale, Calif. 
Fig. 67. Detail of M67-1 spacecraft FA pyrotechnic-units 
shock test 
solar-panel deploy, (3) the PIPS pyrotechnic units and 
(4) the APAC pyrotechnic devices. 
The PIPS pyrotechnic event, however, produced a 
maximum response spectra at leg B and in the frequency 
range 2,000 to 20,000 Hz only. Below 2,000 Hz the space- 
craft V-band release produced the maximum spectrum 
at this location. In addition, there was little difference 
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between the maximum response produced by the PIPS 
event and the slightly lower response produced by the 
spacecraft V-band event in the 2,000 to 20,000 Hz band- 
width. Therefore, the spacecraft V-band release, solar- 
panel deploy, and APAC pyro devices were specified for 
the M67-2 test. All response data were of very high 
quality, and levels and spectra were comparable with 
the Mariner Mars 1964 data. 
The high-speed Fastex film of the spacecraft V-band 
release showed that the V-band rebounded into the 
LMSC adapter, not into the spacecraft. 
Test anomalies. There were no anomalies evident in 
this test. 
Spacecraft test configuration. For this pyrotechnic 
test, the M67-1 spacecraft consisted of flight hardware, 
with the exception of the following: the attitude control 
system, the Canopus sensor, and the power subsystem in 
bay I were from the STM; solar panels 3 and 4 were 
flight spares-the other solar panels were from the STM. 
Spacecraft failures. No failures occurred during this 
test. 
c. Spacecraft FA thermal-vacuum test. 
Comparison of test configuration with flight configu- 
ration. The M67-1 spacecraft had the following non- 
flight items during the systems test: the battery, solar 
ig. I-V Iesl setu 
7 
panels, squibs, pinpullers, low-gain antenna dampers, 
unlatch motion sensors, and side thermal shields (cut- 
outs). The test setup is shown in Fig. 68. 
Comparison of actual test with test requirements. A 
comparison of the requirements as set forth in the Test 
and Operation Plan (TOP), the M67-1 FA specification, 
and the M67-1 Detailed Test Procedure, as a function of 
the actual test, are presented in Tables 26 and 27. 
Table 26 covers phase I of the test. Significant phase I 
deviations are listed below: 
(1) Actual time in earth cruise mode was longer than 
required, resulting primarily from the failure in 
the attitude control J box. 
(2) Actual time spent in most of the other modes was 
significantly less than required as per request by 
Test Director in order that more time could be 
allotted to phase 11. 
for in the specification. 
(3) The high-gain antenna was not deployed as called 
(4) Gyros were not on in the encounter mode because 
of the chamber vibration problem, which caused 
excessive gyro activity. 
Table 27 covers Phase I1 of the M67-1 thermal-vacuum 
test. The significant phase I1 deviations are presented 
below: 
(1) Considerably more time was actually spent in the 
earth cruise mode than was required primarily be- 
cause the average internal bus temperature of the 
spacecraft was running about 7°F cooler than TCM 
data indicated was normal. 
(2) The spacecraft was not tested at the 248 W/ft2 
intensity level. As a result of time lost for thermal- 
shield modifications (to raise the internal bus tem- 
perature), the test time remaining was spent at 
126 W/ft2 in mode 1 and at 290 W/ft2 in mode 4 
in an effort to bracket the extreme temperatures. 
Problems and failures during test. 
(1) OSE problems. Approximately 5 h after the initial 
pumpdown, a problem was incurred with the Canopus 
sensor; the Canopus simulation locked on one of the end 
relays such that its position could not be altered. The 
test activities were terminated by the Test Director, and 
the chamber was brought back to ambient conditions. It 
was determined that a diode had failed on one of the 
circuit boards in the attitude-control J box and, also, that 
this particular circuit board had been modified with cer- 
tain resistors being changed for smaller ones than those 
on the original board. The board was replaced with one 
that met the original specifications. The chamber was 
again evacuated, and no further problem arose from this 
source. 
(2) Spacecraft problems. Shortly after the second ' 
pumpdown of phase I, it was determined that the gyros 
were experiencing an abnormal amount of activity that 
caused the attitude-control jets to fire too frequently, 
thereby depleting the attitude-control gas supply. As a 
result of this problem, the first midcourse maneuver was 
shortened in duration. After it was determined to be a 
problem, the gyros-on mode was avoided - to prevent 
further depletion of the gas supply. The gyros experi- 
enced excursions of 3 mrad/s in pitch and yaw and 
1.1 mrad/s in roll. It was determined that the gyro ac- 
tivity was a result of vibration inputs from the chamber 
through the spacecraft suspension system. 
During phase I of the test, the plasma probe dropped 
from 109°F to about 12°F during the lights off mid- 
course maneuver. This was below the FA test levels but 
appeared to be no problem, since the plasma probe had 
undergone margin testing to lower temperatures. 
The secondary sun sensors also experienced tempera- 
tures as low as 20°F during phase I, which is lower than 
FA requirements. This appeared to be no problem, since 
these sensors were margin-tested to much lower tem- 
peratures. 
- 
During phase I, an indication was received that the 
sun gate was always actuated. It was determined that 
this was due to light leaking through the hood from 
stray reflections. 
The average internal bus temperatures on the M67-1 
spacecraft were running approximately 7" F cooler dur- 
ing phase I1 than the corresponding temperatures on the 
TCM. To correct this problem, the chamber was re- 
turned to ambient conditions and thermal shields were 
added to the spacecraft. After pumping down again, the 
average internal bus temperatures were only about 2°F 
cooler than those on the TCM. 
The high-gain antenna was not deployed during the 
M67-1 space simulation test, as called for in the specifi- 
cation. This deviation was approved by the Spacecraft 
Systems Manager in an internal office memo. The high- 
gain antenna was successfully deployed during the 
M67-2 space simulator test. 
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(3) Facility. Chamber vibrations caused excessive ac- 
tivity in the spacecraft gyros. It was determined that the 
fundamental frequency that affected the gyros was 3 Hz. 
The problem was partially resolved by altering the 
spacecraft suspension system. 
On January 22, 1967, at approximately 12:OO a.m. a 
momentary (2 s) power failure occurred. The chamber 
was not under vacuum at the time. 
Spacecraft environment during test. A discussion of 
four of the more salient features of the thermal-vacuum 
chamber is contained in the following paragraphs. Dis- 
cussion of effects of deficiencies in these features is 
found in Section VI of this report. 
(1) Launch pressure profile simulation. The simulated 
launch profiles for phases I and I1 are depicted in 
Figs. 69 and 70. The specified profiles for the transient 
800 I 
L 
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0 
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3 
vf 
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B 
6 
4 
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Fig. 69. Phase I, 1043 space simulator pumpdown 
pressure profile for M67-1 
pressure P, and the rate of change of pressure +, are also 
included in these figures. The evaluation of the effect of 
differential pressures in enclosures, thermal blankets, 
etc., is the principal objective of launch pressure profile 
simulation. Since the condition which corresponds to the 
existence of this environment is the time rate of change 
of pressure, the range of maximum P (16.5 to 18.7) was 
the objective for the phase I1 pumpdown, rather than the 
profile bands as in phase I. From Fig. 70 one observes 
that the rates attained did not reach the maximum P 
range. Waivers were required for the failures to meet 
the specified profile bands. The P attained was accepted, 
and the test continued, since the rates in phases I and I1 
did exceed the maximum expected flight value for a 
lofted trajectory (P = 15 torr/s), and it was advan- 
tageous to conserve test time. 
(2)  Total irradiance levels. The temporal sequence of 
total irradiance levels for phases I and I1 are included 
800 I I 
Fig. 70. Phase II, 1 0-ft space simulator pumpdown 
pressure profile for M67-1 
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Fig. 72. Phase Ill, l e f t  space simulator radiometer flux for M67-1 
in Figs. 71 and 72, respectively. The specified tolerance 
on the measurement of the required levels was &2%. 
However, all of the levels measured were low by at least 
3%, due to usage of incorrect infrared emittance data on 
the Parsons black used on the cone radiometer. This 3% 
deviation, plus the specified tolerance, could result in 
erroneous levels on the order of 5% for the M67-1 test. 
Because the Mariner Venus 67 configuration was rela- 
tively independent of the sun, the effects of this error 
are not considered critical. Table 28 illustrates the sun 
Table 28. Correlation of spacecraft-temperature sensitivity to solar level 
I
relametry 
channel location 
401 
42 1 
430 
402 
423 
404 
405 
426 
407 
Bay I 
Bay II 
Bay II 
Primary sun 
sensor 
Bay 111 
Bay IV  
Bay V 
Bay VI 
Bay VI1 
Bay Vlll 
Power 
regulator 
Spacecraft temperature, O F  
Earth cruise 
(126 W/ftz 
intensity) 
60 
47 
42 
60 
60 
62 
71 
58 
87 
Venus cruise 
(248 Wlft' 
intensity) 
68 
62 
70 
71 
70 
69 
76 
62 
86 
ielemetry 
channel 
422 
410 
- 
438 
- 
- 
- 
location 
Plasma probe 
Canopus sensor 
Bay II 
Secondary 
sun sensor 
TRD chassis 
Bay VI 
Primary sun 
sensor 
Sun gate 
Bay VI 
Secondary 
sun sensor 
Spacecraft temperature, O F  
Earth cruise 
intensity) 
(126 W/fta 248 W / f f  
23 41 
38 50 
57 89 
58 85 
37 
29 I 
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dependency when one observes the effects on the space- 
craft bays, etc., when correlated to a change in irradi- 
ance level of 97% (126 and 248 W/ftz). It is easily 
observed from this table that, with the possible exception 
of the plasma probe, the spacecraft is only slightly af- 
fected by elevations in the solar irradiance level. 
The plasma probe was tested, along with the entire 
spacecraft, at the 290 W/ftz level, which provides a 10% 
margin over the maximum expected mission level (play- 
back at E + 10 days is 263 W/ft2) and reached tempera- 
tures of 232°F on the side of the probe and 221°F at the 
flight-sensor location. The plasma probe was FA tested 
at 115°C (239°F) and TA tested at 135°C (275°F) as 
measured at the flight-sensor location, so no problems 
were expected if the level of solar input was increased 
by 5%. (Note: The plasma probe side temperature at 
the E + 10 days irradiance level of 263 W/ft2 was 
214°F. The flight-sensor data were not available because 
engineering data were not obtained in that mode, but 
generally ran approximately 10" F lower than the side 
temperature.) 
Therefore, the error in test irradiance level, although 
undesirable, was not considered to be a major problem. 
(3) Facility pressure levels. The test of the M67-1 
spacecraft was conducted, as desired, at pressure levels 
below the required maximum steady-state pressure of 
1 X torr. The test level was z 6 X torr for 
phase I, and 9 X torr for phase 11. The automatic 
high-voltage cutoff was set at 5 X torr, and no 
problems were encountered with the cutoff system as a 
result of the attitude-gas-jet operation. 
(4) Effective sink temperature. The effective sink tem- 
perature specified was -250°F. No data are available 
on what the actual sink temperature is for the Mariner 
Venus 67 spacecraft-chamber configuration. The results 
of a previous test utilizing a small directionally sensitive 
arrangement of isolated flat plates indicated effective 
sink temperatures on the order of -200°F for the east, 
west, and south directions from the test volume, -225°F 
for the north, and -215°F for the chamber floor. It is 
expected that, with an arrangement such as the Mariner 
Venus 67 spacecraft-ehamber configuration, the effec- 
tive sink temperature would be much better. Since the 
actual level is unknown, it is difficult to assess the effect 
on the test. The estimated errors in test temperatures are 
a function of the temperature of the specific item and its 
thermal properties. In the case of Mariner Venus 67, it 
is considered unlikely that any errors due to the heat- 
104 
sink error approached 10°F. More 
the sink temperature environment 
exist on future spacecraft tests. 
d.  Spacecraft FA electromagnetic 
definition on what 
actually is should 
interference tests. 
M67-I external environment simuzation. The objective 
of this test was to verify the RF compatibility of the 
spacecraft, including pyrotechnics, when subjected to an 
RF environment similar to that expected at the AFETR 
launch complex. 
(1) Requirement vs test. The RF simulation level re- 
quirements and the actual test levels are shown in 
Tables 2931. The average power levels were met in 
the test; however, the peak power levels for two of the 
sources were not met because of equipment limitations. 
The omission is not considered serious, because each of 
the two simulated sources is a ground-based RF trans- 
mitter. The spacecraft is expected to have considerable 
protection from each of these sources afforded by the 
metallic shroud. In addition, two other sources that were 
simulated with peak levels are in the same frequency 
band. The situation is summarized in Table 32. 
The expected shroud attenuation values were based 
on measurements made on the Mariner IV shroud with 
conductive paint. It is estimated that the metallic shroud 
of Mariner Venus 67 has at least the attenuation listed. 
The values in the table show that the ground RF peak 
level at 5.690 GHz are approximately in the order of 
magnitude of the simulated level. and that the X-band 
peak level will be 30 dB below that used for the test. 
The peak RF sources that would be present after the 
shroud is ejected were simulated with their expected 
levels. These sources are the two transponders listed in 
Table 32. 
An additional requirement listed in the specification 
was for radiation of the VHF and UHF RF levels to the 
DFR experiment. This requirement was not met at this 
time in the testing, and it formed part of the DFR space- 
craft compatibility tests. Because the DFR antennas 
were required to determine the appropriate RF levels 
for the DFR signals and the testing did not include in- 
stallation of the solar panels for the antennas, the test 
was postponed. Each of these departures from the speci- 
fication was noted, and very little compromise to the test 
resulted. The deviations were subsequently approved by 
the Spacecraft Systems Manager in an internal office 
memorandum. 
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RF simulation requirements 
Peak power Average power 
Frequency, density at density at Minimuni pulse 
GHz spacecraft, spacecraft, width, ,us 
RF source simulated 
dBmW/ma dBmW/m' 
Agena radar trans- 5.690 59 21 1 .o 
Aflas guidance track Classified 20 - 12 2.0 
Aflas guidance rate CI assified NAc 14 N A  
mitter, FPS-16 
ground transmitter 
ground transmitter 
Command destruct Classified NA 4 NA 
ground transmitter 
Agena telemetry 0.2443 N A  23 NA 
Agena radar trans- 5.765 7 -8 0.7 
ponder 
Atlas telemetry 229.9 NA - 6  N A  
Aflas guidance track Classified 30 - 1  2 .o 
Aflas guidance rate Classified NA -5 N A  
transponder 
transponder 
aEquipment limitations prevented simulation of specification irequirements for the peak levels. 
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Test levels for system test procedure 
Peak power Average power 
Frequency, density at density at Minimum pulsc 
GHZ spacecraft, spocecraft, width, ,us 
dBmW/m2 dBmW/mz 
5.690 20 cw a 
b Classified -12 cw 
Classified NA 15 cw 
Classified N A  4 cw 
0.2443 N A  25 Su bcarrier 
modulated 
5.765 7 -8 b 
229.9 NA -6  Su bcarrier 
modulated 
Classified 8, 30 cw 
Classified NA - 5  cw 
1 05 
I RF source simulated Frez;y 
Agena radar trans- 
mitter FPS-16 
Atlas guidance track 
ground transmitter 
Atlas guidance rate 
ground transmitter 
Command destruct 
ground transmitter 
Agena telemetry 
Agena radar trans- 
ponder 
Atlas telemetry 
Atlas guidance track 
transponder 
Atlas guidance rate 
transponder 
*Equipment limitations 
Frequency, 
GHz 
5.690 
Classified 
Classified 
Classified 
0.2443 
5.765 
229.9 
Classified 
Classified 
prevented simulation of specification requirements for the peak levels. 
I 
Average power 
density at Minimum pulse 
spacecraft, width, ps 
dBmW/m* 
21 1 .o 
Frequency, 
GHz 
5.690 
I 
20 -12 1.0 Classified 
NA 
NA 
4 NA Classified 
23 NA 0.2443 NA 25 
Table 30. Requirements vs fest, external environment simulation for M47-I: Simulated countdown procedure 
RF simulation requirements I Test levels for simulated countdown procedure 
I 
Peak power 
density at 
spacecraft, 
&mW/mz 
Peak power I Average power 
linimum oulst 
width, ps 
59 cw 
cw 
O 
NAc I 14 I NA I Classified 15 
NA I cw 
.- cw 
Subcarrier 
modulated 
NA 1 - 3  Subcarrier 
modulated 
229.9 
Classified 30 
" e  I Cwd 
cw NA - 5  NA Classified 
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Table 31. Requirements vs test, external environment simulation for M67-1: Pyrotechnics and shock test procedure 
Agena radar trans- 
mitter FPS-16 
Atlas guidance track 
ground transmitter 
Atlas guidance rate 
ground transmitter 
Command destruct 
ground transmitter 
Agena telemetry 
Frequency, RF source simulated 
5.690 
Classified 
Classified 
Classified 
0.2443 
20 
NA" 
NA 
- 12 2.0 Classified - - 12 cw 
14 NA Classified NA 15 cw 
4 NA Classified NA 4 cw 
Agena radar trans- 
ponder 
Atlas telemetry 
Atlas guidance track 
transponder 
Atlas guidance rate 
transponder 
Table 32. Requirements vs test, external environment simulation: Additional sources 
5.765 
229.9 
Classified 
Classified 
RF source 
simulated 
Atlas radar 
ground 
transmitter 
dgena radar 
transponder 
Atlas guidance 
ground 
track trans- 
ponder 
Was guidance 
track trans- 
ponder 
I 
Frequency, 
GHz 
5.690 
5.765 
X-band 
X-band 
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(2) Results. The spacecraft systems were monitored 
by cognizant personnel, and no adverse effects due to 
any RF  source were reported to the Test Director. 
DFR/S-band/system-configuration EMC test. The ob- 
jective of this test was to verify the compatibility be- 
tween the DFR experiment, the S-band communications 
transponder, and the spacecraft in general. 
(1) Spacecraft noise environment at DFR receiver 
frequencies: Requirement vs test. The permissible noise 
environment was determined on the basis of minimum 
Item 
Threshold 
degradation 
Acquisition 
threshold 
Spacecraft 
environment 
acceptable space degradation levels specified by the ex- 
periment scientist and on the basis of cosmic noise tem- 
perature levels and receiver noise temperatures as stated 
in the functional specification. 
(2)  DFR operation threshold degradation: Require- 
ment vs test. The degradation threshold requirements 
versus the procedure test implementation is summarized 
in Table I. It was not feasible in practice to perform the 
sweep test because the support test equipment instru- 
mentation does not possess that capability. A manual per- 
formance of a sweep test was not considered meaningful. 
* 
Table 33. DFR/spacecraft compatibility comparison of requirements vs JPL test, M67-1 
Specificdon 
49.8 MHz 
The performance degradation of the 49.8 MHz receiver required to be 
<3 dB with the receiver locked on a - 125.7 dBmW signal. 
The receiver shall maintain lock when a received signal of - 120 dBmW 
(total power) is  swept a t  a maximum rate of 224 Hz/s through a 5.48 
kHz band centered at 49.8 MHz. 
423.3 MHz 
The performance degradation of the 423.3 MHz receiver shall be less than 
1 dB with the receiver locked on a - 134.2 dBmW signal a t  423.3 MHz 
The 423.3 MHz receiver shall maintain lock when a received signal of 
-130 d8mW (total power) is  swept a t  a maximum rate of 1900 Hz 
through a 15.8433 kHz band centered at 423.3 MHz. 
49.8 MHz 
The 49.8 MHz receiver required to acquire lock with a - 125.7 dBmW 
signal applied a t  49.8 MHz and a t  49.8 MHz +3 kHz, respectively. 
423.3 MHz 
The 423.3 MHz receiver shall acquire lock with a - 134.2 dBmW signal 
applied at 423.3 MHr and 423.3 MHz k 3  kHz, respectively. 
49.8 MHz 
Noise levels not to exceed limits of specification for 49.8 MHz 
' +-50 kHz. 
Constraints 
(1) Spacecraft flight configuration, suspended in SAF. 
(2) Noise environment plus receiver not to exceed 21,850"K. 
(3) Various spacecraft modes specified with various subsystems on and o f  
423.3 MHz 
Noise levels not to exceed limits of specification for 423.3 MHz +50 k H  
Constraints 
(1) Spacecraft flight configuration, suspended in SAF. 
(2) Noise environment plus RCVR not to exceed 1025'K. 
(3) Various spacecraft modes specified with various subsystems on and of 
JPL test procedure 
Degradation threshold measured for various space- 
craft modes, including required conditions 
Not included because unfeasible to perform because 
of instrumentation limitations 
Degradation threshold measured for various space- 
craft modes, including required conditions 
Not included because unfeasible to perform due to 
instrumentation limitations 
Acquisition threshold tests included for various 
spacecraft modes 
Acquisition threshold tests included for various 
spacecraft modes 
(1) As required; solar panels 4A1, 4A3 flight; 4A5 
{2) Noise temperature approximately 2500'K with 
(3) Spacecraft modes included specified conditions 
TA; 4A7 TM 
spacecraft off 
(1) As required 
(2) System noise temperature approximately 200'K 
(3) Spacecraft modes included specified conditions 
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(3) DFR acquisition threshold degradation: Require- 
ment vs test. The acquisition threshold tests were imple- 
mented in the procedure. 
(4 )  Spacecraft noise environment at S-band receiver 
center and image frequencies and operation degradation 
tests: Requirement vs test. The requirements of the 
specification were incorporated in the procedure (see 
- 
Item 
Spacecraft 
environment 
(contd) 
Threshold 
degradation 
Table 33) with the exception that the spacecraft was not 
elevated for the S-band test sequence for two reasons: 
First, the RF losses in the test cables would be too great; 
and second, it was decided to radiate the VHF and UHF 
radio frequency levels to the spacecraft from a direction 
that approximated that expected for flight and if the 
spacecraft were elevated the VHF and UHF antennas 
would have had to be suspended from the rafters. 
Specification 
Table 33 (contd) 
JPL test procedure 
473.1 MHz 
Noise levels not to excegd limits of specification for 473.1 MHz +50 kHz. 
Constraints: 
(1) Spacecraft flight configuration, suspended in SAF 
(2) Noise environment plus test receiver not to exceed 1025°K 
(3) Various spacecraft modes specified with various subsystems on and off 
No spacecraft system-generated interference to appear a t  the S-band an- 
tennas input terminals within a 3.43 MHz bandwidth centered at  the 
receiver frequency or centered at  the image frequency 
This requirement to apply to the spacecraft when physically and operationall 
configured, as  follows: 
(1) Spacecraft in flight configuration, suspended above test area floor 
(A non-conducting suspension is a prerequisite.) 
specific constraints: 
(2) Spacecraft operation in the encounter mode with the following 
Battery charger on 
Tape recorder operated in its record mode 
Stabilization jets actuated 
Spacecraft gyros energized 
isotropic antenna and high-gain antenna in initial and deployed 
positions utilized, respectively (Two runs required) 
S-band receiver to maintain tracking loop acquisition and lock capability 
when operated in the spacecraft system environment 
S-band receiver to maintain lock when an applied signal 6 dB greater than 
threshold at  best-lock frequency (determined from above) is swept at a 
rate of 30 Hz/s over a 10-kHz band centered at  the best-lock frequency. 
Spacecraft in flight configuration, suspended above the test area floor (non- 
conducting suspension is a prerequisite). 
Spacecraft operation in  the encounter mode with the following specific 
constraints: 
Battery charger on 
Tape recorder operated in record mode 
Stabilization jets actuated 
Spacecraft gyros energized 
low-gain antenna and the high-gain antenna in initial and deployed 
positions, respectively, utilized (Two runs required) 
(1) As required 
(2) System noise temperature approximately 2W°K 
(3) Spacecraft modes included specified conditions 
Noise measurements outlined in Procedure for the 
center and the image frequency 
Various specified test modes listed 
Test sequence 4, description of tests to be performed 
(1) Condition spacecraft to noisiest mode determined 
with the EMi receiver; with TWT on and high-gain 
antenna to initial position, transponder evalua- 
tion tests of the following performed: 
Threshold S-band command (modulation on) 
Ranging 
Command lockup threshold 
Above performed for: 
Transmit low, receive low 
Transmit high, receive low 
Transmit high, receive high 
Repeat with high-gain antenna deployed to 
position 2 
(2) Sweep test not feasible because of instrumenta- 
tion limitations 
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Fig. 73. MI test, M67-1 dual-frequency receiver VHF antenna 
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Time schedules did not permit placement of the radi- 
ating antennas if the spacecraft were to have been 
elevated. I t  was considered that the intent of the speci- 
fication would not be jeopardized with the spacecraft 
placed on the tripod used for the test assembly and that 
the characteristics of the S-band antennas would not be 
affected in this position. 
- 
(5) Spacecraft environment results. The results of the 
noise temperature survey at VHF are shown in Fig. 73. 
Included in the figure are the specified maximum per- 
missible noise levels converted to temperature levels and 
the expected range of cosmic noise temperature for this 
mission. The documented expected cosmic noise tem- 
perature is 8000°K; however, some estimates have been 
mentioned from 6000 to 7000°K. The spacecraft on curve 
is not above the spacecraft off curve at all points, be- 
cause the background noise was decreasing during the 
test period. 
No RF  levels contributed by the spacecraft were ob- 
served at 423.3 and 473.1 MHz with a receiver system 
that had a noise figure of approximately 2.3 dB. This 
noise figure would have permitted an observation (ap- 
proximately an easily observed 0.8 dB deflection) for a 
spacecraft-contributed noise that would cause a 1 dB 
. degradation in space. 
Figure 74 is a block diagram of the test configuration 
used for the VHF noise level measurements. Figure 75 
r---------- 1 I V D F R  VHF ANTENNA I 
I 
I 
I 
I FILTER I 
EM1 VHF 
PREAMPLIFIER 
--Y---l COAXIAL CABLES 
I VOLTMETER 
I EM1 VHF EQUIPMENT RACK 1 
Fig. 74. Electromagnetic VHF test-receiver configurcrlion 
I 
I 
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---- SPACECRAFT 
.r, COAXIAL CABLES 
I I"I 
CRYSTAL 
CURRENT 
MONITOR 
I 
VACUUM TUBE 
VOLTMETER 
I i  I 
Fig. 75. Electromagnetic UHF test-receiver configuration 
describes the test configuration used in the UHF noise 
level measurements. 
(6) DFR operation threshold degradation results. The 
data obtained in this test are shown in Table 34. 
The maximum threshold degradation noted was 7 dB 
determined by the DFR checkout equipment for the 
VHF receiver (Table 35). When this 7 dB value is con- 
verted to degradation in a space environment, the value 
of expected degradation is less than 1 dB. No appre- 
ciable degradation at the UHF frequency was noted. 
Figure 76 describes the configuration. 
The data for the DFR VHF channel (at 49.8 MHz), 
which have been converted to RF  levels present at the 
DFR receiver input, is included in Table 36. These levels 
were obtained by subtracting the RF  losses shown in 
Fig. 73 from the 0-dBmW signal generated in the bench 
checkout equipment (BCE). The levels indicate the r e  
quired RF power to maintain a constant signal to noise 
ratio at the DFR. Changes in signal level required to 
maintain a constant ratio provide a measure of noise at 
the operating frequency. 
The degradation experienced by the DFR VHF re- 
ceiver for the diverse spacecraft modes was either 5, 6, 
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Table 34. DFR degradation data for M67-1 
Procedure 
step I Condition 
Spacecraft off, 50 f 2  terminator on 
Spacecraft off and raised to test position 
(RF leakage problems occurred in steps prior to step 222) 
222 
224 
226 
232 
236 
242 
248 
252 
252 
254 
256 
260 
262 
276 
RF power down/RF power up 
DC-V19 (Gyros off, normal control) 
DFR threshold 
Valves blown 
DC-V10 (Transmit high, receive low) 
DC-VI5 (Canopus gate inhibit override) 
Gyros off 
DC-V24 (Begin DAS encounter mode) 
Isolation panel on (OSE) 
Planet sensor output 
Threshold 
Return to nominal 
Deploy high-gain antenna 
Threshold 
DC-V19 (Gyros off, normal control) 
Drifting 
Science off 
Science on 
Magnetometer ignition 
VHF 
Carrier, V 
0.71 
0.7 
0.68 
0.67 
0.72 
0.1 
0.66 
0.66 
0.75 
0.70 
0.69 
0.65 
0.66 
0.1 
0.67 
0.7 
0.1 
0.71 
0.7 
0.6 
0.7 
Attenuation, dB 
46 
41 
41 
40 
* 39 
59 
40 
40 
40 
41 
31 
41 
55 
41 
56 
40 
40 
41 
40 
40 
Carrier, V 
0.72 
0.65 
0.65 
0.65 
0.1 
0.65 
0.65 
0.65 
0.67 
0.6k0.2 
0.47 
0.1 
0.66 
0.1 
0.66 
0.68 
0.68 
0.68 
0.67 
UHF 
Attenvation, 
dB 
34 
35 
35 
35 
45 
35 
35 
35 
35 
33 
35 
45 
35 
45 
35 
35 
35 
35 
35 
IO dB reduction in signal (Out of lock). 
112 JPL TECHNICAL REPORT 32-7 249 
Table 35. Dual-frequency receiver VHF test, RF levels, M67-1 
Procedure 
step 
222 
224 
226 
232 
236 
242 
248 
252 
252 
254 
256 
260 
262 
276 
Condition 
Spacecraft off, 50 Q terminator on 
Spacecraft off and raised to test position 
RF power down/RF power up 
DC-VI9 (Gyros off, normal control) 
DFR threshold 
Valves blown 
DC-VI0 (Transmit high, receive low) 
DC-VI5 (Canopus gate inhibit override, gyros off) 
DC-V24 (Begin DAS encounter mode) 
Isolation panel on (OSE) 
Planet sensor output 
Threshold 
Return to nominal 
Deploy to high-gain antenna 
Threshold 
DC-V19 
Drifting 
Science off 
Science on 
Magnetometer ignition 
Table 36. Degradation determined with DFR, 
VHF receiver on, M67-1 
Measured 
change, 
dB 
Space degradation for various 
cosmic temperatures, dB t Spacecraft- contributed effective noise tempera- For 6000'K ture, O K  
~ 
1445 
0.5 0.4 
0.8 0.7 
or 7 dB. This degradation occurred in the presence of 
a background- noise level of the Spacecraft Assembly 
Facility. Before the data can be used, the test area 
background-noise level must be found. The background- 
Carrier, V 
0.71 
0.60 
0.7 
0.68 
0.67 
0.72 
0.1 
0.66 
0.66 
0.69 
0.65 
0.66 
0.1 
0.67 
0.7 
0.1 
0.71 
0.7 
0.6 
0.7 
Signal level, dBmW 
Loss of lock 
- 127.9 
- 123.9 
- 122.9 
- 122*9 
-121.9 
- 120.9 
- 140.9 
-121.9 
-121.9 
-121.9 
- 122.9 
- 122.9 
- 112.9 
- 122.9 
-136.9 
- 122.9 
- 122.9 
- 137.9 
-121.9 
- 122.9 
-121.9 
-121.9 
Change from 50 Q 
reference, dB 
4 
5 
5 
6 
7 
6 
6 
6 
5 
5 
15 
5 
5 
5 
6 
5 
6 
6 
noise-level temperature is determined from the data of 
Table 35 by noting the degradation of the DFR VHF 
channel when connected to the spacecraft antenna ref- 
erenced to a 50 ~2 termination at the DFR input. From 
the data it is seen that the change in required RF signal 
was 4 dB. The background effective antenna noise tem- 
perature with the spacecraft off, is then found from the 
following relationship: 
With 
T D F R  = 290°K for the DFR VHF receiver noise tem- 
T,, = 290°K for the 50 a termination at ambient 
perature (3-dB noise figure) 
temperature 
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Fig. 74. Dual-frequency receiver test configuration 
The effective antenna noise temperature Tsar for SAF 
with the spacecraft off is, then, 1165°K. For the remain- 
der of these tests, this background temperature level is 
assumed to remain constant. 
The values of effective antenna temperature T I C  with 
the spacecraft on are determined from the following 
expression: 
Measured degradation in decibels is 
TDFR + TSAR + Ts,c 
TDFR + T ~ e m  & = 1Olog 
Three separate effective antenna temperatures con- 
tributed by the spacecraft in various modes are deter- 
mined from the 5, 6, and 7 dB degradation levels. 
Table 36 summarizes the effect of each spacecraft noise 
mode in the presence of cosmic noise expected during 
the mission. These levels are determined from: 
Expected degradation in space in decibels is 
The data show that there is no degradation to the 
VHF channel of the DFR. 
No DFR acquisition threshold degradation results 
were obtained, since this test was not performed because 
of operator misinterpretation of the test procedure. 
The test for spacecraft noise environment at S-band 
was not performed during the spacecraft/DFR electro- 
magnetic compatibility test, Limited available test time 
was one of the factors considered by the Test Manager 
in eliminating this portion of the test at this time. The 
RF survey with EM1 test receivers was performed on a 
non-interference basis during portions of the final system 
test. No RF  levels were observed at either the center 
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frequency or the image. The low-gain antenna was used, 
as well as the high-gain antenna in its initial position. 
(7) Anomalies. 
Spacecraft Noise Environment at DFR Receiver Fre- 
* quencies. None. The test configuration and RF line 
losses are shown in Fig. 75. Immediately prior to the 
performance of this test, the DFR bench checkout equip- 
- ment cognizant personnel encountered RF  leakage prob- 
lems between the spacecraft and the test equipment. 
Considerable adjustment of equipment and an exchange 
of coaxial cables, in addition to shielding attempts, were 
made so that the test could be performed. The test was 
able to proceed after sufficient isolation was obtained. 
DFR Operation Threshold Degradation. This test was 
not performed due to operator misinterpretation of the 
test procedure. 
DFR Acquisition Threshold Degradation. None. The 
intent of this portion of the test was not carried out. 
Instead of gradually increasing the BCE signal to deter- 
mine the acquisition level a strong signal was employed 
to lock the receiver. 
Spacecraft Noise Environment at S-Band Receiver 
Center and Image Frequencies and Operation Degrada- 
- tion Tests. This test was not performed during the 
spacecraft/SFR electromagnetic compatibility test. Lim- 
ited available test time was one of the factors considered 
by the Test Manager in eliminating this portion of the 
test at this time. The RF  survey with EM1 test receivers 
was performed on a non-interference basis during por- 
tions of the final system test. No RF levels were ob- 
served at either the center frequency or the image. The 
low-gain antenna was used, as well as the high-gain an- 
tenna in its initial position. 
(8) Follow-up activity. There were no follow-up 
activities relative to the M67-1 DFR/S-band/system- 
configuration EMC test. 
(9) Recommendations. If the decision had been made 
to launch the M67-1 spare spacecraft, it was recom- 
mended that the DFR acquisition threshold degradation 
test, as well as the spacecraft noise environment at 
S-band receiver center and image frequencies and oper- 
ation degradation tests be made part of the flight quali- 
fying requirements. 
e.  M67-1 subsystems requalification following systems- 
level testing. This material is presented to consider 
subsystems that did not receive a valid system-level 
environmental test history - from such possible causes 
as late delivery or subsequent rework, after systems test, 
which invalidated system flight status - and to describe 
what was done to offset that deficiency. 
There were five M67-1 subsystems whose systems-test 
qualification was invalidated because of rework neces- 
sary following the spare spacecraft's systems environ- 
mental testing. The following information was extracted 
from two internal publications on the subject of retesting 
the subsystems. Because of the differences in the extent 
of rework, the time available, mission profile, and sub- 
system history, the retest plans for each of the subsys- 
tems were not identical but, in general, they required 
some degree of FA retesting, plus 200 to 300 h operat- 
ing time. 
Data Automation Subsystem. There were two reasons 
for retesting the DAS. 
The master clock frequency of the DAS was 
changed as a part of the DFR EM1 fix by replac- 
ing the clock crystals. 
As a result of two failures caused by unsoldered 
transformer leads, a detailed X-ray examination of 
all transformers was performed, and 48 suspect 
DAS transformers (PE 6161) were replaced. 
Three retesting requirements were made for the 
M67-1 DAS: 
Modules 20A2, 20A3, and 20A4 were subjected to 
the FA vibration levels specified in the axis which 
is perpendicular to the plane of the module circuit 
boards. The modules were mounted in the dummy- 
loaded vibration test case for the test. 
Upon completion of the vibration test, the com- 
plete DAS was retested in accordance with the 
specifications requirement for performance test 
with PDP-4 computer nominal and marginal volt- 
ages at room temperature. 
The entire DAS subsystem was subjected to the 
FA thermal-vacuum levels specified. Following 
FA thermal-vacuum test, the unit was subjected 
to 200 h of operating time in thermal-vacuum 
prior to redelivery to SAF, schedule permitting. 
JPL TECHNICAL REPORT 32-1249 115 
Radio Subsystem. Cavity amplifier power supply 
(2PS2, SN 14353), TWT power supply (2PS3, SN 14346), 
and transponder X30 frequency multipliers (SN 11 and 
12) were modified in accordance with ECRs: three tan- 
talum capacitors were replaced in the 2PS2 and two 
tantalum capacitors in the 2PS3, by units with improved 
terminal seals. The transponder modification consisted 
of fillet-bonding the output cavity to the X30 multiplier 
module cover. 
The M67-1 radio subsystem had completed FA envi- 
ronmental tests as a subsystem in accordance with the 
requirements before undergoing spacecraft FA testing. 
After modifications were completed, the specified 
requirements for retesting the radio subsystem were 
waived, and the following tests were performed to es- 
tablish a satisfactory confidence level: 
2 P S 2 :  FA vibration test in Z plane only. Power down 
(Launch Mode) condition. Outputs connected to a 
dummy load were monitored and recorded. 
FA vacuum-temperature test with 1 h at 0°C 
and 20-h operation after stabilizing at +55"C. Power 
up condition with outputs connected to dummy load 
and monitored. 
Operation at room ambient pressure and tem- 
perature in power up condition with outputs con- 
nected to a dummy load for a minimum of 100 h, 
200-h goal. Performance was monitored. 
2 P S 3 :  FA vibration test in Z plane only. Power down 
(Launch Mode) condition. Outputs connected to a 
dummy load. Monitor and record output voltage and 
current. 
FA vacuum-temperature test with 1 h at 0°C 
and 20-h operation after stabilizing at +55"C. Power 
up condition. Outputs connected to dwnmy load and 
monitored. 
Operation at room pressure and temperature. 
Power up condition. Outputs connected to dummy 
load. Test time: 100-h minimum, 200-h goal. Perfor- 
mance was monitored. 
X30 Module: Bench test with complete radio subsys- 
tem after foregoing power supply tests. Bench test to 
demonstrate satisfactory performance in accordance 
with the requirements of the specification. 
Tape recorder subsystem. 
(1) Vibration. The 16A2 was vibrated in a bay V dum- 
my module to FA limits at JPL in one plane only. l6Al 
was vibrator tested at Raymond Engineering Labora- 
tory, Inc. (REL), as part of the rework effort. . 
(2) Thermal-vacuum. The entire tape recorder system 
(TRS) was tested at FA temperature limits at REL. This 
test lasted approximately 4 h at each temperature and - 
was not in a vacuum. A leak test of MA1 was performed 
at REL in a vacuum, but only at ambient temperature; 
the REL vacuum test does not have temperature cycle 
capability. The JPL margin and acceptance testing were 
performed by JPL personnel in parallel with the REL 
test to expedite delivery to the spacecraft. The entire 
TRS was subjected to a total of 200-h operating time 
prior to redelivery. 
Power subsystem. During a life test that was being 
performed on the TA power supply unit, a capacitor 
failure occurred @ the three-phase inverter subassembly 
(4A18). This capacitor was replaced, and the replaced 
capacitor then failed. It was determined that these fail- 
ures were independent of one another, and the decision 
was made to change capacitor type in each power supply 
subsystem. 
The retesting requirements for the M67-1 power sup- 
ply (4A18) were the following: 
(1) Perform FA shake in 3 axes and 40 h in FA 
thermal-vacuum per specification with the flight 
4A18 installed in the TA unit. 
(2) The unit (still in the TA unit) was subjected to 
250 h of testing under vacuum conditions at room 
temperature with power on. 
DFR subsystem. After the 7-MHz crystal had been 
replaced in DFRs 2 and 3, the FA tests were performed 
at JPL. The requirements of the JPL specification were 
modified, as follows, for this retest only: 
(1) The vibration test was on one axis only (space- 
craft roll). 
(2) Vacuum temperature test time was 30 min, or 
more, at 0°C and 4 h, or more, at 55°C. 
Testing was satisfactorily completed. The only anom- 
aly was a correction to a tuning circuit. 
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Additional information regarding these subsystems (4) Magnetometer. There were no waivers or devia- 
can be found in the following paragraphs on subsystem- 
level FA testing. 
tions on this unit. 
(5) UV photometer. An internal memorandum waived 
the requalification testing of replacement filters for the 
UV photometer. 
2. Subsystem leuel. 
a. Spacecraft M67-1 flight-acceptance testing. A sum- 
mary of the M67-1 flight-acceptance subsystem testing is 
presented in Table 37. This table shows each of the sub- 
systems that were on the M67-1 spacecraft and discusses 
any significant past test history experienced by that unit 
during the Mariner Mars 1964 test program. The table 
also depicts the dates on which the units underwent vi- 
bration and thermal-vacuum testing and whether they 
passed or failed; and notes describe all of the problems 
and/or failures that resulted from the flight acceptance 
subsystem testing associated with the M67-1 spacecraft. 
Summaries of all waivers and test deviations which 
were written against M67-1 hardware during the Mariner 
Venus 67 flight acceptance testing program and of the 
M67-1 flight equipment which was flight-acceptance 
tested during the Mariner Mars 1964 program is in- 
cluded. The flight equipment listed in this summary 
passed all of the flight acceptance requirements on the 
Mariner Mars 1964 program without any failures or 
anomalies and was accepted as flightworthy for the 
Mariner Venus 67 program. AI1 other equipment was 
modified either to increase its reliability or because the 
functional requirements were changed by the difference 
in the science payloads between the two missions. 
I 
- 
- 
- 
Summary of FA waivers and test deviations for M67-1 
spacecraft subsystems. 
(1) Data automation subsystem. The DAS was re- 
tested after the M67-1 spacecraft had gone through sys- 
tem environmental testing because the crystals in the 
DAS master clock were changed as part of the DFR 
EM1 fix. The retest requirements were as follows: 
(1) Modules 20A2, 20A3 and 20A4 were subjected to 
partial FA vibration levels; (2) upon completion, the en- 
tire DAS was subjected to a partial FA vibration test 
and (3) following this, the entire DAS was FA thermal- 
vacuun. tested, which consisted of 200 h of operating 
time in thermal-vacuum prior to redelivery to the space- 
craft. 
(2) Trapped radiation detector. There were no waivers 
or deviations on this unit. 
(3) Plasma probe. There were no waivers or deviations 
on this unit. 
(6) Dual-frequency receiuer. Flight-acceptance testing 
of the DFR filters was waived on a subsystem level be- 
cause they were qualified on the M67-1 spacecraft at the 
system level. The DFR was retested after the 7-MHz 
crystals were replaced. The retest consisted of one plane 
of vibration, only, and a thermal-vacuum test of 30 min 
at 0°C and 4 h at +55"C. This is the only M67-1 sub- 
system which had to be requalified after the M67-2 
spacecraft system environmental testing was completed. 
(7) Transponder (radio): Cases V and VI. Flight- 
acceptance testing of the radio after modification in 
accordance with ECRs occurred after the M67-1 space- 
craft had gone through system environmental testing. 
The modification consisted of replacing three capacitors 
in the 2PS2 unit and two capacitors in the 2PS3 unit and, 
also, of fillet-bonding the X30 multiplier module. The 
retest consisted of the following: (1) FA vibration, Z axis 
only, of 2PS2 and 2PS3; thermal-vacuum testing for 1 h 
at 0°C and 20 h at +55"C; also, a minimum of 100 h at 
room ambient pressures and temperature. (2) The X30 
module was bench tested with the complete radio sub- 
system after foregoing the power-supply test. 
(8) Data encoder. There were no waivers or deviations 
on this unit. 
(9) Command subsystem. There were no waivers or 
deviations on this unit. 
(10) Tape recorder. An internal memorandum covers 
the FA retesting of the tape recorder after modification 
in accordance with ECRs. This occurred after the M67-1 
spacecraft had gone through system environmental test- 
ing. The modification consisted of potting of 16Al and 
16A2 modules with new potting compound and the re- 
placement of a diode in the 16A4 module. The retest 
consisted of the following: (1) FA vibration was run on 
one plane, only, of 16A1 and 16A2. (2) FA temperature 
test was conducted of the entire TRS at ambient pres- 
sures for 4 h at each specified temperature. 
(11) High-gain antenna. A waiver permitted changing 
FA thermal-vacuum test temperature from -260°F for 
2 h to -245°F k5"F for 2 h. 
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(12) Low-gain antenna. The requirement to do FA 
thermal-vacuum testing of the low-gain antenna was 
waived by an internal memorandum. 
(13) DFR antenna. There were no waivers or devia- 
tions on this unit. 
(14) Attitude-control electronics. Two ECRs cover FA 
retesting of the unit after design change. The test con- 
sisted of one plane, Z axis only, of vibration. 
( 15) Attitude-control 
deviations on this unit. 
( 16) Attitude-control 
deviations on this unit. 
gyro. There were no waivers or 
gas. There were no waivers or 
(17) Canopus sensor. An internal communication 
waived the FA demagnetization requirement for the 
Canopus sensor. 
(18) Sun sensors. An internal communication waived 
the FA lower temperature limits. The waiver was based 
on special test results. 
(19) Earth and terminator sensors. A waiver revised 
the lower FA test temperature to 0°F. 
(20) Planet sensor. There were no waivers or devia- 
tions on this unit. 
(21) Jet vane actuators. An internal communication 
waived the +20"F temperature test on SN 108. The unit 
passed FA at +32"F before specific action was changed. 
The waiver was based on special test results. 
(22) Central computer and sequencer. There were no 
waivers or deviations on this unit. 
(23) Poaer bays I and VIII. The FA retesting of the 
4A18 power conversion unit after replacement of a ca- 
pacitor in the unit was accomplished after the M67-1 
spacecraft had gone through system environmental test- 
ing. Retest consisted of the following: Flight unit 4A18 
was installed in the FA subsystem and FA vibration- 
tested in all three axes; it was then subjected to 40 h of 
FA thermal-vacuum testing. In addition, unit was tested 
for 250 h at room temperature with power on. 
(24) Battery. There were no waivers or deviations on 
this unit. 
(25) S o h  panels. An internal memorandum waived 
FA acoustic testing of flight solar panels. Another 
waived FA vibration of flight solar panels. 
(26) Thermal control assembly. There were no waivers 
or deviations on this unit. 
(27) Dampers. There were no waivers or deviations on 
this unit. 
(28) Separation-initiated timer. There were no waivers 
or deviations on this unit. 
(29) Pyro arming switch. There were no waivers or 
deviations on this unit. 
(30) Post-injection propulsion system. There were no 
waivers or deviations on this unit. 
(31) Pyrotechnic control. There were no waivers or 
deviations on this unit. 
Mariner Mars 1964 flight-acce ptance testing of MV67-1 
flight equipment. The flight equipment listed below 
passed all flight-acceptance requirements on the Mariner 
Mars 1964 program without any failures or anomalies 
and was accepted as flightworthy for the Mariner Venus 
67 program. 
(1) Attitude-control gyros. The attitude-control gyros 
and control assembly, 7A2, SN 017, passed all flight- 
acceptance requirements on the Mariner Mars 1964 pro- 
gram without any failures or anomalies. 
(2) Sun sensors. The sun sensors, 7PS2 and 7PS6, SN 8; 
7SS2 and 7SS6, SN 8; and the sun gate sensor 7SG2, SN 8, 
passed all FA requirements on the Mariner Mars 1964 
program without any failures or anomalies. All test re- 
sults can be found on TRSFs on file in the Environ- 
mental Requirements Group. 
(3) Solar panel cruise dampers. The solar panel cruise 
dampers, bays I, 111, V and VII, SN C-119 through C-122, 
passed all FA requirements on Mariner Mars 1964 pro- 
gram without any failures or anomalies. All test results 
can be found on TRSFs on file in the Environmental 
Requirements Group. 
(4) Post-injection propulsion system. The PIPS, which 
was originally SN MC-64, now SN M67-1, passed all FA 
requirements on Mariner Mars 1964 program without 
any failures or anomalies. 
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Specification interference JPL procedure 
Frequency, MHz Power density, dBmW/m* 
Power density, 
dBmW,m~ 
b. Special subsystem tests. 
Dual-frequency receiver ( S N  02) E M I  testing. Dual- 
frequency receiver electromagnetic interference testing 
was performed to verify that the DFR would function 
properly when subjected to an electromagnetic environ- 
* ment similar to that expected to exist on the Mariner 
Venus 67 spacecraft. 
(1) Requirements vs test. The Mariner Venus 67 DFR 
used a configuration that had not flown on a spacecraft 
nor had been subjected to an electromagnetic environ- 
ment similar to that expected for the Mariner Venus 67 
spacecraft. The EM1 testing levels that were used to 
verify that the DFR would function properly were de- 
rived from data acquired during the testing sequence of 
the Mariner Mars 1964 spacecraft and the expected elec- 
tromagnetic environment for the Mariner Venus 67 
spacecraft. In accordance with the specification, the 
DFR was tested per JPL procedure. Listed in Table 38 
are the required tests and the defined test limits. 
Table 38. M67-1 dual-frequency receiver EM1 tests and test limits 
Interference limits Electromagnetic 
interference 
Sinusoidal 
30 Hz to 15 kHz 
Specification JPL procedure 
0.05 V peak to 
peak 
0.05 V peak to 
peak 
0.005 V peak to 
peak 
Generated interference 
0.05 V peak to peak 
Generated conducted 
transient 
Generated sinusoidal 
30 Hz to 150 kHz 
< 20.5 V max I < k0.5 V max 15 to 150 kHz 0.05 V peak to peak a t  
. 20 dB/decade to 15 kHz, decreasing a t  
0.005 V peak to peak 
at 150 kHz 
0.005 V peak to peak 
<0.5 V peak to peak <0.5 V peak 
to peak 
<0.5 V peak 
to peak 
15 to 150 kHz <0.5 V peak to peak, 
decreasing a t  20 dB/oc- 
tave to 0.05 V peak to 
peak at 150 kHz 
150 kHz to 25 MHz 
0.05 V peak I to peak 150 kHz to 25 MHz <0.05 V peak to peak I 
Conducted interference susceptibility power leads 
229.9 
244.3 
2297.5 
5765 
8000 
9000 
- 8  
- 19 
- 2  
- 18 
- 9  
- 12 
C 8 V amplitude 
5 2 0  p s  wide 
5 7  ps rise time 
Repetition rate: 0.5 to 500 
PPS 
2 8  V amplitude 
0.5 V peak to 
peak 
0.5 V peak to 
peak 
0.05 V peak to 
peak 
Transients 
Sinusoidal 
30 Hz to 15 kHz Spurious response Susceptibility test 0.5 V peak to peak 
Frequency, MHz Signal level, dBmW 
15 kHz to 150 kHz 0.5 V peak to peak a t  15 
kHr, decreasing at 
20 dB/decade to 0.05 V 
peak to peak at 150 kHz. 
0.05 V peak to peak 
27.5 
2000 
2150 
2220 
2297.5 
2450 
2600 
4590 
9210 
- 65 
- 75 
- 65 
- 78 
- 2  
- 59 
- 73 
- 62 
- 76 
150 kHz to 25 MHz 
Conducted interference susceptibility-signal lines 
520ps wide amplitude 
2 7  p s  rise time 
Repetition rate: 0.5 to 
500 PPS 
Oscillator radiation test 
- 2115-2116 - 100 
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(2)  Results. The DFR (SN 02) was subjected to EM1 
testing for flight acceptance as outlined in the JPL pro- 
cedure. The DFR successfully passed the tests as speci- 
fied and operated within the prescribed limits, with no 
degradation to operation during all electromagnetic in- 
terference testing. 
Solar panel single-panel FA testing. 
(1) Test plan. The TA vibration test plan (see Sec- 
tion 11) was intended to lead to proper FA test levels. 
The FA single panel test configuration was a vibration 
input to the hinged end of the panel with the damper 
attachment points attached to struts rigidly fastened at 
the other end to the floor of the test facility. Input levels 
were selected to result in a single panel response in two 
corrugation modes that would produce panel stresses 
equal to those that would result on the panel during part 
of the FA spacecraft test. The desired response at a con- 
trol location (on the corrugation side of the panel) and 
an estimate of the required input at the hinges were de- 
rived during the TA test program. The test was to be 
conducted by sweeping over the specified frequencies at 
the estimated input level with a limiting accelerometer 
mounted at the response control location. If an instan- 
taneous acceleration exceeding a level of 10% above the 
desired response were reached, the test would automat- 
ically, and instantly, be stopped. The test would then be 
repeated with the input level reduced by 3 dB. This pro- 
cedure was necessary because the panel damping might 
vary (from panel to panel) sufficiently to cause the re- 
sponse to exceed the desired value. At a later date (prior 
to FA testing), the allowable response was loosened up to 
20% above the nominal value in an attempt to make test 
limiting less likely. 
It was clear that these tests were nonstandard and 
would require the presence of cognizant environmental 
requirements and structural engineers. On-the-spot ac- 
tion determinations were quite likely to be required by 
test phenomena that could not be anticipated prior to the 
actual test. 
(2)  Test resuZts. Three flight solar panels (SNs 003, 
004, and 005) were FA tested to the required input level 
without activating the response limiter. NO cognizant 
environmental requirements nor structural engineers 
were present, and the results of the test could only be 
evaluated in retrospect. For this test, the adequacy cri- 
teria was not the attainment of specified input levels 
but, rather, the attainment of desired responses. The 
response at the response control location is plotted on 
Fig. 77. Interpretation of the indicated responses is com- 
plicated by two factors. 
First, on panel SN 003, the response-control accelerom- 
eter was mounted on the cell face, while on SNs 004 and 
005 the accelerometer was mounted on the rear of the 
panel in a valley of the corrugation. The specified loca- * 
tion for the response accelerometer was on a peak of the 
corrugation inside the central channel member running 
the length of the panel. 
Second, the peak of the fast-changing responses may 
be 1.4 to 1.8 times higher than indicated, due to exces- 
sive time constants in the analysis system discovered in 
later tests. It is known, however, that the response did 
not exceed the limit value (3.35-g peak) so the real re- 
sponse is between the indicated value and 3.35-g peak. 
The desired response at the lower frequency resonance 
was 2.8-g peak; at the higher, it was 6.6-g peak. One of 
the panels (SN 005) did respond to a value between the 
indicated 2.0-g peak and the limit value 3.35-g peak. 
The other two pinels may not have quite reached full 
resonance response. Since the objectives of the FA test 
requirements were not met, a PFR was written on these 
three tests, and reconsideration of the entire FA test pro- 
gram was undertaken. 
The TA panel was retested in the single-panel config- 
uration to measure the effect of ( 1 )  the location of the 
response accelerometer (cell side or peak of corrugation), - 
(2)  the torque of the hinge bolts, and (3)  sweep direction. 
These data were to be used in understanding what hap- 
pened during the three FA tests and how the future tests 
might be more properly performed. The test results 
showed that the measurement on the corrugations was 
about double that on the cells over the entire FA test 
frequency range and that sweep direction affected the 
apparent resonance in the classic manner (lower for 
downsweep). No effect of torque at the hinges was un- 
covered. This test proved that the previous assumption 
that the cell-side and corrugation-side accelerometers 
should agree was very much in error, because the peak 
of the corrugation accelerometer indicated a response 
about double that on the cell side. 
Following a meeting between all cognizant engineers 
and Project personnel, it was concluded that the panels 
should not be FA tested in the single-panel configuration 
but, rather, that all panels (including those already FA 
tested) should be included as part of the system-level 
FA test. 
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* Fig. 77. Mariner Venus 67 single solar panel FA vibration test response at limit location 
However, while this decision was being reached, an- 
other panel (SN 006) was inadvertently being FA tested. 
For this panel (SN OOS), the response-control acceler- 
ometer was located on the peak of the corrugation, as 
was originally intended. As a result of the higher output 
of this location, the test could not be conducted at the 
high-frequency sweep range (due to limiting). The test 
was conducted over the low-frequency range, but the 
limiter circuit was not correctly mechanized. Therefore, 
again due to the higher output on the corrugations, the 
specified limit value was exceeded (a response of 6.5-g 
peak compared with the limit value of 3.35-g peak). A 
modal test was conducted (at very low stress levels) on 
this panel and it was concluded that this response level 
would not be detrimental to the panel. 
(3) FA testing on the system FA tests. All six flight 
panels were tested as part of a spacecraft system test. 
Panels SNs 003 and 004 were on M67-1, while 005, 006, 
007, and 008 were on M67-2 (bays V, VII, I and 111, re- 
spectively). No FA panel vibration was monitored on 
M67-1, but a response accelerometer was mounted on all 
panels on M67-2 (at the corrugation-peak location). Data 
from panels SNs 007 and 008 were lost during the XY 
bay I1 test. The maximum response during the low- 
frequency sine sweeps (all input axes) are shown on 
Figs. 78 through 81. The high-level resonance at 100 to 
110 Hz (allowing a level of 50-g peak on SN 007) is not 
the one intended to be excited during single panel test- 
ing. The low-frequency resonance appears at 82 Hz on 
all panels and at about 80 to 82 Hz on the single panel 
FA test (Fig. 77). The high-frequency resonance appears 
at about 124 Hz. Apparently, the single panel FA high- 
frequency sine sweep was started just past the 100- to 
110-Hz resonance and did not quite reach the 124 Hz 
resonance. The data in Figs. 78 through 81 show that the 
82 Hz resonance was excited to 10- to 15-g peak. This 
would compare with the desired response of 2.8-g peak. 
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Part of this deficiency is due to the effect of the corru- 
gation location on the spacecraft test measurement com- 
pared with the cell location on the STM test used in 
developing the desired response. The story at the 124 
Hz resonance is similar; the response in the system test 
runs between 8- and 20-g peak compared with a single 
panel desired response of 6.6-g peak. Again, considering 
the effect of the corrugation mounting, the response dur- 
ing system test was close to the desired response. 
- 
Solar panel thermal-vaeuum testing. 
(1) Test plan. It was intended that the Mariner 
Venus 67 flight solar panels be tested in the JPL 7- X 14ft  
thermal-vacuum chamber per JPL specification. A 
quartz heater, infrared radiant-heat source (Fig. 82) was 
employed to control panel temperature. A total of 30 
thermocouples were employed to monitor the panel's 
Fig. 82. Solar panel thermal gradient test temperature-one on each of the panel's 18 zener 
4 5 
TIME FROM START OF TEST, h 
Fig. 83. Typical plot of control thermocouple for Mariner Venus 67 solar panels, FA thermal-vacuum test 
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diodes, the remaining thermocouples uniformly distrib- 
uted over the cell area. Figure 83 shows a typical plot 
of control thermocouples. Each panel was required to 
be exposed to a 239°F temperature for 2 h and to a 
140°F temperature for 38 h. Maximum thermal gradient 
across the panel was to be limited to less than 10°F. The 
maximum thermal shock to be experienced by the panel 
was to be limited to less than S0F/min. 
* 
" (2) Test results. All Mariner Venus 67 flight-spacecraft 
solar panel SNs 3 through 8 were thermal-vacuum tested 
in the JPL 7- X 14-ft chamber, as specified. No anom- 
alies were detected during this period in panel or cham- 
ber performance. On several of the panels, one or two 
of the thermocouples were found -to be operating suspi- 
ciously. Subsequent investigations indicated that the dif- 
ficulty was always traced to broken thermocouple wiring 
or improper bonding of the thermocouple to the panel. 
There were no difficulties encountered in this test and 
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the sunlight electrical performance of the panels before 
and after FA thermal-vacuum testing did not reveal any 
degradation. 
The maximum thermal gradient measured across the 
panels was <8"F. 
c. Special subsystem environmental test anomalies. 
Attitudecontrol jet valves vibration test anomaly. The 
results of the Mariner Venus 67 jet valve FA vibration 
tests displayed test anomalies that have been described 
as a fixture problem. The ASDs of the control trans- 
ducers used on both the FA and TA tests were com- 
pared in an attempt to demonstrate the margin of safety 
provided by the TA testing. 
Figure 84 is an example of the actual test data from 
the FA and TA tests with the shake axis perpendicular 
IO0 2 4 6 IO' 2 4 6  102 2 4 6  
FREQUENCY, Hz 
Fig. 84. Jet-valve-noise vibration data, shake axis perpendicular to valve axis 
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to the valve axis. The ASD of the TA test envelops the 
FA spectrum levels in the entire test frequency band. 
In particular, the FA test anomaly between 1700 and 
2000 Hz was covered by the TA levels in this range. 
Figure 85 presents similar data with the shake axis 
parallel to the valve axis. The TA spectrum levels cover 
the FA levels over most of the test frequency band. 
However, in the range of 1500 to 1600 Hz, two narrow- 
band spikes, caused by the FA test anomaly, are above 
the TA levels. However, since the natural frequency of the 
valve-spring-retainer system is approximately 3 Hz, 
the high-frequency over-test probably had no deleterious 
effect on this system. 
Considering the overall test level (g rms) differences, 
the TA level of 16.4 g rms displays a large safety margin 
compared to the 9.1 g rms of the FA test. The valves 
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have never displayed degradation from TA vibration 
testing. 
Based on the information presented above, it was con- 
cluded that the FA test anomalies on the Mariner 
Venus 67 attitude-control jet valves produced no delete- 
rious effects on the valves, and that they were accept- 
able for flight. 
- 
DAS uibration test anomaly. Two planes of vibration 
were completed on the M67-1 data automation system 
assembly (SN 071) on March 3, 1967. The third plane 
could not be equalized to the properly shaped random 
noise input spectrum at y3 level. A full-level run was not 
attempted until the source of the equalization problem 
was identified and corrected. The third plane (spacecraft 
X axis) of shake was completed on March 21, 1967. 
+A NOISE-'TEST I I 
SPECTRUM 16.49 r 
/ I  I 
'A NOISE- TEST 
SPECTRUM 9.1~ ms- 
IO' 2 4 6 102 2 4 
FREQUENCY, Hz 
103 2 
Fig. 85. Jet-valve-noise vibration data, shake axis parallel to valve axis 
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ACTUAL TEST 
SPECTRUM - I SPECIFICATION TOLERANCES 
DAS SN 071 
CLOSED LOOP 
9.7g rms, I min 
x AXIS, PLANE 3 
I 
0.5 I .o 1.5 
FREQUENCY, kHz 
Fig. 86. DAS vibration test, X axis 
0 
- Figure 86 displays the actual test spectrum and the 
allowable tolerances. At the referenced frequency, a 
peak can be seen that is <1M dB and is within the 
., allowable tolerance. 
Canopus semor anomaly: EM1 test. All Canopus sen- 
sor EM1 testing relating to the intensity output anomaly 
that occurred at Cape Kennedy just prior to launch is 
discussed in full in Section 111. 
B. Spacecraft M67-2 Night-Acceptance Environmental 
Tests 
1. System level. This material is applicable to the 
M67-2 spacecraft system. Included are the reports of 
the system-level FA environmental tests, and a history 
of subsystem experience in system-level environmental 
tests. The subsystem history examines whether a given 
subsystem experienced the system test, and if not, what 
was (or should have been) done to offset the deficiency. 
a. Spacecraft FA vibration tests. 
Configuration. The test configuration consisted of 
flight hardware, with the exception of the PIPS and 
pyrotechnic actuators. 
0 
Test description. The spacecraft structure was excited 
through each of the following axes: (1) roll, (2) through 
bays 11-VI, and through bays IV-VIII. The nominal test 
sequence was a sinusoidal sweep at 2 octaves/min be- 
tween 20 and 200 Hz, and band-limited random noise 
with a shaped spectrum between approximately 100 
and 2000 Hz. 
Figure 87 shows the M67-2 FA vibration test setup. 
Table 39 displays the specified FA level test parameters 
for all tests. 
Test results. 
(1) Sinusoidal tests. Test level control during each of 
the sweep tests was within the specified tolerance 
of +5% with one minor exception. The tolerance results 
in a specified test level range of approximately 0.47 to 
0.53 g rms for the lateral axes test runs 2 and 4. Table 39 
contains the actual average test level bounds for these 
runs. The test level range for the roll axis test is 0.95 to 
1.05 g rms and the actual test level bounds are given in 
run 6, Table 39. 
(2) Noise tests. The actual average test levels were 
higher than nominal, but within the specified tolerance 
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Table 39. M67-2 flight-acceptance vibration tests 
Type of test Frequency range, Hz 
Sine sweep 200 to 20 to 200 
Shaped noise 100 to 2000 
Shaped noise 100 to 2000 
Sine sweep 200 to 20 to 200 
Test No. 
Test level, g nns  
Specification Actual 
0.50 0.53 to 0.47" 
9.7 9.9 
0.50 0.51 to 0.48' 
9.7 10.0 
Spacecraft axis 
6 
7 
XY (bay Il-VI) 
XY ,(bay Il-VI) 
XY (bay VI-VIII) 
XY (bay VI-VIII) 
Z Sine sweep 200 to 20 to 200 1 .00 1.02 to 0.w 
Z Shaped noise 100 to 2000 9.7 10.1 
Test No. 
3 
5 
7 
Spacecraft Maximum test Frequency of 
shake axis deviation, dB" deviation, Hz 
XY (bay 11-VI) 1% 820 
XY (bay IV-VIII) 1% 820 
-1% 1700 
Z u 900 
-1% 1920 
- 1% 1700 
Fig. 87. FA vibration test setup for M67-2 
of *1 dB. Table 39 displays a comparison of the test 
results with the nominal specified level. The tolerance 
on the specified 9.7 g rms level allows a range of 8.6 to 
10.7 g rms for the actual test levels. Reference to the 
table shows runs 3,5, and 7 had resulting average levels 
of 9.9, 10.0, and 10.1 g rms, respectively. 
Noise-spectrum-level control was well within the 
specified tolerances of +1Y2 dB, as shown in Fig. 88. 
The figure displays the actual test power spectrum 
(test input ASD) for each shake axis and the range 
allowed by the specified tolerance. The final test equal- 
Test duration, 
200 
60 
200 
60 
200 
60 
ization acceptance of each shake axis was based on a 
plot in this figure. Table 40 contains the maximum devia- 
tions from the nominal test spectrum for each shake axis, 
Test anomalies. Transient signals detected by the fail- 
safe peak limiter circuit caused three sinusoidal tests to 
be terminated. The. spacecraft response to these tran- 
sients was negligible in all cases as shown by the space- 
craft accelerometer data. 
A transient terminated the pretest integrity sinusoidal 
sweep through XY bays 11-VI at approximately 115 Hz. 
Since only one control circuit displayed this transient, it 
was concluded that a loose connection in a circuit ter- 
minal was the cause. When the terminal was repaired, 
the test was rerun to completion per procedure waiver. 
- 
The first FA sinusoidal sweep in the 2 axis was ter- 
minated by a mechanical transient at 112 Hz. This trm- 
sient was distinctly different from the first anomaly. Its 
source was clearly mechanical, as indicated by the re- 
sponse of all of the control accelerometers and the 
SReference 1 g2/HzI 
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(a)  SHAKE AXIS: X Y  BAY IC-= I 
- 
SPEC1 FICATION 
-10 d8 (TYP) 
TEST INPUT ASD (TYP) TOLERANCES (TYP) - 
- 
9.9 g rms - 
N 
h 
LL 
w 
U 
m 
(b) SHAKE AXIS: XY BAY IZL - IIU 
- 
I-------- 
- - - 
- 
10.0 g rms - 
------ 
-7- =
I I I I I I I I I 
(c) SHAKE AXIS: Z 
0 0.5 I .o 1.5 2 .o 
FREQUENCY, k H z 
Fig. 88. M67-2 system FA noise vibration acceleration spectral density 
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adapter response accelerometers. The spacecraft response 
to this transient was negligible. 
Retaining the same peak limiter setting but adding 
fixture instrumentation, the test was rerun, beginning at 
125 Hz instead of 200 Hz per procedure waiver. A simi- 
lar transient occurred, and this test was terminated. The 
source of the transient was not identified; however, space- 
craft response to this transient was again insignificant. 
Because the source of the transient could not be found 
and the spacecraft response to the transient was negli- 
gible, it was decided to raise the peak limiter setting in 
an effort to pass the anomalous signal. Upon reviewing 
the data, a transient amplitude of 3.6 g peak was causing 
the peak limiting. This transient level produced no 
spacecraft response, and it was assumed that raising the 
peak limiter to 5.6 g peak (4 g rms) would pass the tran- 
sient but would not effect a significant response. For 
safety reasons, it was decided to use this higher peak 
limiter setting in the high-frequency range of 90 to 
200 Hz, only, per procedure waiver. The test run in this 
frequency range was completed with no significant 
spacecraft transient response. 
Resetting the peak limiter to the nominal 2.8 g peak, 
the low-frequency (90 to 20 Hz) test was completed with 
no incidents, per procedure waiver. 
In each of the sinusoidal tests, an input level exceed- 
ing the specified tolerance existed at a discrete fre- 
quency. The deviation produced as much as a 21% 
increase in the input test level at this frequency, but the 
magnitude was less than the peak limiter setting. Spe- 
cifically, the percentage of input level increase for 
runs 2, 4, and 6 were, respectively, 19%, 2176, and 
10% (compared with the allowable tolerance of 5%). 
During the M67-2 testing, the acceptability of the tests 
was based on the similarity in the M67-2 response as com- 
pared with the M67-1 when measured by the spacecraft 
response accelerometers. The accelerometer in the direc- 
tion of shake on the secondary structure was used as a 
common reference. The test was considered acceptable 
if the M67-2 responses were within approximately 10% of 
the M67-1 response at that location. (This number was 
based on the maximum possible deviation of 10% al- 
lowed by the &5% tolerance on the spacecraft inputs.) 
At no time did the response level, as defined pre- 
viously, exceed 10% above the M67-1 tests at the dis- 
138 
Crete frequencies in question. This slight difference in 
response levels was and is considered negligible. 
On completion of the testing, no spacecraft problems 
were noted. 
b. Spacecraft FA pyrotechnic shock test. 
Test events and comparison with specification require- 
ments. The pyrotechnic shock test (test setup shown in 
Fig. 89) consisted of firing those pyrotechnic devices 
- 
Fig. 89. Pyrotechnic shock test setup 
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that would produce the maximum primary shock spectra 
response throughout the spacecraft. These events were 
selected after analysis of the shock spectra response re- 
corded during the M67-1 pyrotechnic test in which all 
spacecraft pyrotechnic events, including the shroud 
V-band release, were initiated. The pyrotechnic events 
specified and performed were (1) the spacecraft V-band 
release, (2) the solar-panel deploy, and (3) the antenna 
pointing angle change (APAC). There was no deviation 
from the specified requirements. 
. 
. 
Cornparison with M67-1 data. Since there can be no 
control of the spacecraft shock response parameters 
other than the selection and utilization of accepted 
squibs and pinpullers for each of the pyrotechnic 
events, there are no specified shock response parameters 
to compare with the measured response data. However, 
a comparison of shock spectra for the previously per- 
formed M67-1 spacecraft and this M67-2 test can be made. 
Measurement and comparison of shock spectra re- 
corded at comparable locations on the M67-1 and M67-2 
spacecraft (flight location on bus 2 axis) and in the 
LMSC adapter for the same pyrotechnic events indicate 
that the tests produced very similar shock spectra re- 
sponses. A typical comparison (flight locations in bus 
and adapter for spacecraft V-band release pyrotechnics) 
is shown in Figs. 90 and 91, respectively. 
Test anomalies. There were no test anomalies. 
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Fig. 90. Pyrotechnic shock spectra comparison, 
M67-1 and M67-2, acceleration code B3 
Spacecraft test configuration. For this pyrotechnic 
test, the M67-2 spacecraft consisted of flight hardware 
with the exception of the following units: The PIPS and 
attitude-control system were from the STM; solar panels 3 
and 4 were from flight spares, and the others were 
flight spares. 
Spacecraft failures during test. No spacecraft failures 
occurred. 
c. Spacecraft FA thermal-vacuum test. 
Comparison of test configuration with flight configu- 
ration. The thermal-vacuum test setup for the M67-2 is 
shown in Fig. 92. The M67-2 spacecraft had the follow- 
ing nonflight items during the systems test: 
(1) Low-gain antenna damper 
(2) Battery assembly 
(3) Thermal shields (corners A, B, C, D, E, F, G, H) 
(4) Solar panels 
(5) All squibs (except high-gain antenna) 
(6) Pinpullers (except high-gain antenna) 
Comparison of actual test with test requirements. A 
comparison of the requirements as set forth in the TOP, 
the M67-2 FA specification, and the M67-1 Detail Test 
Procedure as a function of the actual test is presented in 
1x103 
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Fig. 91. Pyrotechnic shock spectra Comparison, 
M67-1 and M67-2, acceleration code F4 
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Fig. 92. FA thermal-vacuum test setup for M67-2 
Tables 41 and 42. Table 41 covers phase I of the test. 
The phase I deviations worthy of mention were as follows: 
Earth-cruise mode with TWT, battery charger on, 
gyros off, I = 126 W/ft2, was deleted as requested 
by thermal control group, in order to correlate 
data with M67-1 spacecraft turning battery 
charger off. 
Gyros were turned off for first encounter mode, 
I = 248 W/ft", because gas supply was low from 
improper functioning of relay inhibit switch while 
chamber leak check was being performed. 
Intensity during second playback and post-playback 
was 275 W/ft2 instead of 290 W/ft" because of 
several lamp failures in chamber. 
Deployment of the high-gain antenna was post- 
poned until phase I1 of test. 
Table 42 covers phase I1 of the M67-2 thermal- 
vacuum test. Phase I1 deviations are presented below: 
(1) The earth-cruise mode with cavity amplifier, bat- 
tery charger off, gyros off, was not performed 
because the spacecraft is fairly insensitive to in- 
tensity changes and it was felt that very little 
information would be gained. 
(2) Time at 290 W/ft2 was shortened because test re- 
quirements had been satisfied. 
(3) Deployment of high-gain antenna caused pressure 
to increase by 0.3 of a decade with a rapid recov- 
ery. Pinpuller temperature increased from -5 
to 25°F. 
Problem/#ailures during test. 
(1) Spacecraft-related. A second pumpdown occurred 
in phase I because the UV stimulus for the UV photom- 
eter was not removed from the chamber prior to pump- 
down, and it was possible that outgassing from the 
stimulus had caused arcing in the photometer. An exam- 
ination of the UV photometer and associated data did 
not reveal any major damage, and a decision was made 
by the Spacecraft Systems Manager to proceed with the 
test without recalibrating the photometer. A problem/ 
failure report was written to cover this mishap. Follow- 
ing the thermal-vacuum test, the unit was sent back to 
the University of Colorado to be recalibrated. 
The M67-2 plasma probe was considerably less noisy 
than that of the M67-1. The ion gage that was installed 
near the plasma probe to monitor its environment caused 
an increase in noise whenever it was turned on. 
Gyros were noisy during phase I of the test and ini- 
tially showed a -5 V offset, which was later corrected 
by adjusting the line amplifiers. Attitudecontrol gas 
supply became very low during phase I because the 
spacecraft was placed in launch mode during a chamber- 
leak checkout and the stepping relay that shuts off the 
gas system did not function properly, so that the gas 
system continued to operate. 
During the midcourse maneuver (lights off) in phase I, 
the bay I1 secondary sun sensor reached 17 O F ,  the bay VI 
secondary sun sensor reached 23"F, and the plasma 
probe reached 14°F. During phase 11, prior to lights- 
on, the plasma probe reached 7°F. The lower FA 
temperature requirement of 32°F was exceeded for each 
of these instruments. These instruments were TA tested 
to 14°F. A PFR was written against the M67-1 space- 
craft regarding the same problem. A waiver, dated 
April 10, 1967, waived the lower limits of all sun-sensor 
assemblies for FA and TA testing. 
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Intensity 
level, 
WIfP  
Operatins 
Inode 
0 
126 
0/126 
248 
248 
263 
275 
290 
290 
- 
Pressure 
profile 
a, '3 g 
'9 b, 
' 9 %  ' 
a 
a* ' 
a 
a 
- Total phase I 234 - - 
Table 41. Phase I of M67-2 thermal-vacuum FA test: required and actual 
Requirements 
sst and Operations Plan (TOP Actual test 
JPL Specification Detail Test Prawdure 
Flight segment - 
Time, 
h 
- 
Time, 
h 
- 
0.5 
24 
4 
60 
16 
48 
12 
48 
0 
- 
!12.5 - 
- 
>peratin( 
mode 
'ressure 
profile 
a, e 
d, * 
a, b, ' 
II 
a 
a 
a 
a 
lime, 
h 
- 
3 
24 
2/2 
56 
7 
17 
7 
17 
8 
- 
143 - 
Time, 
h 
- 
2 
37 
1 /3 
52 
6 
18 
7 
18.5 
20.5 
164 
- 
lntemiiy 
level, 
W/# 
- 
126 
0 
248 
248 
263 
248 
263 
263 
Intensity 
level, 
w/*= 
0 
126 
0 
248 
248 
263 
275 
290 
- 
- 
lniens*by 
level, 
WIfP 
0 
126 
0/126 
248 
248 
263 
275 
275' 
275' 
- 
Dperating 
mode 
Pressure 
profile 
a, 
Midcourse 
1 
c,  
a 
d 
8 
Not reqd 
- 
Boost - 
24 
6 
60 
12 
48 
12 
48 
24 
I 
gMode 2 with battery charger on deleted, as requested by thermal group, to correlate data with M67-1 spacecraft. 
hHigh-gain antenna deployment planned for phase 11. 
'Mode 4 with gyros on deleted because gas supply was low, due to improper functioning of relay inhibit switch while chamber-leak check was being per- 
formed. 
jDecision made to finish a t  275 W/f@ because of several lamp failures in chamber. 
The average internal bus temperatures on the M67-2 
spacecraft ran approximately 3°F cooler than on the 
M67-1 spacecraft and 5°F cooler than the corresponding 
temperatures on the TCM. The design fix would have 
been to remove aluminum mylar from top of the thermal 
shield; however, it was decided by the Spacecraft Sys- 
tems Manager that a fix was not necessary, since the 
internal bus power could always be increased to offset 
any low bus temperatures. 
the test data. These deviations were approved by the 
Spacecraft Systems Manager in an internal memorandum. 
(2)  Facility-related. During phase I, a leak developed 
in the chamber and was isolated to the facility cabling 
going into the chamber. The pressure increased to 
7 X torr and remained at that level until the leak 
was fixed. 
During phase I, one lamp exploded and fell on another 
lamp, causing it to short-circuit. Flying glass broke two 
other lamps which were not on at the time. At the time 
of the explosion a 20% decrease in solar power was 
noted. Approximately 24 h later, another Iamp blew out. 
This left a total of 20 lamps, of which one lamp was 
questionable. The test was finished with a total of 19 
lamps driven to 5200 W, which is slightly above their 
The M67-2 spacecraft was operated with the battery 
charger off during a mode of the test where the specifi- 
cation called for the battery charger to be on for part 
of the mode and off for the balance. The omission was 
not important, and very little compromise to the test 
data resulted. A prscanopus acquisition was also sub- 
stituted for a cruise condition but did not compromise 
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Table 42. Phase 1'1 of M67-2 thermal-vacuum test 
Intensity Intensify 
Operating Time, Operating 
w / d  level' 1 mode 1 h 1 $) 1 made 
Actual test Tesi and Operations Plan (TOP) 
Earth cruise 20 126 - - 126 36 
Venus cruise 20 248 Gyros on - 248 12 
Venus cruise + margin - - - - 290 24 
- 93 Total, phase II 40 
Total, phases I and II 274 - - 212.5 - - 236' 
6pacecraft on cavity amplifier: battery charger off, gyros off. 
Qpacecraft on TWT: battery charger off, gyros off. 
%pacecraft on cavity amplifier: battery charger on, gyros off. 
%pacecraft on cavity amplifier: battery charger on, gyros on. 
%ode 1 not performed because spacecraft fairly inrensiqive to intensity change and information to be gained considered slight. Pre-Canopus acquisition mode 
'Spacewaft an TWT: battery charger on, gyros on. 
gTotal test time requirement satisfied and test was terminated. 
hSpacecraft on TWT. battery charger off, gyros on. 
'Antenna pointing angle change. 
>Mode 7 substituted for mode 6, as requested by test director. 
kReflects actual hours completed in phase I .  
b 
b 
- - - - 
performed, instead. 
0 Pressure 3 0 Pressure 
profile profile 
a 112 18 112 
126 b, ' 9  ' 9  36 126 b * c * d  
248 12 248 
a 
b b 
290 b, * 219 b, h, ' 9  J 
- - 90 - 
- - 254 - - 
normal rating of 5000 W. Because of this problem it was 
decided to finish phase I of the test at an intensity level 
of 275 W/ftz instead of 290 W/ft2 as planned. 
Shortly after phase I1 pumpdown, another leak oc- 
curred in the chamber around one of the chamber ion 
gages in the top of the chamber. It was necessary to 
return to ambient pressure to make the fix, and a second 
pumpdown was also required in phase 11. 
An LN, pump failed during phase I1 of the test, and 
an auxiliary pump was turned on with only negligible 
variations in the chamber parameters. 
During phase I of the thermal-vacuum test, facility 
personnel decided that an effective emittance for the 
cone radiometer of 1.0 (which was being used at that 
time to read the intensity in the chamber) was in error. 
Prior to raising the intensity to 248 W/ft2, it was 
decided to use 0.97 for the effective emittance of the 
cone radiometer. As a result, the M67-2 spacecraft was 
1 42 
tested to intensities that were 3% higher than were ex- 
perienced by the M67-1 spacecraft. 
Spacecraft environment during test. A discussion of 
the more salient features of the chamber is in the imme- 
diately following paragraphs. Discussion of effects of 
deficiencies in these is found in Section VI of this report. 
(1) Launch pressure-profile simulation. The pressure P 
profile and the rate of change of pressure k profile for 
phases I and I1 are presented in Figs. 93 and 94. The 
evaluation of the effect of differential pressures in en- 
closures, thermal blankets, etc., is the principal objective 
of launch pressure-profile simulation. The condition that 
corresponds to the existence of this environment is k. A 
window is used to specify that the maximum P during 
the period between 25 and 60 s from initiation of pump- 
down shall attain a rate of 16.5 to 18.7 torr/s. The 25 s 
chosen for the starting time of the window was based on 
an estimate of the maximum capability of the pumping 
system. The extended window in Fig. 93 indicates that 
JPL TECHNICAL REPORT 32-1249 
800 phase I1 than for phase I because the heat shield (ther- 
mal blanket) was not vented in phase 11. Figure 94 
shows that the requirement for phase I1 was met. 700 
(2) Total irradiance level. The temporal sequence of 
Figs. 95 and 96, respectively. The instrumentation error 
(noted for the M67-1 under Total irradiance levels in 
IV-A-1-c) experienced previously was corrected. The 
specified tolerance on the required levels was 22%. 
600 
L total irradiance levels for phases I and I1 is included in 
b 500 20 
Q” 18 
c 
w 
[L 400 16 
3 
14 - v )  v) w 
300 l2 The data indicated that the requirement was met. 
IO g 
‘Q- 
(3) Facility pressure levels. The test of the M67-2 
spacecraft was conducted, as desired, at pressure levels 
100 4 below the required maximum steady-state pressure of 
1 X 10-~ torr. The test level was 4.5 X 10+ torr for 
phase I and 5 X torr for phase 11. During phase I 
pumpdown, at 14:30 March 23, 1967, a leak was de- 
200 
6 
2 
0 
0 IO 20 30 40 50 60 70 80 
TIME, s 
tected in the feed-through connection. At 17:00, the leak 
was stopped and the test was resumed. Thk ~ + o m a t i c  
high-voltage cutoff was set at 5 X torr and no prob- 
Fig. 93. Pumpdown pressure profile for IO-ft space 
simulator test M67-2, phase I 
- 
lems were encountered with the cutoff system as a result 
of the attitude gas jet operation. 
(4) Effective-sink temperature. The effective-sink tem- 
perature specified was -250°F. No data are available 
on what the actual sink temperature is for the Murim 
Venus 67 spacecraft-chamber configuration. 
20 
18 
16 
14 
The estimated errors in test temperatures are a func- 
tion of the temperature of the specific item and its ther- 
mal properties. In the case of Mariner Venus 67, it is 
considered unlikely that any errors due to the heat-sink 
error would approach 10°F; therefore, this was not con- 
sidered as a compromise to the test. More definition 
on what the sink-temperature environment actually is 
should exist on future spacecraft tests. 
l2 J 
lo 
8 ’‘- 
6 
4 
2 
d .  Spacecraft FA electromagnetic interference tests. 
External environmental simulation. The objective of 
0 IO 20 30 40 50 60 70 80 
TIME, s 
this test was to verify the RF  compatibility of the space- 
craft, including pyrotechnics, when subjected to an RF 
environment similar to that expected at the AFETR 
Fig. 94. Pumpdown pressure profile for 1 0 A  space 
simulator test M67-2, phase I I  
launch complex. 
maximum of 18.4 torr/s and 17.4 torr/s were attained 
for the two pumpdowns during phase I in <% s, which 
demonstrates that the pumping capability is better than 
previously indicated. There were some scattering of 
P points due to data reduction technique. A smooth 
curve was drawn through the neighborhood of these 
points. The F requirement was more important for 
Requirements vs test. The RF simulation-level re- 
quirements and the actual test levels are shown in 
Table 43. The average power levels were met in the test; 
however, the peak power levels for two of the sources 
were not met because of equipment limitations. The 
omission is not considered serious because each of 
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Fig. 96. Radiometer flux for 10-ft space simulator, M67-2, phase I I  
the two simulated sources is a ground-based RF trans- 
mitter. The spacecraft is expected to have considerable 
protection from each of these sources afforded by the 
metallic shroud. In addition, two other sources that were 
simulated with peak levels are in the same frequency 
band. The situation is summarized in Table 44. 
The expected shroud attenuation values are based on 
measurements made on the Mariner C shroud with con- 
ductive paint. It was estimated that the metallic shroud 
of Mariner Venus 67 would have at least the attenuation 
listed. The values in the table show that the ground RF 
peak level at 5.690 kHz was approximately in the order 
of magnitude of the simulated level and that the X-band 
peak level would be 30 dB below that used for the test. 
The peak RF sources that were to have been present 
after the shroud was ejected were simulated with their 
expected levels. These sources were the two transpon- 
ders listed in Table 44. 
An additional requirement listed in the specification 
was for radiation of the VHF and UHF radio frequency 
levels to the DFR experiment. This requirement was not 
met at this time in the testing and it formed part of the 
DFR/spacecraft compatibility tests. Because the DFR 
antennas were required to determine the appropriate 
RF levels for the DFR signals and the testing did not 
include installation of the solar panels for the antennas, 
the test was postponed. 
After tests had been performed on M67-1 it was 
learned that the AtZas telemetry frequency had been 
changed from 229.9 to 249.9 MHz. The test of M67-2 
reflected this change. 
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Table 43. Requirements vs test, external environment simulation 
RF simulation requirements I Test levels for System Test Procedure I 
Frequency, 
GHz 
5.690 
Classified 
Classified 
Classified 
RF source simulated 
Peak power Average 
density at power density 
spacecraft, at spacecraft, pulse width, 
dBmW/m2 dBrnW/m2 FS 
59 21 1 .o 
20 -12 2.0 
NAb 14 NA 
NA 4 NA 
Atlas radar transmitter 
(FPS-16) 
0.2443 
5.765 
0.2299 
Classified 
Classified 
Atlas guidance track 
ground transmitter 
Atlas guidance rate 
ground transmitter 
Command destruct 
ground transmitter 
NA 23 NA 
7 -8 0.7 
NA -6 NA 
30 -1 2.0 
NA -5 NA 
Agena telemetry 
Tesfed 
power 
density 
without 
shroud, 
d0mW/m2 
7.5 peak 
Agena radar trans- 
ponder 
Aflas telemetry 
Expected 
shroud 
atienuatior 
dB 
50 
- 
Atlas guidance track 
transponder 
Atlas guidance rate 
transoonder 
RF source simulated 
Frequency 
GHz 
Peak power 
spacecm43, 
dBmW/m2 
I 
Minimum 
pulse width, 
PS 
cw 
Average 
power density 
at spacecraft, 
dBmW/mZ 
20 
Classified a -12 cw 
Classified NA 14 cw 
Classified NA 4 cw 
0.2443 NA 23 Subcarrier 
modulated 
5.765 7.5 - %  C 
0.2499 
Classified 
-5 cw Classified 
~~ 
aEquipment limitations prevented simulation of specification requirements for the peak levels. 
bNot applicable. 
CTwo sources used, one an pulse to meet peak requirements and one on CW to meet average level requirements. 
dThe required peak level was simulated with a CW signal level. 
table 44. Comparison of test levels vs expected 
external environment 
Agena radar ground 
transmitter 
Agena radar trans- 
ponder 
Atlas guidance groun 
track transponder 
Atlas guidance track 
transponder 
5.690 
5.765 
X-band 
X-band 
Expaad 
leak power 
density 
external 
to  shroud 
(+ 6 de), 
dBmW/mz 
59 
7 
20 
30 
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Each of these departures from the specification was 
noted, and very little compromise to the test data re- 
sulted. These deviations were subsequently approved 
by the Spacecraft Systems Manager in an internal 
memorandum. 
Results. The spacecraft systems were monitored by 
cognizant personnel and no adverse effects were reported 
to the Test Director as resulting from any RF source. 
DFR/S-band/system configuration EMC test. The ob- 
jective of this test was to verify the compatibility be- 
tween the DFR experiment, the S-band communications 
transponder, and the spacecraft in general. 
(1) Spacecraft noise environment at DFR receiver 
frequencies, requirement vs test. The permissible noise 
environment was determined on the basis of minimum 
145 
acceptable space degradation levels specified by the ex- 
periment scientist and on the basis of cosmic noise tem- 
perature levels and receiver noise temperatures as stated 
in the Functional Specification. 
Table 45. It was not feasible in practice to perform the 
sweep test because the support test equipment instru- 
mentation does not possess that capability. A manual 
performance of a sweep test was not considered mean- 
(2)  DFR operation threshold degradation, require- (3) DFR acquisition threshold degradation, require- 
ment as test. The acquisition threshold tests were im- 
plemented in the procedure. 
ingful. 
rnent os test. The degradation threshold requirements vs 
the procedure test implementation is summarized in 
Table 45. DFR/spacecraft compatibility comparison of requirements vs JPL test procedure, M67-2 
Item 
Threshold 
degradation 
49.8 MHz 
Threshold 
degradation 
423.3 MHz 
Acquisition 
threshold 
49.8 MHz 
Acquisition 
threshold 
423.3 MHz 
Spacecraft 
environment 
49.8 MHz 
Spacecraft 
environment 
423.3 MHz 
Spacecraft 
environment 
473.1 MHz 
Specification 
Performance degradation of the 49.8-MHz receiver to be less than 3 d6 
with the receiver locked on a - 125.7 dBmW signal 
Receiver to maintain lock when a received signal of - 120 dBmW (total 
power) is swept a t  a maximum rate of 224 Hz/s through a 5.48-kHz 
band centered a t  49.8 MHz 
Performance degradation of the 423.3-MHz receiver to be less than 1 d6 
with the receiver locked on a - 134.2 dBmW signal at 423.3 MHz 
The 423.3-MHz receiver to maintain lock when a received signal of - 130 
dBmW (total power) is swept at a maximum rate of 1900 Hz through a 
15.8433-kHz band centered at 423.3 MHz 
The 49.8-MHz receiver required to acquire lock with a - 125.7 dBmW 
signal applied at 49.8 MHz and at 49.8 MHz t 3  kHz, respectively 
The 423.3-MHz receiver to acquire lock with a - 134.2 dBmW signal 
applied a t  423.3 MHz and 423.3 MHz f 3  kHz, respectively 
Noise levels not to exceed limits of Fig. 2 of specification for 49.8 MHz 
Constraints: 
f 50  kHz 
Spacecraft flight configuration, suspended in SAF 
Noise environment plus test receiver not to exceed 21,850'K 
Various spacecraft modes with various subsystems on or off are specified 
Noise levels not to exceed limits of Fig. 3 of specification for 423.3 MHz 
+-50 kHz 
Constraints: 
Spacecraft flight configuration, suspended in SAF 
Noise environment plus test receiver not to exceed 1025'K 
Various spacecraft modes with various subsystems on and off are specified 
Noise levels not to exceed limits of Fig. 3 of specification for 473.1 MHz 
250  kHz 
Constraints: 
Spacecraft flight configuration, suspended in SAF 
Noise environment plus test receiver not to exceed 1025'K 
Various spacecraft modes with various subsystems on and off are specified 
Test procedure 
~~~~~ ~~ 
Degradation threshold measured for various space- 
craft modes including required conditions 
Not included because unfeasible to perform because 
of instrumentation limitations 
Degradation threshold measirred for various space- 
craft modes including required conditions 
Not included because unfeasible to perform due to 
instrumentation limitations 
Acquisition threshold tests included for various space- 
craft modes 
Acquisition threshold tests included for various space- 
craft modes 
As required; solar panels 4A1, 4A3 flight; 4A5 TA; 
4A7 TM 
Noise temperature approximately 2500'K with space- 
craft off 
Spacecraft modes included specified conditions 
As required 
System noise temperature approximately 2W°K 
Spacecraft modes included specified conditions 
As required 
System noise temperature approximately 208'K 
Spacecraft modes included specified conditions 
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Table 45 (confd) 
item 
Spacecraft 
environment 
S-band 
Threshold 
degradation 
S-band 
Specification 
No spacecraft system-generated interference to appear at the S-band 
antenna input terminals within a 3.43MHz bandwidth centered at the 
receiver frequency or centered a t  the image frequency 
Requirement to apply to the spacecraft when physically and operationally 
configured as follows: 
Spacecraft in flight configuration suspended above the test area floor; 
nonconducting suspension prerequisite 
The spacecraft operation to be in the encounter mode with the 
following specific constrainh: 
Battery charger on 
Tape recorder to be operated in its record mode 
Stabilization jets to be actuated 
Spacecraft gyros to be energized 
Isotropic antenna and the high-gain antenna in its initial and 
deployed positions to be utilized respectively. (Two runs 
required) 
S-Band receiver to maintain its tracking loop acquisition and lock capability 
when operated in the spacecraft system environment 
S-band receiver to maintain lock when an applied signal 6-dB greater than 
threshold a t  best-lock frequency is swept at a rate of 30 Hz/s over a 
IO-kHz band centered at the best lock frequency 
Spacecraft to be in flight configuration suspended above the test area floor; 
nonconducting suspension prerequisite 
Spacecraft operation to be in the encounfer mode with the following 
specific constraints: 
Battery charger on 
Tape recorder operated in its record mode 
Stabilization jets actuated 
Spacecraft gyros energized 
The low-gain antenna and the high-gain antenna in its initial and 
deployed positions to be utilized, respectively. (Two runs required) 
Test procedure 
Noise measurements outlined in procedure for the 
center and the image frequency 
The various specified test modes listed 
Test sequence 4 describes tests to be performed: 
Condition the spacecraft to the noisiest mode de- 
termined with the IdMI receiver. With the TWT 
on and the high-gain antenna to initial position, 
perform transponder evaluation tests of the 
following: 
Threshold S-band command (modulation on) 
Ranging 
Command lockup threshold 
Perform above for: 
Transmit low, receive low 
Transmit high, receive low 
Transmit high, receive high 
Repeat with the high-gain antenna deployed to 
Sweep test not feasible because of instrumentation 
position 2 
limitations 
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(4) Spacecraft noise environment at S-band receiver 
center and image frequencies and operation degradation 
tests, requirements vs test. The requirements of the 
specification were incorporated in the procedure (see 
Table 45) with the exception that the spacecraft was not 
elevated for the S-band test sequence for two reasons: 
First, the RF losses in the test cables would be too great; 
and second, it was decided to radiate the VHF and UHF 
radio frequency levels to the spacecraft from a direction 
that approximated that expected for flight and if the 
spacecraft were elevated the VHF and UHF antennas 
would have had to be suspended from the rafters. 
Time schedules did not permit placement of the radi- 
ating antennas if the spacecraft were to have been 
elevated. It was considered that the intent of the specifi- 
cation would not be jeopardized with the spacecraft 
placed on the tripod used for the test assembly and that 
the characteristics of the S-band antennas would not be 
affected in this position. 
Spacecraft noise environment at DFR receiver fre- 
quencies, results. 
(1) Background noise measurements, VHF. The back- 
ground noise temperatures with the spacecraft off was 
found to vary between 650 and 950°K over a bandwidth 
from 49.2 to 50.1 MHz. A change from 650 to 950°K is 
a change of approximately 1.7 dB. The background noise 
level was also observed to vary by approximately 1.7 dB 
during the period of observation at the center frequency. 
(2) DFR operation threshold degradation. After the 
background noise level was determined, the spacecraft 
was conditioned to various modes. The data obtained in 
this exercise for a frequency of 49.8 MHz is illustrated 
in Fig. 97. The noise is described in terms of tempera- 
ture ( O K )  and is shown as covering a range, rather than 
a particular level. This was done because the back- 
ground noise temperature varied between 650 and 950 " K 
at this frequency. The SAF background noise has been 
subtracted from the total noise temperature. 
By use of the data displayed in Fig. 97, the maximum 
spacecraft noise that the DFR would receive at the VHF 
receiver input at encounter would be approximately 
1840°K in the following mode: 
Battery charger off 
TWT on 
Gyros on Science on 
Gas jets on 
Tape recorder drive on 
SCIENCE on 
SCIENCE off 
600 800 1000 2000 3000 5000 
TEMPERATURE, OK 
Fig. 97. Spacecraft-contributed noise at 49.8 MHz, 
without SAF ambient temperature of 620 to 950°K 
Degradations of the DFR VHF receiver for various 
possible background cosmic noise temperatures are 
shown in Table 46. The values were determined from 
the following relationship: 
Degradation in decibels is 
where: 
TsIc = the noise temperature of the spacecraft 
T E E ( :  = the receiver noise temperature, 290°K 
TcosMlc = the cosmic noise temperature at 50 MHz 
(3)  Test results of 423.3 MHz. In making background 
noise measurements with the spacecraft power off, at 
the UHF center frequency, background noise levels 
Table 46. Calculated signal degradation in space, 
using measured noise values 
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from 250 to 268°K were observed within 423.3 MHz 
t 5 0  kHz. At the UHF image, the noise temperatures 
were observed to vary from 217 to 237°K within 
t 5 0  kHz of 473.1 MHz. 
No noise was observed to be emitted by the spacecraft 
at either the UHF center frequency or the image. Space- 
craft noise levels that would degrade the UHF receiver 
by 1 dB at a receiver system noise temperature of 
1500°K (as could be expected for space) could have 
easily been observed with the test receiver. Such a noise 
level would cause an indication of 2.9 dB. Since 
noise was not observed, degradation to the UHF chan- 
nel was not expected. 
* 
DFR operation threshold degradation, results. 
(1) Noise level measurements with DFR. The degra- 
dation that the DFR system would experience due to 
spacecraft generated noise was measured on the second 
night of the tests. The test configuration was that shown 
in Fig. 98. 
(2) Test description. With 50 a terminations placed at 
the inputs to the DFR bandpass and high pass filters, 
reference levels were established for each receiver. A 
test RF level of -130 dBmW was used for the UHF 
receiver and - 125 dBmW for the VHF receiver. Because 
of the RF losses incurred in the test configuration, the 
levels at the DFR BCE were -62 dBmW with a carrier 
reading of 0.71 V at the UHF frequency and -78 dBmW 
with a carrier reading of 0.78 V at the VHF frequency. 
The reference levels were obtained while the DFR was 
powered by the BCE. For the remainder of the tests, the 
DFR was powered from the spacecraft. The configura- 
tions for these tests are described in Figs. 99 through 102. 
The test data obtained in this test for different space, 
craft modes is listed in Table 47. 
Table 47 shows that a maximum value of 8-dB change 
in attenuator setting was required between a 50 Q ter- 
mination at the DFR VHF receiver input and the noisiest 
spacecraft condition. The noise represented by this 
change in the required R F  level would degrade the DFR 
Fig. 98. Dual-frequency receiver EM1 test 
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-+YE-- SPACECRAFT 
50a TERMINATION 
-- 
--I--- 
DFR BENCH 
CHECKOUT 
EQUIPMENT 
ATTENUATOR I 
SET AT 62 dB 
0 dBmW RF Q GENERATOR -- --- ATTENUATOR 2 CHECKOUT SET AT 78 dB EQUIPMENT 0 dBmW MODULATED AT 423.3 MHz DFR BENCH 
Fig. 99. Configuration to establish reference level on 
VHF dual-frequency receiver channel 
Fig. 101. Configuration to establish reference level on 
UHF dual-frequency receiver channel 
--- SPACECRAFT --
-- --- 
ATTENUATOR I 
Fig. 100. Configuration for m e a s u ~ ~ ~ g  noise degradation 
on VHF dua~-frequen~y receiver channel 
by approximately 1.4 dB in space, for a cosmic noise 
temperature of 8000°K. This degradation was deter- 
mined in the following described way. 
First, the R F  level of the test signal from the DFR 
bench checkout equipment (BCE) must be adjusted 
when different noise levels enter the receiver. The RF 
test level is adjusted to provide a constant signalhoise 
ratio in the DFR. Therefore, if an RF  signal increase of 
3 dB (a factor of two) is required, the noise entering the 
receiver has increased by a factor of two. The RF level 
difference of 3 dB was noted between the test condition 
SPACECRAFT )/f, ANTENNA UHF 
--- SPACECRAFT --
-- --- 
DFR BENCH 
CHECKOUT ATTENUATOR2 
EQUIPMENT 
Fig. 102. Configuration for measuring noise degradation 
on UHF dual-frequency reeeiver channel 
of a 50 i2 termination (at 290°K) at the receiver input 
and that for the VHF receiver connected to its antenna 
with the spacecraft off. For this case, the antenna tem- 
perature is then equal to the 50 Q termination tempera- 
ture of 290°K. This was a very low temperature when 
compared with that acquired during other days when tests 
were attempted. 
Second, when the spacecraft was turned on, the great- 
est RF level change required to maintain a constant 
signalhoise ratio was 8 dB. A certain amount of noise 
is represented by this change in required R F  test signal. 
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Table 47. Bench checkout equipment test data 
Spacecraft condition 
50 termination 
Transmit low 
Receive low 
Gyros on 
Antenna pointing 0.74 72.5 0.60 61 
angle change 2 
I d ~ r a d a t i ~ n  in space 
That noise level (TsIc + T A )  can be found from the fol- 
lowing expression: 
TREU + (Tsp  + TA) 
TREC + To 8 dB change = 10 log 
where 
TRBu = the VHF receiver noise temperature, 290°K 
Ts/u = the spacecraft contributed noise temperature 
To = the temperature of the 50 a input termination 
at ambient temperature: 290°K 
TA = the antenna temperature with the spacecraft 
off. (This temperature was determined to be 
290 O K, above.) 
Using the stated temperature values a spacecraft 
noise temperature ( Ts,o) of 3070 O K was calculated. 
Third, the degradation that the VHF receiver would 
suffer in space under various possible cosmic noise tem- 
peratures is calculated from: 
Ts,, + TREU + Tcosmo 
TREC + Tcosarrc Degradation in dB = 10 log 
Table 48 shows the expected calculated space degra- 
dations for various cosmic noise temperatures. 
It was determined that the degradation of the DFR 
VHF and UHF receivers did not exceed the levels speci- 
fied under the test conditions of the test procedure. 
DFR acquisition threshold degradation, results. The 
acquisition threshold degradation tests were performed 
successfully, as required in the specification. 
Spacecraft noise environment at S-band receiver fre- 
quency, results. A frequency range of 7.5 MHz, centered 
at the receiver frequency, was examined with a band- 
width of 4 kHz for the presence of noise levels. With a 
bandwidth of 100 Hz, a range of 100 kHz, again cen- 
tered at the receiver frequency, was examined for the 
presence of noise. None was observed in either case. 
The test receiver had a noise figure of 7.0 for this test, 
including cable losses. During this test, the spacecraft 
was maintained on its tripod stand without raising to the 
test level, as was done in the DFR tests. The reason for 
this was that R F  levels were radiated to the spacecraft 
at the DFR frequencies (49.8 and 423.3 MHz) and it was 
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desired to have the radiation from the direction close to 
that expected for flight. 
After the center frequency measurements were per- 
formed, the S-band receiver required reconfiguration to 
measure RF levels at the image frequency. Because it 
was not possible to perform the receiver change imme- 
diately, a performance test of the S-band transponder 
was started, as specified. 
This test involved the illumination of the spacecraft 
with the DFR frequencies but -because of RF  leakage 
problems encountered in the S-band OSE - this test 
could not be performed that night. A subsequent test was 
performed by personnel of the Systems Test and Launch 
Operations Section, and it was determined that the 
transponder operated without any observable degrada- 
tion from either the DFR or the signals at 49.8 and 
423.3 MHz. 
On March 10, 1967 the final portion of the tests was 
completed by the measurement of R F  levels at the 
S-band receiver image frequency. The image-frequency 
measurements were made in a 6.86-MHz band, centered 
at the image frequency, with a test-receiver bandwidth 
setting of 4.0 kHz. With a bandwidth setting of 100 Hz 
a bandwidth of 100 kHz was also examined. No noise 
was observed to be emitted by the spacecraft in any of 
the modes specified in the specification. This test por- 
tion could not be performed in a full flight configured 
spacecraft, because other spacecraft system tests re- 
quired that the solar panels be removed and, in addition, 
the spacecraft was placed in the mechanical positioner. 
Because of special tests being performed with the space- 
craft, the deployed position of the high-gain antenna was 
not monitored. However, the low-gain and the initial 
high-gain positions were examined. No RF noise at the 
image frequency was observed. Each of the required 
spacecraft modes was exercised on the spacecraft dur- 
ing the noise measurements. 
Conclusions. The S-band transponder apparently is 
compatible with the DFR experiment, and there appears 
to be no degradation from 49.8- and 423.3-MHz signals 
of the OSE transmitter. No S-band noise at the receiver 
center or image frequencies was observed in the testing. 
e.  M67-2 szibsystem requalification following systems- 
level testing. The intent of this material is to con- 
sider any subsystem that did not receive a valid system 
level environmental test history from such possible 
causes as late delivery or subsequent rework after sys- 
tems test which invalidated system flight status, and de- 
scribe what was done to offset that deficiency. The only 
M67-2 subsystem whose system-level-test qualification 
was invalidated following the M67-2 spacecraft systems 
environmental testing was the DFR subsystem. This sub- 
system was reworked to enable replacing the 7-MHz 
crystals . 
” 
The vibration test during requalification was on the 
spacecraft’s roll axis, only; the vacuum-temperature test 
time was for approximately 30 min at 0°C and for ap- 
proximately 4 h at 55°C. 
Additional information regarding this subsystem ap- 
pears under the following heading, Subsystem level. 
2. Subsystem level. 
a. Spacecraft M67-2 flight-acceptance testing. A sum- 
mary of the M67-2 flight-acceptance subsystem testing 
is presented in Table 49. The table includes each of the 
subsystems on the M67-2 spacecraft and gives pertinent 
test data, as well as significant past test history experi- 
enced by the units during the Mariner Mars 1964 test 
program. 
Summary of FA waivers and deviations (M67-2 space- 
craft subsystems). 
(1) Data automatiun subsystem. An ECR covered the 
design change and established the FA retest require- 
ments. The reason for the retest was that the crystals in 
the DAS master clock were changed as part of the DFR 
EM1 fix. Retest requirements included modules 20A2, 
20A3, and 20A4 being subjected to partial FA vibration 
levels. On completion, the entire DAS was subjected to 
a partial FA vibration test. Following this, the entire 
DAS was FA thermal-vacuum tested, which consisted of 
200 h of operating time in thermal-vacuum prior to re- 
delivery to the spacecraft. This testing was completed 
prior to the M67-2 spacecraft system environmental test. 
(2) Trapped radiation detector. There were no waivers 
(3) P l u m  probe. There were no waivers or deviations 
(4) Magnetometer. There were no waivers or devia- 
(5) UV photometer. There were no waivers or devia- 
.. 
or deviations on this unit. 
on this unit. 
tions on this unit. 
tions on this unit. 
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(6) Dual-frequency receiver. The DFR was retested 
after 7-MHz crystals were replaced. Retest consisted of 
one plane of vibration, only, and a thermal-vacuum test 
of 30 min at 0°C and 4 h at 55°C. 
(7) Transponder (radio), Cases V and VI. The radio 
- was retested after modification, in accordance with 
ECRs. The modification consisted of replacing three ca- 
pacitors in the 2PS2 unit and two capacitors in the 2PS3 
- unit, also fillet bonding of the X 3 0  multiplier module. 
The retest consisted of the following for 2PS2 and 2PS3: 
FA vibration 2 axis only, thermal-vacuum 1 h at 0°C 
and 20 h at 55°C; also a minimum of 100 h at room am- 
bient pressures and temperature. For the X30 module, 
retesting consisted of bench test with complete radio 
subsystem, after foregoing the power-supply test. Vibra- 
tion time on SN 8 radio was reduced from 60 to 30 s per 
axis. This testing was completed prior to the M67-2 
spacecraft systems environmental test. 
(8) Data encoder. A problem/failure report covered 
the FA vibration retesting, 2 axis only, after replacement 
of bad ladder switch. 
(9) Command. Flight-acceptance retesting of unit 3A5 
SN 8, only (covered by a PFR.), was accomplished after 
replacement of the transformer. Test consisted of one 
plane of vibration, only, for 1 min, 30 s and thermal- 
vacuum test for 41 h, 49 min. This testing was completed 
prior to the M67-2 spacecraft systems environmental test. 
(10) Tape recorder. FA retesting of the tape recorder 
was accomplished after modification in accordance with 
ECRs. The modification consisted of potting of 16A1 
and 16A2 modules with new potting compound and the 
replacement of a diode in the 16A4 module. The retest 
consisted (for 16A1 and 16A2) of FA vibration on one 
plane, only. For the entire TRS, retesting included FA 
temperature test at ambient pressures for 4 h at each 
specified temperature. This testing was completed prior 
to the M67-2 spacecraft systems environmental test. 
(11) High-gain antenna. A waiver changed FA thermal- 
vacuum test temperature requirements from -260°F for 
2 h to -245 +5"F for 2 h. 
(12) Low-gain antenna. The requirement to do FA 
thermal-vacuum testing of the low-gain antenna was 
waived. 
(13) DFR antenna. There were no waivers or devia- 
tions on this unit. 
(14) A/C electronics. Two ECRs cover FA retesting 
of the unit after design change. The test consisted of one 
plane, Z axis only, of vibration. 
(15) A/C gyro. Modified FA test of the replacement 
gyro was made. The test consisted of one plane of vibra- 
tion, only. Vibration equipment failures and schedule 
requirement caused bypass of planes 2 and 3. 
(16) A/C gas. This gas system was FA retested. A 
waiver covered the testing of the A/C valves in the 
assembled configuration. 
(17) Canopus sensor. The FA demagnetization re- 
quirement for the Canopus sensor was waived. 
(18) Sun sensors. The FA lower temperature limits 
(19) Earth and terminator sensors. A waiver revised 
(20) Planet sensor. There were no waivers or devia- 
(21) Jet vane actuator. A PFR covered the FA vibra- 
tion retest of the actuator. The actuator pot was re- 
zeroed; the unit then passed full FA vibration test. 
were waived. 
the lower FA test temperature to 0°F. 
tions on this unit. 
(22) Central computer and sequencer. There were no 
waivers or deviations on this unit. 
(23) Power bays I and Vlll. The 4A18 power conver- 
sion unit was FA retested after replacement of a capaci- 
tor in the unit. For 4A18, this flight unit was installed in 
the FA subsystem and FA vibration-tested in all three 
axes and was then subjected to 40 h of FA thermal- 
vacuum. In addition, the unit was tested for 250 h at 
room temperature with power on. This testing was com- 
pleted prior to the M67-2 spacecraft systems environ- 
mental tests. 
(24) Battery. There were no waivers or deviations on 
this unit. 
(25) Solar panels. The FA acoustic testing, as well as 
the FA vibration of flight solar panels, was waived (by 
two internal memorandums). 
(26) Thermal-control assembly. There were no waivers 
or deviations on this unit. 
(27) Dampers. There were no waivers or deviations on 
this unit. 
(28) Separation-initiated timer. There were no waivers 
or deviations on this unit. 
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(29) Pyro arming switch. There were no waivers or 
(30) PIPS.  There was modified FA retesting of the 
oxidizer start cartridge after rewelding; the test con- 
sisted of vibration, only, in three planes. This testing 
occurred just prior to launch and did not include the 
complete PIPS subsystem. 
(31) Pgro control. There were no waivers or deviations 
on this unit. 
deviations on this unit. 
Mariner Mars 1964 flight-acceptance testing of Mariner 
Venus 67 flight equipment. The flight equipment listed 
below passed all flight-acceptance requirements on the 
Mariner Mars 1964 program without any failure or 
anomalies and was accepted as flightworthy for the 
Mariner Venus 67 program. 
(1) Sun sensors 7PS2 (SN 7), 7SS2 and 7SS6 (SN 7), 
and the sun gate sensors 7SG2 (SN 7) 
(2) Solar panel cruise dampers in bays I, 111, V, and 
VI1 (SNs C-115 through C-118) 
b. Special subsystem tests. 
Dual-frequency receiver (SN 03) EMZ testing. Dual- 
frequency receiver electromagnetic interference testing 
was performed to verify that the DFR would function 
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ual-frequency receiver ~ n i e m n ~  e Q u p ~ i n ~  test
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properly when subjected to an electromagnetic environ- 
ment similar to twice that expected to exist on the 
Mariner Venus 67 spacecraft. The test setup is shown 
in Fig. 103. 
(1) Requirements os tests. The electromagnetic inter- 
ference testing levels that were used to verify that the 
DFR would function properly were derived from data 
Table 50. M67-2 dual-frequency receiver EM1 tests and test limits 
Interference limits Electromagnetic 
interference Specification JPl pracedure 
Generated interference 
Generated conducted 
transients: 
Generated sinusoidal: 
30 Hz to 15 kHz 
15 to 150 kHz 
150 kHz to 
25 MHz 
Conducted interference susceptibility-power leads 
Transients 
Sinusoidal 
30 Hz to 15 kHz 
15 to 150 kHz 
150 kHz to 
25 MHz 
acquired during the testing sequence of the Mariner 
Mars 1964 spacecraft and the expected electromagnetic 
enviromnent for the Mariner Venus 67 spacecraft. The 
interference levels to which the DFR was subjected are 
specSed 4.1 the Environmental Specification. In m r -  
dance with the specification, the DAS was tested per 
JPL Procedure. Listed in Table 50 are the required tests 
and the test limits as defined in the procedure. 
< 50.5 V max 
<0.5 V peak to peak 
<0.5 V peak to peak, 
decreasing at 20 dB/ 
octave to 0.05 V peak 
to peak 
<0.05 V peak to peak 
t0.5 V max 
<0.5 V peak 
to peak 
<0.5 V peak 
to peak 
<0.05 V peak 
to peak 
-18 V amplitude 
5 2 0  ps wide 
5 7 ps rise time 
Repetition Rata: 
0.5 to 500 pps 
0.5 V peak to peak 
0.5 V peak to peak a t  15 
kHz, decreasing at 20 
dB/decade to 0.05 V 
peak to peak 
0.05 V peak to peak 
e 2 0 0  mV amplitude 
5 2 0  /.ts wide 
5 7 ,us rise time 
Repetition Rate: 
0.5 to 500 pps 
t 8  V ampli. 
tude 
0.5 V peak 
to peak 
0.5 V peak 
to peak 
0.05 V peak 
to peak 
Conducted interference susceptibility-signal lines 
Transients 2 2 0 0  mV 
amp I i tu d e 
Sinusoidal 
30 Hz to 15 kHz 0.05 V peak to peak 0.05 V peak to 
peak 
Interference limits Electromagnetic 
I Specification I JPL procedure interference 
Conducted interference susceptibility-signal lines (contd) 
kHz, decreasing at 20 
dB/decade to 0.005 V 
150 kHz to 0.005 V peak to peak 
Equipment enclosure radiated interference susceptibility 
Power density, 
dBmW,m~ Frequency, MHz Power density, dBmW/mZ 
229.9 - 8  - 
244.3 19 - 
2297.5 - 2  - 
5765 -18 - 
8000 - 9  - 
9000 - 12 - 
Spurious response susceptibility test 
Frequency, MHz 
27.5 
2000 
2150 
2220 
2297.5 
2450 
2600 
4590 
9210 
level of signal, dBmW 
- 65 
- 75 - 65 
- 78 
- 2  
- 59 
- 73 
- 62 
- 76 
Oscillator radiation test 
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(2) Results. The dual-frequency receiver (SN 03) was 
subjected to EM1 testing per the flight-acceptance pro- 
cedures as outlined in a JPL Procedure. The DFR success- 
fully passed the tests, as specified, and operated within 
the prescribed limits with no degradation to operation 
during all electromagnetic interference testing. 
Solar panel single-panel FA test. All solar panel FA 
testing is discussed in the earlier part of this section, 
under M67-1, Special subsystem tests (IV-A-2-b). 
e.  Special subsystem environmental test anomalies. 
PIPS oxidizer start subsystem test anomaly. Following 
a leakage repair in the M67-2 spacecraft oxidizer start 
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102 
subsystem (SN C-107), an FA vibration test was run to 
requalify it for flight. During the first plane of shake, 
some moderate-level transients were detected by the 
control transducer. A playback of the recorded transient 
signals revealed peak acceleration levels of approxi- 
mately 60 g, with frequencies in the range of 5 to 
10 kHz. The effect of these transients on the hardware 
was analyzed, as follows. 
Comparison of the structural transient response of the 
hardware was attempted by use of a shock-spectrum 
equivalence. Figure 104 displays the shock spectra both 
from the M67-2 PIPS subsystem vibration test and from 
the M67-1 PIPS pyro firings that occurred during M67-1 
I I I I 1  I I I I 1  I I I I 
M67- I PYROTECHNIC 
SHOCK SPECTRA FOR 
TWO FIRINGS 
PIPS 
MAXIMUM M67-2 
VIBRATION TEST 
SHOCK SPECTRUM 
--- 
I I I I I I  I I  I I I  I 
2x101 2 4 6 2X102 2 4 6 2 X  IO3 2 5 X 1 0 3  4 I 6 2X104 
I x 104 
SHOCK SPECTRUM FREQUENCY, Hz 
Fig. 104. Comparison of M67-1 and M67-2 structural 'transient response 
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spacecraft FA environmental testing. The reason for 
making this comparison with the M67-1 pyrotechnic 
environmental ground test, instead of the M67-2 pyro- 
technic environmental ground test, is that the prime 
spacecraft (M67-2) was not instrumented as heavily as 
the spare spacecraft (M67-l), and this particular mea- 
surement location was not recorded. However, data re- 
corded on each of the spacecraft show that a close 
correlation exists between the response levels of the 
two spacecraft. 
The maximum M67-2 vibration-test shock spectrum in 
Fig. 101 is an upper bound derived from the actual peak 
g test level and frequencies using the criteria established 
in an internal communication. A maximum amplification 
factor of 6 times the peak g level -has been used here. 
The resultant maximum-shock-spectrum level of 360 
peak g (6 X 60 g )  is shown as the dashed line between 
5 and 10 kHz. 
The pyrotechnic shock spectra in Fig. 104 display the 
results obtained from the transient response of a valve 
body transducer recorded during the M67-1 PIPS 
valve squib firings, A more comprehensive analysis of 
the M67-1 pyrotechnic tests is reported in an internal 
document. The higher level response of a typical shock 
spectrum level is at least an order of magnitude higher 
than any transient level experienced during the subject 
vibration test. 
- 
It has been shown repeatedly that the PIPS remains 
functional following the squib valve firings. Based on 
this fact and the difference in response levels discussed 
here, SN C-107 was considered acceptable for flight. 
Canopus sensor anomaly: E M 1  test. All Canopus sensor 
EM1 testing relating to the intensity output anomaly that 
occurred at Cape Kennedy just prior to launch is dis- 
cussed in full in Section 111. 
V. Magnetic Control Program 
A. Policy and Requirements 
The Mariner Venus 67 Project Policy and Require- 
ments document specified (1) that the magnetic quality 
of the Mariner Venus 67 spacecraft be at least equal to 
that of the Mariner Mars 1964, and (2) that an attempt 
be made to improve the quality with techniques possible 
within the fiscal restraints and time limits of the sched- 
ule. In support of these general requirements, it called 
for demagnetization of flight hardware at disassembly 
inspection on a subsystem (or assembly) basis, following 
demonstration of acceptability of the technique using 
TA or equivalent hardware. 
The Mariner Venus 67 magnetic control program was 
initiated to reduce and stabilize the spacecraft perm 
field by demagnetization. To improve on the Mariner 
Mars 1964 PTM demagnetizing results, Mariner Venus 67 
hardware was demagnetized on the assembly level, inso- 
far as possible. Demagnetization and mapping were per- 
formed in a coil system that reduced the ambient field. 
All demagnetization was at 1/20 Hz, except for solar 
panels, which were at 60 Hz. The maximum peak field 
applied to TA hardware was 80 6. Following spacecraft 
demagnetization on this component basis, tool boxes were 
periodically monitored and demagnetized as required. 
The assembled spacecraft and the individual solar panels 
were mapped at JPL, only, in the earth's field. 
To qualify the demagnetization process for the flight 
hardware, TA hardware was subjected to more extensive 
tests to encompass demagnetization to a peak level twice 
that to which the flight hardware was exposed. These 
tests included exposure to a standard 25-G field and two 
demagnetizations, each followed by a mapping to verify 
the safety and effectiveness of the operation and to pro- 
vide a measure of the perm field stability. 
1. Magnetic control plan. To meet the requirements, 
in March 1966, a magnetic control plan that detailed the 
necessary procedures was developed, approved, and dis- 
tributed to those concerned. The main features of this 
plan, as it was actually carried out for Mariner Venus 67, 
are described here. 
a. ECR review. All engineering change requests were 
reviewed, and discussions were held with cognizant en- 
gineers concerning hardware on which the magnetic 
quality might be affected by requested changes. If the 
magnetic quality of any item were questioned, it was 
checked. 
b. Magnetic evaluation of hardware. At least one pro- 
totype or TA model of all flight hardware was subjected 
to an extensive magnetic evaluation, involving the fol- 
lowing operations: 
(1) Initial as-received mapping. 
(2) Demagnetization in three orthogonal axes at a 
1/20-Hz alternating frequency with a decreasing 
magnetic field that had an initial peak value of 
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40 6. This demagnetization was followed by a sec- 
ond mapping. 
(3) Exposure of the hardware to a peak magnetic field 
of 25 G in the axis having the highest field com- 
ponent in the initial mapping. A third mapping 
was made following this exposure. In a few cases, 
the hardware was reexposed in a different axis and 
remapped. 
(4) Demagnetization of the hardware as in (2), above, 
but with an initial peak magnetic field of 80 G. 
A fourth magnetic mapping was then obtained. 
(5) Determination of the effect of an inducing field of 
0.26 G in each of the three coordinate axes. Inter- 
pretation of these results was not entirely satis- 
factory. 
c. Demagnetization of all FA hardware. All flight- 
approval hardware for the spacecraft was demagnetized 
in three orthogonal axes with a 1/20-Hz decreasing alter- 
nating field having a peak initial value of 40 G, and this 
action was followed by a magnetic mapping. The de- 
magnetization and mapping were performed on the sub- 
assembly or, insofar as possible, on the assembly level 
during the disassembly of the spacecraft for final inspec- 
tion-which is after all vibration and shock testing of 
the hardware. 
d .  Redemagnetization and remapping of hardware. 
Any hardware that was removed from the Spacecraft 
Assembly Facility subsequent to the demagnetization 
was remapped upon its return to the SAF and subjected 
to redemagnetization and remapping if the magnetic 
field had changed by more than lo%, or 1 y, whichever 
was greater. 
e.  Solar panel demagnetization. A TA solar panel was 
mapped, permed and demagnetized several times with a 
20-G, 60-Hz demagnetizing field. All flight solar panels 
were magnetically mapped and found to have such a low 
field as to not require demagnetization. 
f. Solar panel examination for current flow fields. A 
single flight solar panel was examined for magnetic 
fields resulting from the flow of current in the panel. 
g .  Repeated checking of tools. All tools used on the 
flight spacecraft in SAF or at ESF were examined for 
magnetic fields and demagnetized if the field on the 
surface of the tool exceeded 5 G. Periodic rechecking of 
the tools was also made. 
2. Safety aspects of magnetic control program. The 
safety aspects of the magnetic control program were 
carefully considered. To ensure that all potential person- 
nel and material hazards associated with magnetic test 
operations were fully understood and that adequate 
measures were taken to avoid or minimize the hazard, 
four operations considered potential hazards - either to 
personnel or the spacecraft flight hardware - were pre- 
sented to the Mariner Venus 67 safety task team for 
consideration. Measures were taken to minimize these 
hazards, and cognizant personnel were made aware of 
the necessary precautions to be taken. These four poten- 
tial hazards are listed below: 
(1) Physical damage to hardware by dropping or fall- 
ing while being introduced into, or being removed 
from, the demagnetizing and mapping facility. 
(2) Possible demagnetization of permanent magnet 
devices in the spacecraft during demagnetization 
of the assemblies or subassemblies. (Refer to relay 
study under V-C-1.) 
(3)  Induction of excessive and damaging voltages in 
spacecraft circuitry caused by changing demag- 
netizing fields. (These voltages were calculated to 
be negligible at frequencies below 1 Hz.) 
(4) High voltage during 60-Hz operation of demag- 
netizing coils for solar panel demagnetizing. I 
(Precautions continue to be necessary when 
demagnetizing at 60 Hz because of the series 
resonant circuit employed.) 
Because the solar panels made up the only subsystem 
that required high voltage during demagnetization - and 
since the above hazards (2) and (3) were shown to be of 
minimum danger - the first item, then, remained the 
only real concern for precaution in handling operations. 
B. Type-Approval (TA) Testing 
1. System level. There was no TA demagnetization 
effort performed at the system level. 
2. Subsystem level. The reasons for TA hardware eval- 
uations were (1) to qualify the demagnetization process 
for the flight hardware, (2) to determine the effective- 
ness of the demagnetization, and (3) to obtain an indi- 
cation of the relative stability of the resultant residual 
field. 
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a. Requirements us tests. Type-approval magnetic 
testing was accomplished in accordance with the speci- 
fication, with the following exceptions: 
(1) Because of the small sizes of some hardware items, 
it was necessary to map at distances other than 
those specified. Mappings were made at 6 in., at 
12 in., and at 2 ft, in addition to those stipulated 
in the test specification. 
* 
(2) Because induced field effects were difficult to in- 
terpret, deviation from specification was some- 
times necessary for this test. 
b. Results. It generally was found that hardware, as 
received, had a relatively high residual field that could 
be effectively reduced by demagnetization. The results 
indicated that some assemblies were not sufficiently de- 
magnetized by the 40-G deperm. 
Hardware 
Bay I (less 8A1/2) 
P/ro control 
Midcourse motor 
Umbilical connector 
Bay 111 DAS 
Trapped radiation 
detector 
Plasma probe 
Magnetometer 
UV photometer 
DFR 
DFR filters 
Bay IV data encoder 
and command 
Bay V radio 
Tape recorder system 
Bay VI transponder 
Designatio1 
4A Series 
8A1 /2 
10 
600153 
20A Series 
25A1 
32A1 
32A2 
32A3 
32A4 
33A1 
33A2 
33A3 
34A1 
34A2 
35A1/2 
3A & 6A 
Series 
- 
16A Series 
The magnetic mapping results are summarized in 
Table 51, in which the data have been extrapolated to 
give the maximum residual radial field at a distance of 
3 ft from the approximate center of the hardware under 
the following four conditions: 
(1) Initial mapping of as-received hardware 
(2) Mapping following 25-G exposure in the axis most 
nearly parallel to the dipole moment observed in 
the as-received hardware mapping 
(3) Mapping following 80-G (peak field) demagnetiza- 
tion at 1/20 Hz 
(4) Mapping following 40-G demagnetization at 
1/20 Hz 
The above results are comparable to results obtained from 
similar tests for the Mariner Mars 1964 spacecraft, for 
Table 51. Type-approvul hardware magnetic test results 
Serial No. 
02 
1005 
1006 
MC002 
11 
073 
ClOl 
397 
02 
02 
03 
Life Test 
Life Test 
Life Test 
MC3 
MC3 
1 
A1654 
A251-1 
2/3 
2 
3 
Maximum radial field at 3 it, y 
17.5 
10.9 
10.0 
7.4 
0 
1.3 
12.8 
18.8 
3.6 
0.4 
2.5 
0 
31.3 
0.5 
2.0 
2.3 
1.1 
26.8 
8.0 
7.9 
15.1 
0 
39.5 
5.1 
32.1 
8.5 
0.4 
8.2 
0 
25.2 
38.1 
13.1 
3.8 
4.9 
4.4 
136.1 
100.7" 
25.6 
262.1 
80-0 
deperm 
14.4 
11.0 
10.7 
5.0 
0.1 
0.2 
0.5 
2.2 
0.3 
0.1 
0.3 
0 
0.4 
0.6 
0.3 
0.2 
0.1 
0.9 
12.1 
10.3" 
8.8 
10.9 
4o-G 
deperm 
14.7 
11.1 
9.9 
5.7 
0 
0.7 
0.6 
0.6 
2.4 
0.2 
0.3 
0 
1.1 
0.5 
0.4 
0.6 
0.4 
4.2 
13.8 
10.5- 
9.1 
12.0 
40-0 deperm residual field component? 
at magnetometer, y 
X 
- 0.99 
0.82 
-0.77 
0.33 
0 
0 
0 
-0.05 
- 0.06 
-0.01 
-0.01 
0 
0.04 
-0.05 
- 0.02 
- 0.03 
0.01 
0.56 
1.06 
-0.34a 
1.04 
1.17 
Y 
- 0.36 
0.34 
-0.10 
0.24 
0 
- 0.02 
0.08 
0.01 
-0.11 
-0.01 
-0.01 
0 
-0.07 
- 0.02 
- 0.04 
0.01 
0.04 
-0.1 1 
0.60 
- 1 .06" 
-0.38 
- 0.96 
2 
-0.23 
0.26 
-0.29 
- 0.36 
0 
0.04 
- 0.05 
0.0 1 
- 0.05 
0 
0.02 
0 
0.08 
0.01 
0.04 
0.04 
0 
-0.W 
-0.61 
0.34' 
0.22 
0.03 
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I 
X 
0.49 
0.01 
0.33 
0 
1 .32b 
1.43 
0.01 
0 
0 
0 
0 
Hardware 
Y 
9.56 
- 0.02 
-0.31 
0 
-2.21b 
- 1.39 
0 
0 
0 
0 
0 
Bay VI1 CC&S 
Gyro assembly 
Bay VI11 power 
Battery 
1 Canopus sensor 
Planet sensor 
Terminator sensor 
Earth sensor 
Primary sun sensor 
Secondary sun sensor 
Sun gate 
Separation-initiated 
timer 
Pyro arming switch 
louver 
A/C 4-jet valve assy 
A/C 2-iet valve assy 
High-gain antenna 
low-gain antenna 
DFR UHF antenna 
DFR VHF antenna 
Bay I Ins 
Bay I Metal 
Bay 111 Ins 
Bay Ill Metal 
Temperature-control 
i 
reference 
Solar-panel-tip boost 
damper 
Solar-panel-deploy 
assy 
Accelerometer 
0 
0 
0 
0.01 
0 
>esigrration 
0 
0 
0 
- 0.01 
0 
A2 
A14 
'CS8 
'CS8 
'lS8 
'MGl 
'ED6 
IPS6 
'SS2 
'SG7 
IM1 
lASl 
1101330 
'GM41/411 
7 ~ ~ 2 1 / 2 1 1  
1El 
I5E3 
15E2F1 
15E2F3 
41 0363 
4 10363 
41 10009 
h 
2217 
2217 
Serial No. 
TA 
PTMO 1 1 
02 
26 
107 
103 
002 
01 
01 
3 
3 
D420 
103 
c106 
2 
- 
72/94 
4 
C106 
STM 
11-1 
13-2 
C106 
H B52 
HC66 
Table 51 (contd) 
Maximum radial field at 3 ft, y 
~~ 
As reed 
97.4 
0.8 
3.3 
0.1 
21.6 
17.8 
1.6 
0.3 
0 
0 
0 
0 
0 
0.1 
11.8 
2.0 
2.2 
1.2 
0 
0 
0.2 
0 
0 
0.3 
0.2 
0 
0.6 
0.1 
0.1 
0.3 
25-0 
exposure 
123.8 
38.8 
8.3 
0 
- 
16.9 
2.5 
0.6 
0 
0.1 
0 
0.3 
0.2e 
0.1 
30.0 
3.2 
2.5 
0.9 
0 
0 
1.3 
0.8 
0 
0.4 
0.4 
0 
0.5 
0.2 
0.1 
0.1 
80-0 
deperm 
82.7 
1 .o 
3.6 
0 
- 
14.2 
0.1 
0 
0 
0 
0 
0 
0.1 
0 
0.0 
0.8 
1.1 
0.8 
0 
0 
0.1 
0.2 
0.2 
0.3 
0 
0 
0.4 
0.1 
0 
0 
40-0 
deperm 
81.5 
0.6 
4.9 
0 
- 
15.1 
0.1 
0.1 
0 
0 
0 
0 
0 
0.1 
0.5 
1.5 
1 .o 
1.2 
0 
0 
0 
0 
0 
04 
0.1 
0 
0.5 
0.1 
0.0 
0.1 
40-0 deperm residual field components 
at magnetometer, y 
0 
0 
0 
-0.Old 
-0.02e 
-0.02f 
-0.62 
0 
0 
0.019 
0 
0 
0 
0 
-0.01g 
- 0.01 
0 
0 
Z 
3.31 
0.03 
-0.26 
0 
-2.4ab 
- 1.73 
0 
0 
0 
0 
0 
0 
0 
0 
- 0.04' 
-0.02e 
0.03' 
0.44 
0 
0 
0 
0 
0 
0.02 
0 
0 
-0.019 
0.01 
0 
0.01 
UThis bay V mapping includes tape recorder units, but not same units shown on next line. 
bAs the Canopus sensor was granted a waiver on magnetization and demagnetization, these components of the ksiduol field are for the as-received condition 
6eparation initiated timer safety pin (nonflight) has a field of 2 y at 3 ft. 
*Only a single louver was given TA testing. Field at spacecraft magnetometer i s  shown for louver in bay VI position, which is closest to magnetometer ani 
consequently, the worst-case situation. 
eA single 4-iet roll-and-yaw valve assembly was tested and i s  shown for the - x  position, which is  closer to the magnetometer sensor. 
'A single 2jet  pitch-valve assembly was tested and i s  shown for closer - y  position. 
SA single boost damper was tested. Valves shown are worst-case for damper closest to magnetometer position. 
hSolar-panel-deployment assembly consisted of two springs, microswitch assembly, and spherical bearing on stud bolt. 
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which was specified a field <5 y at 3 ft. However, those 
results were obtained, generally, following vibration test- 
ing, only-which in most cases, should be compared 
only with the as-received mapping for Mariner Venus 67 
hardware. Although the mappings are listed in the table 
in the above sequence, this is not the order in which 
the mappings were made. The last three columns of the 
table give the extrapolated rectangular components of 
the residual field at the relative position of the science 
magnetometer sensor, in spacecraft coordinates, for the 
mapping following the 40-G demagnetization - which is 
the comparable mapping that was made on Mariner 
Venus 67 flight hardware. 
Coaxial 
cable 
Note that in a few cases, the field after an 80-G de- 
magnetization is greater than the field determined from 
the as-received or 40-G deperm mapping. This is usually 
caused by a permanent-magnet component in the hard- 
ware. Magnetic stability can best be inferred by com- 
paring the 25-G exposure mapping and the 40-G deperm 
mapping. A large difference is indicative of relative in- 
stability in the magnetic field. 
40-6 25-6 80-6 
deperm exposure deperm 
Investigation of the change in field due to the attitude 
control jets being in flight configuration, rather than on 
the dummy solar panel racks, indicated negligible effect. 
In addition to the items listed in Table 51 the follow- 
ing items of hardware were also partially evaluated. 
The spacecraft octagon structure with one-half 
attitude-control gas system was demagnetized in 
the X and Y axes. Attempts to measure the resul- 
tant fields were unsuccessful, because of the size 
of the structure. 
The lower ring harness from the Mariner Mars 1964 
PTM spacecraft was mounted on a plywood board 
in the form it is installed on the spacecraft. The 
following fields, extrapolated to 3 ft, were ob- 
tained: As-received, 2.0 y; 40-6 deperm, 1.1 y; 
25-G exposure, 19.2 y. 
Sunshade deployment springs (SNs C-179 and 
C-180) were found to be entirely nonmagnetic. 
Low-gain antenna SN 3 was permed and de- 
permed in two axes normal to the long axis of the 
antenna and was mapped about the antenna axis, 
only. This operation was performed on each end 
of- the antenna. Although these results are not con- 
clusive, no magnetic field could be detected. An 
18-in. section of the low-gain antenna was more 
thoroughly evaluated in all three axes and, again, 
no magnetic field could be detected. 
Two pinpullers, D4901125B-1 SNs C-132 and -331, 
were tested and found to be nonmagnetic. 
A 10-in. section of coaxial cables (RG142B/U, rep- 
resentative of spacecraft cables 2W2 and 2WG; 
and RG188, representative of 2W47) was evalu- 
ated and found to be magnetic with results shown 
in Table 52. 
Two temperature transducers, T-4086S1 SNs 65746 
and 65749, were evaluated and found to have a 
negligible magnetic field. 
c. Anomalies. It was found that demagnetization of 
the science magnetometer sensor resulted in approxi- 
mately a 1-7 change in the sensor offset. As the demag- 
netized condition was believed to be the more stable, 
the sensor was given a 40-G demagnetization before 
being calibrated. 
Demagnetization +of the Canopus sensor resulted in a 
$-deg error in the look angle. The exact cause of the 
offset has not yet been determined, but is related to 
the magnetic shield surrounding the tube. Because of the 
difficulty in aligning the sensor, magnetization and de- 
magnetization of the sensor was subsequently waived. 
3. Solar panel tests. These tests were made to verify 
solar-panel demagnetizing and mapping procedures. 
a. Requirements os tests. Based on demagnetization 
tests on a small section of panel, the demagnetization fa- 
cility was modified from that used for Mariner Mars 1964 
panels so that the Mariner Venus 67 panels could be in- 
serted into the demagnetizing coil system from the side, 
normal to the axis d the coils. With this arrangement, 
the solar panel Kovar buses were aligned with their long 
axes parallel to the demagnetizing field. As the initial 
mapping of the panel disclosed a negligible magnetic 
field in the panel, the panel was permed with permanent 
Table 52. Coaxial cable magnetic mapping results 
Maximum radial field at 3 ft, y 
RG142B/U 4.3 5.5 65.3 2.1 1 RG188 I 2.0 1 2.0 I 17.3 I 2.1 1 
JPL TECHNICAL REPORT 32-1249 165 
magnets to verify the demagnetization process. All de- 
magnetization of the solar panel was performed with a 
60-Hz alternating field. 
b. Results. Type-approval solar panel SN 002 was ini- 
tially mapped following vibration testing, and it was 
found to have a negligible field. The panel was then 
permed by demagnetizing in the presence of a biasing 
dc field. The field of the panel at the spacecraft mag- 
netometer location for a panel in the -Y position fol- 
lowing this perming was: 
X component Y component Z component 
6.0 y 0.8 y -0.5 y 
The panel was next demagnetized with a decreasing 
magnetic field having an initial value of 20 G rms. Fol- 
lowing this demagnetization, the components of the re- 
sidual field of the panel were <1/2 y. 
e. Anomalies. This panel was reported to have been 
electrically damaged in an earlier environmental test, so 
could not be electrically checked to verify that perfor- 
mance had not been degraded by demagnetization. 
Subsequent mappings of flight panels indicated that 
demagnetization of Mariner Venus 67 panels was unnec- 
essary, because their particular configuration was not 
conducive to acquiring a residual field in the vibration 
testing. 
C. Development Testing 
Magnetic tests that were instituted on request, or be- 
cause of concern by the cognizant hardware engineer, 
are included in this section. 
1. Relay study. With the decision that assemblies and 
subassemblies would be demagnetized, concern was ex- 
pressed about the effect of the demagnetization on per- 
manent magnets, which are a part of the latching relays 
employed in the CC&S, as well as other units. The 
CC&S, alone, employs approximately 25 of these relays. 
Therefore, this study was conducted to determine if 
normal spacecraft hardware demagnetizing fields cause 
degradation of latching relay performance and to deter- 
mine what magnitude of demagnetizing fields do ad- 
versely affect latching relay magnets. 
a. Requirements vs tests. Relays were tested by deter- 
mining the maximum radial magnetic field at 8 in. and 
by measuring the minimum current required to cause a 
switching of the relay. These tests were made on a num- 
ber of relays, following their exposure to various peak 
demagnetizing field levels. 
Tests were conducted on Sigma type 32 and 33 relays 
and on the Potter and Bromfield SLGllD relay. 
b. Results. The initial demagnetization of a latching 
relay appears to stabilize the relay magnetic field. This 
effect is independent of the demagnetizing field level up 
to several hundred gauss. This initial stabilization results 
in a decrease of a few percent in the magnetic field. 
After this initial effect, the relay magnetic field is rela- 
tively unaffected up to a magnetic field of about 500-G 
peak. Beyond this field level, the residual external field 
of the relay rapidly decreases, and the relay fails to latch 
after demagnetizing field levels of about 600-G peak. 
When the ceramic, permanent magnet element of a 
relay was subjected to a demagnetizing field by itself, 
the maximum residual external field decreased by about 
35% after a 100-G rms demagnetizing field. Since the 
magnet element consists of two opposing coaxial dipoles, 
this decrease may be a change in relationship of the two 
individual dipoles. It does indicate, however, that the 
magnet receives considerable protection in the assembled 
condition where the magnetic circuit is more complete. 
Tests of the current that is necessary to cause tripping 
of the relay showed considerably more variation between 
similar relays than was evident due to demagnetization 
below about a 500-G peak. Individual tripping or latch- 
ing currents varied by as much as 15% from the mean 
tripping current, while deviation due to demagnetization 
was less than lo%, up to 565-G peak demagnetizing fields. 
The results of this study are summarized in Figs. 105 
and 106 showing the results for two Sigma type 32RJD 
latching relays. 
2. Solar panel demagnetization study. This study was 
made because of changes in the Mariner Mars 1964 solar 
panel design necessitated by the Mariner Venus 67 mis- 
sion and because of constraints imposed by the existing 
solar panel demagnetization facility. Factors significant 
to this study were: 
(1) Structural changes in the Mariner Mars 1964 solar 
panel design affected the magnetic quality of the 
Mariner Venus 67 panels. In particular, each of 
the Kovar buses was placed with its long axis per- 
pendicular to the panel, rather than parallel to it 
as on Mariner Mars 1964 panels. 
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Fig. 106. Latching relay trip current test 
(2) The test techniques and facilities were designed for 
demagnetization of the Mariner Mars 1964 panels 
parallel to the long panel axis (axis of buses), Re- 
orientation of the Kovar buses (orthogonal to the 
Mariner Mars 1964 design) required major changes 
in the techniques and facilities. 
(3) Mariner Mars 1964 panels were successfully de- 
magnetized at 60 Hz. With the Mariner Venus 67 
electronic subassemblies being demagnetized at 
1/20 Hz, it would be necessary to change the fa- 
cility from 60 to 1/20 Hz and back again. 
To possibly minimize time and effort required - and 
yet adequately demagnetize Mariner Venus 67 solar 
panels-this special study was conducted in September 
1966 on a solar panel substrate and a small section of a 
panel (1) to determine if such a small section could be 
demagnetized with a field perpendicular to the long axis 
of the Kovar bus bars and (2) to provide a comparison of 
60-Hz and 1/20-Hz demagnetization. 
a. Requirements as tests. Tests were performed on a 
10- X 12-in. section of solar panel substrates, but be- 
cause of a limitation in the demagnetizing field level, the 
solar panel section could not be effectively demagnetized 
with the Kovar bus bars perpendicular to the demag- 
netizing field. 
b. Results. These tests disclosed that while a demag- 
netizing field of about 20 G (peak) parallel to the Kovar 
bus bars would effectively demagnetize the Kovar, de- 
magnetization normal to the bus bars was impracticable. 
As a result, modification of the demagnetizing facility 
was necessary so that the Mariner Venus 67 solar panels 
could be accommodated with the Kovar bus bars parallel 
to the demagnetizing field. 
It was also found that 60-Hz demagnetization is 
slightly more effective than 1/20-Hz demagnetization. 
The results are shown in Fig. 107. 
c. Follow-up test. While theoretical considerations in- 
dicate that demagnetization should be more effective in 
the long axis, the reason for more effective demagnetiza- 
tion at the higher frequency is not known. These later 
results have also been supported by tests at Goddard 
Space Flight Center where they found that 60-Hz de- 
magnetization was more effective than so-called dc pulse 
demagnetization. It appears that further study is war- 
ranted in this area. 
3. Canopus sensor relocation study. Because the 
Mariner Venus 67 spacecraft was oriented with the bot- 
tom of the spacecraft facing the sun, it was considered 
necessary to relocate the Canopus sensor from the bot- 
tom to the top of the bus structure. Since the sensor is 
sensitive to changing magnetic fields, a magnetic survey 
was made of the area of the Mariner Mars 1964 PTM 
spacecraft in which it was proposed to relocate the 
Canopus sensor for the Mariner Venus spacecraft. 
Contrary to all other magnetic control effort on the 
spacecraft, which has as its goal the reduction and sta- 
bilization of the spacecraft magnetic field as an aid to 
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Fig. 107. Solar panel demagnetization tests 
the magnetometer experiment, this study was to deter- 
mine if there were magnetic fields caused by the space- 
craft that would be detrimental to the proper perfor- 
mance of the Canopus sensor. Tests were conducted to 
determine the level of the magnetic field caused by 
operation of the Mariner spacecraft in the vicinity of the 
top of bay VIII. 
a. Requirements os tests. Tests of magnetic fields re- 
sulting from spacecraft operation were made on the face 
of and above bay VI11 from dc through 30 kHz. Perm 
and induced fields caused by the earth's field were not 
determined. Fields <lo00 y were not considered detri- 
mental to Canopus sensor operation and were not fur- 
ther investigated. 
b. Results. On March 1, 1966, measurements were 
made on the Mariner Mars 1964 PTM spacecraft in the 
area above bay VI11 to determine the magnetic fields 
caused by an energized spacecraft. Measurements were 
made with a Foerster Hoover model 5050 magnetometer 
from dc through about 80 Hz (utilizing an oscilloscope 
for ac indication) and with a Bell model 350 gaussmeter 
with magnaprobe from 9 Hz to 30 kHz. 
No detrimental ac fields were observed in the vicinity 
of bay VIII. 
The only fields >lo00 y in the vicinity of the pro- 
posed relocation site, were observed directly on the 
frame, immediately above the center of bay VIII, where 
the field was about 3000 y. Approximately 3 in. above 
this point on the frame, the field had decreased to 1000 y.  
c. 
On the face of bay VIII, the field reached approxi- 
mately 20,000 y about 5 in. from the upper edge. This 
was considered to result from an unshielded Kinetics 
power-transfer switch mounted in this bay. At the top 
edge of the bay, the field was down to 8000 y.  
In spite of these large fields, since the flight Kinetics 
switch is shielded, these fields were not considered det- 
rimental to the proper operation of the Canopus sensor. 
D. Flight-Acceptance (FA) Testing 
Flight acceptance magnetic testing is considered to 
encompass those tests that were officially documented 
or directed by the Mariner Venus 67 Project Office. 
These tests were primarily governed by three test docu- 
ments: (1) a JPL procedure on spacecraft subassembly 
demagnetization and magnetic mapping, (2) a JPL speci- 
fication on Type-Approval Magnetic Test Requirements 
for assembly and subassembly levels, and (3) a JPL 
specification on the general requirements for magnetic 
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testing and demagnetization of type-approval and flight- 
acceptance solar panels. 
Required tests associated with the Agena vehicle, 
spacecraft adapter, and shroud are defined in a Project 
Office document and letters. The remaining tests and the 
safety review were established by interoffice memoran- 
dums from the Project Office. 
1. System level. In magnetics control, the distinction 
between system and subsystem level testing is not clearly 
defined. Generally, the flight-hardware demagnetization 
and mapping was conducted as a system procedure in 
the SAF. In this report, all efforts conducted on an as- 
sembly or subassembly basis are considered as on the 
subsystem level. 
a. Spacecraft perm field mapping for M67-I .  Each of 
the two flight spacecraft, M67-1 and M67-2, was mag- 
netically mapped to determine the spacecraft residual 
field at the science magnetometer sensor at JPL, under 
the cognizance of the magnetometer experiment cogni- 
zant scientist, as an aid to interpreting the magnetom- 
eter data. The first flight spacecraft, M67-1, was mapped 
twice - the first time, immediately following demagne- 
tization of its hardware, and the second time, approxi- 
mately a month and a half later. A comparison of the 
two mappings was to have verified the magnetic stability 
of the demagnetized spacecraft to qualify the omission of 
an additional magnetic mapping at Cape Kennedy just 
before launch. The M67-2 flight spacecraft was mag- 
netically mapped only once, on April 13, 1967, at 
Pasadena. (Figure 108 shows the spacecraft mapping 
fixture.) 
(1) Requirements vs tests. Tests were conducted to 
determine the residual magnetic field at the location of 
the spacecraft magnetometer sensor with the spacecraft 
in as near flight configuration as practical and to verify 
the stability of the spacecraft magnetic field by a second 
mapping after an interval of one or two months. The 
spacecraft was magnetically mapped in the earth's field 
on the evenings of February 15,1967, and March 31,1967. 
In both cases, the spacecraft was approximately similarly 
configured with the following items not installed on the 
spacecraft either time: 
Tape recorder subassemblies 16A1-16A6 
Gyro subassembly 7A2 
Solar panels 4A1, 3,5,7 
DFR antennas 15E3,15E2F1,15E2F3 
Low-gain antenna 2332 
Thermal shields and shades 
During the interval between the two mappings, the 
spacecraft underwent system testing and a gas-leak 
check. The following assemblies and subassemblies 
were removed from the spacecraft and taken from the 
SAF to be reworked during this period. 
Subassembly 4818 in bay I was removed for rework. 
The midcourse motor was removed from SAF for re- 
work, and torque check of jet-vane actuators was 
performed in high bay. 
Bay I11 was disassembled, and all subassemblies were 
removed from SAF for rework. 
Bay IV data encoder and command subassemblies 
were removed from SAF for rework. 
Bay V tape recorder subassemblies were not demag- 
, netized or installed in spacecraft during first space- 
craft mapping; Bay V radio was reworked in SAF 
with undemagnetized tools. 
Bay VI was reworked in SAF with undemagnetized 
tools, except 2RE1, 2PS2, and 2PS3 subassemblies, 
which were removed from SAF for rework. 
The 7A1 subassembly was removed from SAF for re- 
work. 
All louvers were removed from SAF for polishing. 
The trapped radiation detector was sent to University 
of Iowa. 
The ultraviolet photometer was sent to University of 
Colorado. 
The magnetometer was removed from SAF for rework. 
Canopus sensor SN 001 was installed for first space- 
craft mapping while SN 107 was installed for sec- 
ond mapping. 
The high-gain antenna was removed from SAF for 
rework. 
Magnetic control was not adequate, and hardware was 
reinstalled on the spacecraft without undergoing re- 
quired magnetic mapping or redemagnetizing. Conse- 
quently, the results of the two mappings are not directly 
comparable. 
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Fig. 108. Spacecraft mapping fixture: mapping in earth's field 
(2) Results. The magnetic field components shown in 
Table 53 were determined for the perm field at the 
spacecraft magnetometer position on each of the two 
mappings. 
February 15, 1967 
March 31 1967 
1 70 
b. M67-2 spacecraft perm field mapping. 
(1) Requirements vs tests. The M67-2 spacecraft was 
magnetically mapped without solar panels or their fit- 
tings, but with the attitude-control gas system mounted 
on extended solar panel frames. The high-gain antenna 
(2E1) which had earlier been found to be nonmagnetic, 
was not installed. The receiver T-R (2TR1), which was 
being modified, was not installed in bay V. As with the 
M67-1 spacecraft, the low-gain antenna and thermal 
shields and shades were not installed on the spacecraft. 
For this mapping, the gyro unit (7A2) and the tape re- 
corder units (16A1-16) were installed, necessitating in- 
creased care in handling the spacecraft and mapping 
fixture to avoid excessive accelerations on these units. 
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(2) Results. The M67-2 flight spacecraft was magnet- 
ically mapped in the earth’s field in the early morning of 
April 13, 1967 to determine the residual magnetic field 
at the location of the spacecraft magnetometer sensor, 
with the spacecraft in as near flight configuration as 
practical. Ambient magnetic conditions were relatively 
quiet for this mapping, and good results were obtained, 
in spite of the necessary cautious move of the fixture. 
Computation 
Preflight estimate of 
spacecraft field 
” The following gamma values for the components of 
the residual magnetic field of the spacecraft at the sci- 
ence magnetometer position were obtained: 
X Y z 
- 0.6 1 .o 7.1 
-1.0 y 2.6 y 7.1 y 
This spacecraft was successfully launched from Cape 
Kennedy on June 14, 1967. While h e  spacecraft was 
rolling in space following sun acquisition, it was possible 
to determine the X and Y components of the residual 
field of the spacecraft. These values are compared with 
the components of the total field for the spacecraft in- 
cluding all perm and current-loop fields for the particu- 
lar operating condition of the spacecraft. It was also 
subsequently possible to statistically obtain a value for 
the 2 component of the residual field. This comparison 
is made in Table 54. 
The differences between these values cannot be defi- 
nitely explained, but they are probably due to two main 
causes: (1) Several subassemblies were removed from the 
spacecraft for rework following the spacecraft mapping, 
with a consequent change in the subassembly field; even 
though in some cases, the subassembly was redemagne- 
tized. (2) Some subassemblies exhibit sufficient magnetic 
instability as to be affected by the launch environment. 
* 
c.  Spacecraft current-loo p-field mapping. The deter- 
mination of the spacecraft current-loop fields was under 
the direction of the magnetometer experiment cognizant 
scientist. The current-loop fields (also commonly called 
stray fields) are those magnetic fields caused by the flow 
Table 54. M67-2 residual field 
I Residual field component value, y I I 
lnflight spacecraft field 
determination I 4.8 I 0.8 I 8.7 1 I 
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of current in the spacecraft circGtry during various 
modes of operation and the change in field resulting 
from the actuation of magnetic mechanical devices. The 
tests were conducted to determine the spacecraft mag- 
netic field contribution due to operation of the space- 
craft in its several operational modes in order to permit 
analysis of the idlight magnetometer data. Although the 
two spacecraft were checked for current-loop fields, 
minor differences and test conditions necessitated using 
a weighted average of the two results. 
(1) Requirements as tests. The current-loop tests were 
conducted in accordance with the JPL procedure during 
the late evening hours when external magnetic distur- 
bances were at a minimum. Changes in the magnetic 
field were monitored during spacecraft system tests. 
Those changes resulting in a measurable effect are listed 
in the following paragraphs. 
(2) Results. Results were obtained for the four normal 
operational modes. The values shown are for the mag- 
netic field components in spacecraft coordinates at the 
spacecraft magnetometer sensor, in gamma values, and 
do not include solar panel current-loop fields. 
x, Y y, Y 2, Y 
Pre-Canopus acquisition 
Cruise mode (solar power, 
After switch to TWT 
(solar power) -3.0 -0.7 +0.4 
gyros 07%) -1.6 -1.4 +1.8 
amplifier -1.1 -0.9 +2.2 
Encounter mode -0.6 -0.9 +1.9 
The following are the current loop field changes as- 
sociated with the operation of the various subsystems 
that yielded measurable effects. 
Switch from solar to 
battery power 
TWT amplifier 
Switch from cavity to 
Switch from exciter A to B 
Switch battery charger to 
boost mode 
Turn gyros on 
AX, y AY,y aZ,y 
-1.2 +1:6 +1.6 
+0.5 +0.3 +0.3 
+0.4 +0.7 +0.4 
-0.4 0 -0.3 
-1.4 +0.7 -1.4 
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d .  Summation of spacecraft fields for M67-I.  As an 
aid to future magnetic control programs, it was desired 
to determine the relationship between the summations 
of the magnetic fields of the individual assemblies or 
subassemblies and the total magnetic field of the space- 
craft at the science magnetometer sensor. To this end, 
the magnetic field of the Mariner Venus 67 spacecraft 
subassemblies was extrapolated to the position of the 
magnetometer sensor on the spacecraft, and the space- 
craft rectangular components of the field were summed. 
This resultant field was then compared with the field of 
the spacecraft as it was actually mapped in its entirety 
at Pasadena. 
The sum of the magnetic fields of the various M67-1 
spacecraft assemblies and subassemblies were made and 
compared with the actual spacecraft magnetic mapping; 
and the total field of the M67-1 spacecraft was esti- 
mated. The components of the total field of the M67-1 
spacecraft, as determined by a summation of the sub- 
assembly magnetic field measurements as initially ob- 
tained, were: 
X component Y component 2 component 
1.7 y 7.2 y 2.6 y 
The above values were for the complete spacecraft 
with the four flight solar panels and all other flight 
hardware included. 
If a summation were to be made of only the hardware 
that was mounted on the spacecraft at the time it was 
magnetically mapped on February 15, 1967, the follow- 
ing values would be obtained for the components of the 
field at the flight sensor. 
X component Y component 2 component 
0.9 y 7.4 y 2.2 y 
These values are compared with those obtained in the 
spacecraft mapping reported earlier in this section, as 
X component Y component 2 component 
1.5 y 3.9 y 3.1 y 
The effect of both angular and magnitude errors in 
interpreting the bay VI1 data were analyzed because 
this assembly is several times more magnetic than any 
other system on the spacecraft. It was found that the 
errors in bay VI1 measurements could not have ex- 
ceeded 1 y and, consequently, did not account for the 
discrepancy between the summed and measured fields. 
There were two major problems associated with at- - 
tempts to sum the magnetic field components: 
(1) To be able to extrapolate magnetic field data, it 
must be assumed that all sources can be repre- 
sented by a simple dipole. In the case of actual 
hardware, this is not necessarily true. Although 
most hardware appeared to be a simple diode at 
the measurement distance, a few exhibited multi- 
polar characteristics. In general, mapping a field 
that is distinctly multipolar results in a dipolar 
field component which is lower than would be ex- 
pected from a simple dipolar field mapping. This 
results because the higher order components tend 
to reduce the net field and fall off more rapidly 
with distance. Similarly, if the mapping rotation 
is not about the dipole center, a greater-than- 
actual field magnitude is obtained. 
(2) Subassembly magnetic fields are materially altered 
by ferromagnetic material in adjacent subassem- 
blies. This apparently has the effect of shunting 
the subassembly field through the magnetic mate- 
rial so that the external fields of the assembly are 
reduced. 
* 
The M67-1 spacecraft, which was mapped twice - the 
second time after an interval of about six weeks - should 
have shown very little change in the magnetic field com- 
ponents. The fact that there was a rather large change 
resulted in a remapping of the assemblies that had been 
removed from SAF for rework and had not been re- 
checked subsequently for magnetic changes. The space- 
craft fields were again summed in an effort to explain 
the difference in the two spacecraft mappings. While the 
new summed field did show changes in the proper direc- 
tion, still the magnitudes of the Y and 2 components dif- 
fered by some 3 y each. 
Attempts to explain these large differences were not 
entirely successful. However, it appeared that, when 
summed, the individual field of several subassemblies 
would be greater than the mapped values for the sub- 
assemblies as a group. 
The final value for the summed field changed as hard- 
ware was removed from the spacecraft for rework and 
was remapped on reintroduction into SAF for reinstalla- 
tion on the spacecraft. The components of this final 
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summed field of the spacecraft as it was shipped to 
AFETR, not including solar panels, are the following: 
and the summed fields of the equivalent individual sub- 
assemblies and subsystems making up these bays. 
X component Y component 2 component 
-1.4 y 6.9 y 3.2 y 
It appeared that the direct summation of magnetic 
fields or the consideration of the effect of a change 
in field of a subassembly on the overall spacecraft field 
- was not an entirely valid procedure. It was believed, 
however, that this procedure was of use in setting upper 
limits on subassemblies and in establishing magnetic 
restraints on hardware. 
e. Summation of spacecraft fields for M67-2. The sum 
of the components of the magnetic fields of the various 
spacecraft assemblies and subassemblies was made to 
obtain an estimate of the total field of the M67-2 space- 
craft and to compare these results with the measured 
magnetic field of the spacecraft. 
The components of the total field of the M67-2 space- 
craft, as estimated from the subassembly magnetic field 
measurements initially obtained between April 6 and 12, 
1967, were: 
X component Y component 2 component 
-1.5 y +2.7 y +5.9 y 
The above values are for the complete spacecraft, in- 
cluding the solar panels and attached antennas and boost 
dampers. 
,. 
f. Exposure recorders. During November 1966, it was 
learned that the Ames Research Center was working on 
the development of a magnetic-field exposure recording 
device for use in connection with the Apollo Program. 
As it was felt that this device might be of some value to 
magnetic control in the Mariner Venus 67 Program, its 
use was recommended, and was approved by the Project 
Office. Two of these devices-that consisted of three 
2- X 0.005-in.-diam dumet wires, imbedded in three ny- 
lon blocks such that, when the three blocks are fas- 
tened together, the three wires are normal to each 
other - were furnished by E. A. Iufer of Ames Research 
Center for use on Mariner Venus 67 flight spacecraft. 
One of these devices was installed on each of the two 
flight spacecraft after reassembly of the spacecraft, fol- 
lowing final inspection and demagnetization. These de- 
vices were installed inside the spacecraft bus structure 
on the support structure for the attitude control gas sys- 
tem, as shown in Fig. 109. 
The magnetic field exposure recorder was used to de- 
termine if any excessive magnetic field was encountered 
by the spacecraft following demagnetization, until the 
time the spacecraft was enclosed in its shroud, prior to 
launch. In particular, it was desired to know if the space- 
craft were exposed to excessive fields incident to ship- 
ment to Cape Kennedy from Pasadena. 
The use of the exposure recorder on both spacecraft 
resulted in essentially negative results. Exposure of the 
recorder to a magnetic field above the threshold level of 
the recorder was observed at no time. 
If only those items of hardware that were on the 
spacecraft as it was mapped on April 13, 1967 are con- 
sidered, the summed field components are: 
X component Y component 2 component 
-1.3 y +2.5 y +5.7 y 
These values compare very well with those for the 
mapped field of the spacecraft which are given below: 
X component Y component Z component 
-1.0 y +2.6 y +7.1 y 
In view of the results of M67-1, these results are not 
considered conclusive. In fact, it is now believed that 
only a very general comparison can be made. It appears 
that, in general, the field of several assembled units will 
be less than the sum of the individually mapped subas- 
semblies. This latter is supported by comparison of mea- 
surements made on completely assembled bays I11 and V 
The calibration curves for each of the Mariner Venus 67 
recorders are shown in Fig. 110. It was estimated that 
the recorder - as utilized - would not detect changes 
in the exposure field below about 2.7 G. In addition, it 
was possible that the recorder memory could be altered 
by subsequent exposures and conceivably be demagne- 
tized by a proper sequence of exposures. Consequently, 
the above results are not necessarily conclusive. 
Table 55 contains a summary history of each of the 
two exposure recorders installed on the Mariner Venus 67 
spacecraft. 
To make this device more useful for the purpose, its 
sensitivity must be increased I by mapping at a shorter 
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Fig. 110. Exposure recorder calibration curves 
Fig. 109. Magnetic exposure recorder installed 
inside spacecraft bus structure 
Table 55. Exposure recorder histories 
Second monitoring of re- 
Final monitoring of recorder 
at AFETR and removal 
from spacecraft I June8, 1967 I May25, 1967 1 
distance (possibly 6 in.) and/or using a softer magnetic 
material. Some of these areas have been explored by 
Ames, and several different materials to eliminate the 
possibility of loss of memory by the device have been 
investigated. 
With just a single device on the spacecraft, the re- 
corder can be expected to indicate only ambient field 
changes or the presence of concentrated fields in the 
immediate vicinity of the device. 
" 
g .  Agena mappings. The magnetic requirements neces- 
sitated knowledge of the magnetic fields of matchmate 
tools and equipment and of the Agena adapter forward 
of the Agena station 247. In addition, demagnetization of 
these items was required under certain circumstances. 
As the Lockheed Missile and Space Company did not 
have adequate facilities for making these measurements 
or performing the necessary demagnetization, Lewis Re- 
search Center requested that JPL perform the operations 
for Lockheed. In addition, JPL was given the opportu- 
nity to perform a magnetic survey of the Agena forward 
equipment rack during the operation of the Agena sub- 
systems. 
On February 23, 1967, a magnetic survey was made 
of the Agena forward equipment rack at Lockheed, 
Sunnyvale, California. Approximately 35 Lockheed 
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V-band tools at JPL were checked on February 15, 1967, 
and 7 (that exceeded 5 G on the surface) were demagne- 
tized to reduce the field below this level. On March 2, 
1967, the Agena adapter and spacecraft shroud were 
checked for magnetic fields. The adapter spacecraft - ejection springs were rechecked and demagnetized at 
AFETR on May 23, 1967. 
(3) The large screw drive in the shroud spring cock- 
ing device exceeded 10 G and some of the screws 
holding the cocking devices to the shroud ex- 
ceeded 5 6. 
(4) The two pins in some shroud harness buckles ex- 
ceeded 10 G. 
I 
(1) Magnetic survey of Agena forward equipment 
rack. A study was made to determine if the Agena ve- 
hicle had magnetic fields in the vicinity of the spacecraft 
adapter that might cause magnetic contamination of the 
spacecraft. In the Agenu forward equipment rack there 
were three items that had a measurable field above the 
ambient level on the surface of the component: 
Only the pushoff piston of item 2 was within 6 in. of 
the spacecraft and required demagnetization. These pis- 
tons were rechecked at AFETR. Two pistons on one 
shroud and one on another required demagnetization. 
The screws, item (1) above, were reported by a Lockheed 
engineer to be replaced by nonmagnetic screws when 
the adapter is secured to the Agena vehicle; however, 
this was not verified. 
FM telemetry unit 2 0 G  
10 G (3) Lockheed matchmate tool control. Any tools used near the spacecraft and not under direct JPL control are 
monitored and demagnetized as required to prevent 
spacecraft magnetic contamination. Initially, demagne- 
tization of tools with fields >1 G was required. This 
requirement was modified to be consistent with the JPL 
tool requirement calling for demagnetization if the field 
exceeds 5 G. 
Power-distribution box 
C-band-beacon adapter kit 8 G  
These fields were very concentrated and did not ex- 
tend beyond Agena station 247. ne ac fields 
and dc magnetic fields due to operating modes of the 
Agena were minimal. 
(2) Magnetic control on spacecraft adapter and shroud. wed in Of the 
Work was undertaken to locate of magnetic 
, fields on the spacecraft adapter and shroud and &mag- 
netize those items causing an excessive field which are 
within 6 inches of the spacecraft. 
craft and adapter were monitored at the Explosive Safe 
Facility at AFETR On May 25, 1967, immediately Prior 
to matchmate. Approximately 25% of the tools required 
demagnetization to reduce their residual field to an ac- 
ceptable level. 
Interface hardware originally was required to be de- 
magnetized if its field were >1 G within 6 in. of the 
spacecraft. Tests indicated that this requirement was 
too restrictive because (1) earth's induced field effects 
may be as large as 3 G, and (2) tests on a nickel-ribbon- 
connected module indicate that a field >5 G was 
necessary to cause a measurable perm in the module. 
Consequently, the requirements were revised to reflect 
the 5-G limit, in place of 1 G. 
The following items on the spacecraft adapter and 
shroud were found to be magnetic and exceeded 5 G on 
the surface of the item: 
(1) Approximately one-third of the bolts securing the 
adapter ring to the GSE ring (Agena station 247) 
exceeded 5 G. 
h. Spacecraft assembly tools. Steps were taken to en- 
sure no magnetized tools being used on the flight space- 
ckaft after demagnetization of the flight hardware unless 
the hardware was rechecked for a change in its mag- 
netic field. 
All tools used on the spacecraft in the spacecraft as- 
sembly area were examined for a magnetic field. This 
included two compIete roll-away cabinets (designated 
6-5080 and G-5266) with a separate Kennedy tool box 
mounted on top of each. The tool boxes were initially 
checked between January 19 and February 16, 1967, 
with the results tabulated in Table 56. 
Each tool box was rechecked between April 14 and 17, 
1967. Box G-5060 had 52 tools requiring redemagnetiza- 
tion; box G-5266 had 27 tools requiring redemagne- 
tization. These boxes were again checked at AFETR on 
(2) One of four spacecraft separation pistons had a 
field across the stem of the piston of 9 G. 
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Table 56. Assembly tool magnetic monitoring results 
I Spacecraft tool box I 
Measurement 
Number of tools with field 
May 5, 1967, and about six tools in each box required 
redemagnetization. 
In addition to the two sets of tools regularly used in 
SAF, special division tools used on the attitude-control 
gas system and on the propulsion system were also 
checked. This was, approximately, an additional 500 tools. 
During the initial survey, it was found that approxi- 
mately one-third of the tools required demagnetization. 
Fig. 1 1 1. Demagnetization and mapping 
fixture used at JPL 
No particular tool was found to be more susceptible; 
however, of the tools that were magnetic, the long thin 
tools had the higher fields. Although it had been ex- 
pected that the tools would generally perm in the long 
axis, many wrenches were found with the field across 
the open jaws, and sockets were permed across the .I 
diameter of the socket. 
2. Subsystem level testing and demagnetization. The 
major magnetic control effort on the Mariner Venus 67 - 
spacecraft was on the subsystem level. As a result of 
tests on the Mariner Mars 1964 PTM spacecraft, it was 
believed that the most effective demagnetization could 
be accomplished on the assembly and subassembly level, 
where the ambient field could be more effectively re- 
duced. As a consequence, procedures were established 
for demagnetizing the spacecraft hardware and deter- 
mining the effectiveness of the demagnetization. 
A facility was erected at JPL for accomplishing the 
required mapping, magnetization, and demagnetization, 
as shown in Fig. 111. A similar, but smaller, facility, ca- 
pable of FA demagnetization, only, was erected at 
AFETR, Cape Kennedy, as shown in Fig. 112. 
Fig. 112. Magnetic mapping and demagnetization 
facility at AFETR 
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The demagnetization and subsequent mapping of 
flight hardware was performed to erase the residual 
magnetization acquired by the hardware during vibra- 
tion testing and to verify that the demagnetization was 
effective by comparing these results and the TA map- 
ping results, following a similar demagnetization. It was 
also believed that the demagnetized state of the hard- 
ware would be more stable than the partially magne- 
tized state acquired due to the vibration testing. - 
Flight hardware testing and demagnetization accom- 
plished as part of the final disassembly and inspection 
of the spacecraft were performed in accordance with the 
JPL procedure. As a means of comparing the values ob- 
tained in each of the mappings -of flight hardware, 
Table 57 has been prepared to show the maximum radial 
magnetic field component at a standard distance of 3 ft 
(this was the distance at which all Mariner C hardware 
magnetic fields were determined), and the three compo- 
nents of the magnetic field at the relative position of the 
science magnetometer. 
a. M67-1 subsystem testing. The M67-1 assemblies and 
subassemblies were demagnetized to reduce and sta- 
bilize the residual magnetic field. They were mapped to 
verify the effectiveness of the demagnetization and 
to provide a reference value for possible future requali- 
fication or redemagnetization. 
Requirements vs tests. All items of spacecraft hard- 
ware were demagnetized in accordance with the JPL 
procedure, with the exception of items that were ob- 
viously nonmagnetic; they are identified in Table 58. 
Solar panels were individually mapped and found not 
to require demagnetization. The Canopus sensor, which 
suffered an alignment error of YZ deg when demagne- 
tized, was granted a waiver on the demagnetization 
requirement. 
Results. Table 58 gives the results of the magnetic 
mapping and subsequent remapping of M67-1 hardware. 
The folIowing items of hardware were checked for a 
magnetic field by passing them within a few inches of 
the magnetometer sensor and were found to be non- 
magnetic: 
(1) Solar panel pyro harnesses, 9W38, SNs V113, V114, 
(2) Low-gain antenna dampers, SN ClOl 
(3) Solar panel cruise dampers, SNs C119, 6121, C122 
V U ,  llV6 
(4) Cable harness, 9W6, SN VlOl 
(5) Cable harness, 9W3, SN VlOl 
(6) Cable, 2W46, SN 01 
b. M67-2 subsystem testing. Work was accomplished 
to demagnetize the assemblies and subassemblies, to re- 
duce and stabilize the residual magnetic field, to v e r e  
the effectiveness of the demagnetization based on similar 
earlier results on M67-1 hardware and, after initial de- 
magnetization, to maintain integrity of the magnetic 
quality. 
Requirements vs tests. All items of flight hardware 
were demagnetized in accordance with the JPL proce- 
dure, and subsequent control was maintained. A waiver 
on demagnetization was granted the Canopus sensor be- 
cause demagnetization caused alignment errors. 
Results. The results of the magnetic mapping of 
M67-2 flight hardware are shown in Table 59. The fol- 
lowing items were checked by passing them within a 
few inches of the magnetometer sensor and found to be 
nonmagnetic. 
Solar panel pyro harnesses, 9W38, SNs V117, V118, 
v119, v120 
Solar panel cruise dampers, SNs C115, 6118 
Low-gain antenna dampers, SNs C103, C111, re- 
spectively 
DFR UHF antenna, 15E3, SN5 
Coaxial cable, 2W46, SN 02 
In demagnetizing the 2W2, 2W45, and 2W47 cables 
with a tape demagnetizer in the earth's field, it was 
found that they became more magnetic. It was impos- 
sible to demagnetize them in the earth's field. When 
they were demagnetized with the tape demagnetizer in 
the earth's field bucking coil system, they readily de- 
magnetized. 
c. Solar panel perm. fields. 
Requirements os tests. Tests on the flight solar panels 
were conducted in accordance with the JPL procedure 
to ensure that the residual perm field of the flight solar 
panels are less than 1 7 at the flight magnetometer 
sensor. Because of the low residual fieId in all of the 
flight solar panels, it was unnecessary to demagnetize 
the panels. 
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table 57. Comparison of assembly and subassembly mapping results 
Bay I Power 
8A1/2 Pyro control 
8A1/2 Pyro control 
Bay II PIPS 
Bay 111 subassemblies 
2OA1-9 DAS 
32A4 
34A2 UV photometer 
35A1/2 DFR 
DFR filters 
Bay IV data encoder 
and command 
Bay V radio 
Radio tape 
Bay VI transponder 
Bay VI1 CC&S 
7A2 gyro 
Bay VIll (4A8) power 
regulator 
4A14 battery 
7CS8 Canopus sensor 
25A1 TRD 
, 
1 32A1 Plasma probe 
~ 34A1 UV photometer 
~ Spacecraft bus with gas 
system 
~ louver Bay I ' Bay 111 
Bay V 
Bay VI 
Bay VI1 
, 
I 
I 
I 
, Bay Vlll 
Hardware 
nomenclature 
178 
M 6 F l  mapping results (2/13/67), y 
laximun 
radial 
field 
Q 3ff  
15.8 
11.5 
10.7 
21.4 
1.2 
0.9 
0.2 
0.4 
0.3 
1.1 
0.3 
0.5 
4.9 
16.0 
4.0 
16.2 
14.5 
78.9 
1.1 
3.0 
0 
23.7 
0.4 
0.3 
0.5 
- 
0.3 
0.5 
0.6 
0.4 
0.1 
0.3 - 
Field at magnetometer sensor 
Bo 
-0.72 
- 0.72 
1.01 
- 0.98 
-0.01 
-0.08 
0 
-0.01 
-0.01 
- 0.04 
0.01 
0.01 
0.67 
1.43 
0.47 
- 1.76 
-0.96 
- 0.05 
- 0.03 
0.22 
0 
0.96 
0.03 
- 0.02 
0 
-0.23 
0 
0.04 
0.04 
-0.05 
0.01 
-0.02  
BI 
-0.54 
0 
0.18 
-0.98 
- 0.05 
0.0 1 
-0.01 
- 0.02 
-0.01 
- 0.06 
- 0.03 
0.03 
- 0.04 
0.33 
0.09 - 0.70 
0.69 
9.71 
0.08 
-0.10 
0 
-2.15 
- 0.03 
-0.01 
- 0.06 
0.56 
0.01 
-0.01 
0.07 
0 
0.01 
- 0.01 
B I  
- 0.33 
- 0.48 
0.09 
1.48 
0.07 
0.01 
0.01 
0.02 
0.03 
0.08 
0.01 
0.01 
- 0.09 
-0.58 
0.05 
- 0.40 
0.76 
2.57 
0.06 
0.19 
0 
-2.71 
0.04 
0.0 1 
0.03 
1.16 
0.01 
0.02 
0 
-0.01 
0.01 
0.02 - 
M67-1 mapping results (4/3/67), y 
Aaximun 
radial 
field 
8 3 f f  
16.2 
28.8 
4.3 
15.1 
19.6 
14.6 
85.8 
0.8 
21.0 
- 
Field at magnetometer sensoi 
B. 
-0.91 
- 1.65 
-0.19 
1.44 
- 2.23 
-1.18 
0.84 
- 0.05 
1.52 
B Y  
- 0.42 
-0.95 
0.09 
0.04 
- 0.99 
0.64 
10.50 
- 0.06 
- 2.38 
- 
8. 
- 0.3 1 
1.97 
0.20 
- 0.43 
0.02 
0.68 
2.78 
0.0 1 
-2.31 
- 
kximur 
radial 
field 
8 3 h  
14.4 
10.4 
10.9 
18.2 
0.6 
1.4 
0.3 
0.4 
0.1 
0.6 
0.6 
0.4 
0.4 
1 .o 
11.7 
24.3 
22.0 
86.4 
0.9 
3.8 
0 
14.3 
0.3 
0 
0.3 
- 
0.4 
0.5 
0.5 
0.4 
0.2 
0.3 - 
M67-2 mapping results (4/12/67), y 
Field at magnetometer sons01 
B. 
-0.86 
- 1.07 
0.28 
-0.88 
0.0 1 
0.04 
0 
0 
0 
-0.02 
0.04 
- 0.03 
0.01 
0.1 1 
1.29 
-2.84 
0.56 
1.50 
-0.05 
0.22 
0 
1.58 
0.04 
0 
0 
0.38 
0 
0.01 
0.02 
0.0 1 
- 0.02 
0.01 
BY 
- 0.44 
0.09 
0.34 
- 1.63 
0.02 
- 0.08 
0.02 
0.03 
0 
0.06 
- 0.06 
0.01 
-0.01 
- 0.07 
0.42 
-1.69 
-2.41 
10.41 
0.04 
- 0.33 
0 
- 1.59 
0 
0 
0.02 
0.13 
0.01 
-0.01 
0.03 
- 0.02 
-0.01 
0.02 - 
B I  
- 0.22 
- 0.07 
0.59 
0.28 
0.02 
0.07 
-0.01 
- 0.01 
0 
0.03 
0.03 
0.02 
-0.01 
0.03 
- 0.08 
-0.54 
0.66 
2.93 
0.04 
-0.16 
0 
- 1.44 
0.02 
0 
0.01 
3.63 
0.02 
0.03 
0.03 
- 0.02 
-0.01 
0.02 - 
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Table 5%. M67-1 assembly and subassembly mappings 
Hardware 
Bay I, 4All-4A18 
8A1/2, Pyro control 
Bay I I ,  PIPS 
Bay 111 
2OA1-9 DAS 
32A2 plasma probe electronics 
32A3 plasma probe electronics 
32A4 plasma probe electronics 
33A2 magnetometer electronics 
33A3 magnetometer electronics 
34A2 UV photometer electronics 
35A1 and 2 DFR 
DFR low-pass filter 
DFR high-pass filter 
Bay IV, data encoder and command 
Bay V, radio and tape recorder 
Bay V, radio system only 
Bay VI, transponder 
Bay VII, CC&S 
Serial No. 
V16 
V16' 
V16b 
1009 
1010 
MC-006 
MC-006' 
MC-0OSb 
a 
071 
5 
5 
6 
0 
1 
4 
2 
2' 
2c 
A165-1 
A2514 
201 /V5/V6 
201 /VS/V6' 
sys 7/8' 
v7/v5d 
sys 7= 
sys 7.. e 
Sys 7/Bb 
006/004/00S 
006/004/005* 
M)6/004/005b 
Maximum radial 
field at  3 ft, y 
15.8 
16.2 
16.2 
11.5 
10.7 
21.4 
27.0 
28.8 
4.3 
1.2 
0.9 
0.2 
0.4 
0.3 
1.1 
0.3 
0.5 
0.5 
0.5 
4.9 
0.3 
16.0 
15.1 
36.2 
19.6 
4.0 
14.5 
14.6 
78.9 
83.4 
85.8 
Component of magnetic field ai spacecraft 
science magnetometer, y 
X 
- 0.72 
-0.86 
-0.91 
-0.72 
1.01 
- 0.98 
-1.36 
- 1.65 
-0.19 
- 0.0 1 
-0.08 
0 - 0.01 
-0.01 
- 0.04 
0.01 
0 
0.01 
0 
0.67 
0.02 
1.43 
1.44 
- 4.55 
-2.23 
0.47 
-0.96 
-1.18 
- 0.05 
1.49 
0.84 
aRemapped approximately 7 wk after initial deperm and mapping due to change in mapped field of spacecraft. 
bRedemagnetized and remapped due to excessive change in field os a result of rework of hordware. 
CHardware remapped at AFETR due to rework. 
*Initial mapping and demagnetization of Bay V did not include tape recorder subsystem. 
eMopping displays multipole characteristic. 
Y 
- 0.54 
-0.54 
-0.42 
0 
0.18 
- 0.98 
-1.47 
- 0.95 
0.09 
- 0.05 
0.0 1 
-0.01 
- 0.02 
-0.01 
- 0.06 
- 0.03 
- 0.03 
- 0.03 
- 0.03 
- 0.04 
- 0.03 
0.33 
0.04 
-0.43 
- 0.99 
0.09 
0.69 
0.64 
9.71 
9.56 
10.50 
2 
- 0.33 - 0.30 
-0.31 
- 0.48 
0.09 
1 A8 
1 .E2 
1.97 
0.20 
0.07 
0.01 
0.01 
0.02 
0.03 
0.08 
0.01 
-0.01 
- 0.01 
-0.01 
- 0.09 
0.01 
- 0.58 - 0.43 
- 0.73 
0.02 
0.05 
0.76 
0.68 
2.57 
2.94 
2.78 
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Table 58 (contd) 
Hardware 
Bay VIII, 4AB power 
7CS8 Canopus sensor 
7LS8 planet sensor 
25A1 TRD 
32A1 plasma probe 
34A1 UV photometer 
33A1 magnetometer sensor 
Bay I louver 
Bay 111 louver 
Bay V louver 
Bay VI louver 
Bay VI1 louver 
Bay V l l l  louver 
Serial No. 
013 
01 7 
017' 
017b 
06 
17 
001 
OOIC 
107'f ' 
107'. * 
107' 
002 
002e 
MC-1 
MC-1 
MC-1 
438 
MC-4' 
MC-Pp e 
O K  
17 
17" 
18 
18' 
19 
19" 
38 
20" 
20 
2O8 
21 
21n 
21b 
106 
Maximum radial 
field at  3 ft, y 
1.1 
0.8 
3.3 
0.3 
3.0 
0 
23.7 
18.8 
21.0 
19.8 
20.3 
0.0 
0.0 
0.4 
0.3 
0.4 
0.3 
0.5 
0.4 
0.0 
0.3 
0.2 
0.5 
0.9 
0.6 
0.6 
0.4 
0.9 
0.1 
0.5 
0.3 
2.9 
0.7 
0.2 
Component of magnetic field at spacecraft 
science magnetometer, y 
X 
-0.03 
-0.05 
- 0.2 1 
-0.01 
0.22 
0 
0.96 
1.01 
1.52 
1.55 
1.59 
0 
0 
0.03 
0 
0 
-0.02 
0 
0.01 
0 
0 
- 0.02 
0.04 
0.06 
0.04 
0.06 
- 0.05 
-0.10 
0.01 
0.01 
- 0.02 
-0.23 
0.04 
- 0.01 8M1 separation-initiated timer 
eHordware remapped at AFETR due ta rework. 
%itial mapping and demagnetization of Bay V did not include tape recorder subsystem. 
eMapping displays multipole characteristic. 
'Mapped only; granted waiver an demagnetization. 
gMagnetometer sensor demagnetized prior to calibration to eliminate offset in reading. 
Y 
0.08 
- 0.06 
0.26 
-0.01 
-0.10 
0 
-2.15 
-1.95 
-2.38 
-2.19 
-2.24 
0 
0 
-0.03 
-0.04 
-0.05 
-0.01 
-0.06 
- 0.05 
0 
0.01 
0 
-0.01 
-0.01 
0.07 
0.01 
0 
0.01 
0.02 
0.05 
-0.01 
0.16 
-0.01 
0 
z 
0.06 
0.01 
0.09 
0.02 
-0.19 
0 
-2.71 
-2.13 
-2.31 
-2.19 
- 2.24 
0 
0 
0.04 
0.03 
0.04 
0.01 
0.03 
0.02 
0 
0.01 
0.01 
0.02 
0.03 
0 
0.04 
-0.01 
0.02 
0.01 
-0.01 
0.02 
0 
0.02 
0 
JPL TECHNICAL REPORT 32-1 249 
Table 58 (contd) 
Hardware 
8AS1 pyra arm switch 
Temp control reference bay I 
Temp control reference bay V 
Temp control reference bay VI1 
Coax cable 2W2 
Coax cable 2W45 
Tip (boast) damper 
Tip damper 
Tip damper 
Tip damper 
Tip damper 
Tip damper 
Tip damper 
Tip damper 
15E2F1 DFR antenna 
Metal end 
Insulated 
15E2F3 DFR antenna 
Metal end 
Insulated 
Serial No. 
110 
15 
17 
19 
C-lllh 
C-lll* 
c-1 1 2h 
c-1128 
C-1 13h 
c-113. 
C-114" 
C-114' 
C-llSh 
C-115' 
C-1 16h 
C-116' 
C-1 17h 
C-l17% 
c-llapl 
C-118' 
i 
Moximum radial 
field at 3 ft, y 
0.0 
0.1 
0.1 
0.1 
0.2 
0.3 
0.3 
0.2 
0.3 
0.3 
0.3 
0.2 
0.1 
0.1 
0.3 
0.3 
0.3 
0.3 
0.3 
0.4 
0.7 
0.7 
0.2 
0.0 
0.0 
0.0 
Component o f  magnetic f ield at spacecraft 
science magnetometer, y 
X 
0 
0 
0 
0 
-0.02 
- 0.08 
0 
0 
0 
0 
0.01 
0.01 
0 
0 
0 
0 
0.01 
0.01 
0.01 
0.01 
- 0.02 
-0.01 
0 
0 
0 
0 
-0.23 
Y 
Spacecraft structure with sun and earth 
sensors 
h%lar-panel-tip dampers may not necessarily be installed in position for which computations are made. These values should be considered typical only. 
'Spacecraft structure includes two A/C gas systems, sun gate and sensors, earth sensor, terminator sensor, upper and lower ring harnesses, accel- 
erometer, and high-gain antenna. Structure demagnetized in X and Y axes, only, and mapped in earth's field. 
0 
0 
0 
0 
- 0.02 
- 0.08 
0 
0 
-0.01 
-0.01 
0 
0 
0 
0 
-0.01 
-0.01 
0.01 
0.01 
0 
0.01 
0.02 
0.02 
0 
0 
0 
0 
0.56 
Z 
0 
0 
0 
0 
0 
-0.01 
0.01 
0 
0 
0 
0 
0 
0 
0 
0 
0 
0 
0 
0.01 
0.01 
0.02 
0.01 
0.01 
0 
0 
0 
1.16 
181 
Table 59. M67-2 assembly and subassembly mappings 
Serial No. 
V17 
V17' 
1013 
1013' 
1014 
1014" 
M67-2 
M67-2" 
M67-2b 
e 
072 
6 
6 
7 
5 
Sd 
sb 
2 
2a 
Zd 
MC2 
MC2d 
MC2b 
3 
A165-5 
A2513 
V401/8' 
Sys 8' 
Sys 8e 
Sys Be 
Sys 8 
Sys 8d 
Maximum radial 
field at  3 ft, y 
14.5 
14.4 
10.6 
10.4 
10.7 
10.9 
25.9 
19.6 
18.2 
0.6 
1.4 
0.3 
0.4 
0.1 
0.6 
0.7 
0.6 
0.6 
0.6 
0.6 
0.4 
0.4 
0.3 
0.4 
1 .o 
0.2 
11.7 
24.3 
21.4 
19.3 
22.0 
25.4 
Component of magnetic field at  spacecraft 
science magnetometer, 
Hardware 
Bay I, 4A11-4A18 
8A1/2, pyro control 
Bay I I ,  PIP3 
Bay 111 
20Al-9 DAS 
32A2 plasma probe electronics 
32A3 plasma probe electronics 
32A4 plasma probe electronics 
33A2 magnetometer electronics 
33A3 magnetometer electronics 
34A2 UV photometer electronics 
35A182 DFR 
DFR low-pass filter 
DFR high-pass filter 
Bay IV, data encoder and command 
Bay V, radio and tape recorder 
Bay VI, transponder 
aRemapped due to rewark on hardware. 
"Redemagnetized due to variance of field following rework. 
CMapping indicates multipole field. 
dRemapped at AFETR due to rework on hardware. 
e2TR1 T-R unit not installed for th is  mapping. 
X 
- 0.84 
-0.86 
-1.16 
- 1.07 
0.40 
0.20 
-0.86 
- 0.27 
-0.88 
0.01 
0.04 
0 
0 
0 
- 0.02 
-0.05 
-0.02 
0.04 
0.04 
0.03 
- 0.03 - 0.03 
- 0.02 
0.01 
0.1 1 
- 0.02 
1.29 
-2.84 
-2.63 
-2.28 
0.56 
1.17 
Y 
- 0.55 
- 0.44 
-0.08 
0.09 
0.17 
0.34 
- 2.47 
-2.08 
- 1.63 
0.02 
- 0.08 
0.02 
0.03 
0 
0.06 
0.08 
0.07 
- 0.05 
- 0.06 
- 0.05 
0.01 
0.01 
0 
- 0.01 
- 0.07 
0 
0.42 
- 1.69 
- 1.29 
- 1.38 
-2.41 
-2.48 
Z 
-0.20 
-0.22 
- 0.03 
- 0.07 
0.55 
0.59 
1.26 
0.43 
0.28 
0.02 
0.07 
-0.01 
-0.01 
0 
- 0.04 
- 0.03 
- 0.04 
0.03 
0.03 
0.04 
0.02 
0.03 
0.02 
-0.01 
0.03 
0.01 
- 0.08 
-0.54 
- 0.42 
- 0.25 
0.66 
0.91 
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Table 59 (contd) 
Hardware 
Bay VII, CCBS 
7A2 gyro 
Bay VIII, 4A8 power 
4A14 battery 
7CS8 Canopus sensor 
7LS8 planet sensor 
25A1 TRD 
32A1 plasma probe 
34A1 UV photometer 
33A1 magnetometer sensor 
Bay I louver 
Bay 111 louver 
Bay V louver 
Bay VI louver 
Bay VI1 louver 
Bay Vlll louver 
EM1 separation-initiated timer 
8AS1 pyro arm switch 
Serial No. 
r 
8 
016 
016' 
01 Sb 
03 
20 
106 
1 OSd 
003 
003' 
MC5 
MCSd 
408 
2= 
2' 
1 
1' 
34' 
34 
36 
36' 
39 
39d 
35 
35' 
32 
32' 
33 
33' 
C-107 
c-111 
Moximum radial 
field at 3 ft, y 
209.5 
864 
80.0 
0.9 
2.0 
0.4 
3.8 
0.0 
14.3 
17.9 
0.1 
0.0 
0.3 
0.1 
0.0 
0.3 
0.3 
0.0 
0.0 
0.4 
0.5 
0.5 
0.4 
0.5 
0.4 
0.4 
0.5 
0.2 
0.4 
0.3 
0.7 
0.0 
0.0 
Component of magnetic field at spacecraft 
X 
-1.40 
1.50 
- 0.23 
- 0.05 
-0.12 - 0.02 
0.22 
0 
1.58 
0.56 
0.01 
0.0 1 
0.04 
0.01 
0 
0 
- 0.01 
0 
0 
0 - 0.02 
0.01 
- 0.04 
0.02 
0.04 
0.01 
- A04 
- 0.02 
0 
0.01 
0 
0 
0 
science magnetometer, 
Y 
25.49 
10.41 
9.70 
0.04 
0.12 
0.02 
- 0.33 
0 
- 1.59 
- 1.52 
0.01 
0 
0 
0.01 
0 
0.02 
0.01 
0 
0 
0.01 
0.02 
-0.01 
0.02 
0.03 
0 
- 0.02 
- 0.04 
-0.01 
- 0.03 
0.02 
0.02 
0 
0 
Z 
8.41 
2.93 
2.88 
0.04 
0.09 
0.02 
-0.16 
0 
- 1.44 
-2.04 
0 
0 
0.02 
0 
0 
0.01 
0.02 
0 
0 
0.02 
0.03 
0.03 
-0.01 
0.03 
0.01 
- 0.02 
- 0.03 
-0.01 
- 0.02 
0.02 
0.04 
0 
0 
bRedemagnetized due to variance of field following rework. 
CMapping indiwter multipole field. 
dRemapped a t  AFETR due to rework on hardware. 
e2TR1 1-R unit not installed for this mapping. 
'Mapped a s  initially received and before demagnetization. 
SM67-1 CC&S installed with M67-2 A/C electronics 7A1. 
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Table 59 (contd) 
Hardware 
Metal end 
Insulated 
15E2F3 DFR Antenna 
Metal End 
Insulated 
Tip (boost) damper 
Tip damper 
Tip damper C121' 0.3 -0.01 0 0 
Tip damper C122' 0.2 0 0 0 
Tip damper C123' 0.1 0 0 0 
Tip damper C124' 0.2 0 0 0 
Tip damper C125' 0.4 0.01 0 0.01 
Tip damper C126' 0.6 0.01 -0.01 0 
2E1 highgain antenna 10 0.0 0 0 0 
Temp control reference-Bay V 17 0.1 0 0 0 
Temp control reference-Bay VI1 19 0.1 0 0 0 
Temp control reference-Bay I 20 0.2 0 0 0 
I Spacecraft structure - 0.30 0.13 3.63 
2W2 coax cable 02 0.2 
2W45 coax cable 03 0.1 
2W47 coax cable 02 0.0 
I 
'Tip dampers may not necessarily be insk l led  in position for which wmputations ore made. 
'Spacecraft structure includes two A/C gas systems, sun gate and sensors, earth sensor, terminator sensor, upper and lower ring harnesses and accelerome- 
ter. Structure demagnetized in X and Y axes, only, and mapped in earth's field. 
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Results. On March 9, 1967, two spare flight solar 
panels, SNs 003 and 004, were magnetically mapped and 
found not to require subsequent demagnetization due to 
their low field. The remaining flight solar panels, 
SNs 005 through 008, were mapped OQ March 24, 1967, 
with similar results. In the case of the latter four panels, 
each panel was mapped three times in its assigned 
spacecraft position and once in the symmetrically lo- 
cated position. These four sets of readings were aver- 
aged - necessary because of the extremely low readings 
obtained - to obtain the results given in Table 60. The 
values in the table are estimated to be accurate to 
about 0.3 y. 
SN 008,4A3 
Total field, SNs 005 through 
008 
d.  Solar panel current-loop fields. The objective of the 
solar panel current-loop tests was to determine the stray 
-0.1 0 0 
- 0.2 0.2 0.2 
Fig. 113. Solar panel current loop testing 
field caused by the flow of a known current in the panel. 
Because of the possibility that a portion of the panel may 
be damaged, it was also desirable to know the field 
caused by each of the three individually connected elec- 
trical sections of the panel. 
A spare flight solar panel SN 003 (shown in Fig. 113), 
was tested on March 24, 1967, to determine the stray 
magnetic fields at the spacecraft magnetometer sensor 
position as a result of current flow in the panel. The 
panel was separated into three similar electrical sections 
across the width of the panel with each section having a 
clockwise current flow as viewed from the cell side of 
Table 61. Solar panel current-loop fields 
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the panel. The field of each section, as well as the field 
of the whole panel, was determined for a panel in 
each of the four possible positions on the spacecraft. 
The values for each panel for each of the four space- 
craft solar panel positions are shown in Table 61. With 
the + X  and +Y panels and, also, the - X  and -Y 
panels being symmetrically located about the sensor, the 
positive axes panels should have similar values with 
the X and Y components interchanged. The negative 
axes panels will likewise have similar values. These 
values have been averaged and extrapolated to provide 
the information in Table 62. 
SN 003 
X Y 
Table 62. Solar panel current-loop tests 
2 
Stray field component at spacecraft 
magnetometer location, y I Test condition solar panel I 
Panel in -X  position, 1.8 A 
Four panels on spacecraft 
cruise load 228 W 
5.2 -0.1 - 1.7 
1.5 1.3 - 3.4 
I Panel in +X position, 1.8 A I -3.1 I 0 I -0.7 I 
I I I I I I 
VI. Evaluation of Test Requirements 
In this section, the environmental test requirements 
that were used in the Mariner Venus 67 test program are 
evaluated to make a post-program assessment of the ade- 
quacy of the test program. Where possible, ground test 
environments are compared with actual Mariner Venus 67 
flight environments. In addition, spacecraft response in 
the test environment is compared with response in the 
flight environment. 
The total environment is divided into two broad cate- 
gories; dynamics - i.e., shock, vibration, and acoustics - 
and the thermal-vacuum environment. The electromag- 
netic environment is not discussed in this section because 
it has been covered in other sections of this report; in 
addition, it was not possible to measure this aspect of 
the flight environment. 
A. Dynamics 
The significant dynamic environment occurs during 
the spacecraft launch prior to spacecraft separation and 
consists of (1) acoustic-induced vibration at liftoff and the 
transonic period, (2) booster-induced transient vibration 
associated with staging, motor ignition and shutdown, 
etc., and (3) spacecraft pyrotechnic shocks. 
Each of these environments is discussed below and 
compared with some ground test environment. The tests 
that are compared with the flight data are system tests - 
mainly, the M67-2 system tests. This is the only level at 
which meaningful direct comparisons of data can be 
made. When possible, flight measurements of the dy- 
namic environment (two accelerometers) are compared 
directly with the identical measurements during ground 
test. 
- 
Detailed results of the flight measurements are re- 
ported in Ref. 3 and detailed results of the ground vibra- 
tion tests are reported in two Project documents. In 
addition, the results of ground tests of pyrotechnics and 
the V-band are reported in Ref. 4. 
1. Random uibration. The random vibration test is 
intended to simulate, at somewhat higher levels, the 
high-frequency random vibration that occurs at liftoff 
and, also, the transonic portion of flight. The test levels 
for Mariner Venus 67 were based on data collected on 
the Mariner IZZ and N launches. These test levels, shown 
in Fig. 114, are the values to which the system test was 
controlled. The control scheme is described below. Dur- 
ing these system tests, measurements of acceleration re- 
sponse were made at several locations, including the 
flight measurement positions B3 and F4, also described 
below. The comparisons that follow are direct compari- 
sons of these two transducers during the M67-2 ground 
test and launch. With only two flight measurements, a 
minimum definition of the flight vibration is available; 
however, a qualitative evaluation of the test require- 
ments is made below, which shows the requirements for 
random vibration tests were generally adequate. 
- 
= 
a. Ground test configuration and control. Ground 
tests were performed with the Mariner Venus 67 space- 
craft mounted on an Agena adapter which, in turn, was 
mounted on a vibration fixture. The vibration level at 
the fixtureadapter interface was controlled by monitor- 
ing six accelerometers, placed around the circumference 
of the attach plane, and measuring in the direction of 
applied excitation. The parameter controlled was the 
average power spectrum level in 25-Hz bands. 
b. Flight measurements. Two piezoelectric accelerom- 
eters were used to monitor the flight vibration environ- 
ment. One was located in the Agenu-spacecraft adapter, 
with its sensitive axis in the thrust (2 axis) direction. The 
second was located at the top of the spacecraft bus on 
the foot B corner and also monitored 2 axis vibration. 
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-10 
Location 
Adapter 
Top of bus 
-20 
N s 
- h  
- -30 
LL 
W a 
m 
- 0  
-40 
Telemetry Nominal information 
'Ode channel Na. bandwidth", HZ 
F4 18 3000 
83 17 2100 
- 50 I I I 
100 550 1000 2000 
FREQUENCY, Hz 
Fig. 1 14. Random-vibration test specification 
Nomenclature and channel assignment were as shown 
in Table 63. 
e. Comparison of flight and ground test results. The 
comparison made below is based on the response vibra- 
tion at the B3 and F4 measurement positions during 
ground test and flight. Ground tests were conducted in 
three orthogonal axes to identical test levels. However, 
during each test, the spacecraft response is generally 
omnidirectional at any point. The criteria for considering 
test adequacy in the following comparisons will be the 
maximum response of the two flight transducers for all 
three shake axes. This maximum response is compared, 
for each transducer, to what was observed in flight in 
Figs. 115 and 116. 
9 
It is observed that the transonic event generally causes 
slightly higher vibration levels than does the liftoff 
acoustic environment. Also, the maximum ground test 
response of each of the flight transducers is seen to be 
approximately 10 dB higher than any flight vibration. 
Exceptions to this occur at a few rather narrow fre- 
quency bands and at low frequencies ( f  < 100 Hz) 
where the random test input was very low. 
Table 63. Flight vibration instrumentation 
0 
-10 
N 
5 
h - 
LL -20 
8 
w a 
-30 
-40 
IO 20 50 100 200 500 1000 2000 
FREQUENCY, Hz 
Fig. 115. Comparison of random vibration at F4 
for ground test and flight 
-10 
- 20 
N s- 
h 
LL -30 
w 
LT 
TI 
- 
m 
-40 
-50 
10 20 50 100 200 500 1000 2000 
FREQUENCY, Hz 
Fig. 116. Comparison of random vibration at 83 
for ground test and flight 
Although a limited amount of data is available for 
definition of the spacecraft vibration, and although sig- 
nificant boundary condition differences exist between 
ground test and flight, it is concluded that the random 
vibration test created a vibration response of the space- 
craft that was greater than that which existed during 
launch-either for liftoff or transonic periods. It is also 
concluded that within the ranges of uncertainty that 
exist for environmental definition, ground test simula- 
tion, and test control, the margin by which ground test 
exceeds flight was not overly conservative. 
2. Sine vibration. The sinusoidal vibration test on the 
Mariner Venus 67 spacecraft consisted of a 1-g rms sine 
swept between 20 and 200 Hz at 0.5 octave/min. This 
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c 
test served primarily to excite structural modes and to 
provide confidence in the structural integrity of the 
spacecraft. It was noted, previously, that some low- 
frequency energy was observed at liftoff and transonic 
tirnes that was not covered by the random vibration test. 
In addition, various flight transient vibrations occurred 
curves representing the ground test in Figs. 117 and 118 
were obtained by multiplying the sinusoidal response at 
B3 and F4 by 20 (the assumed Q value of the shock 
spectrum). The flight data are the maximum envelopes 
of the shock spectra from all transient events as ob- 
served at these same measurement points. - 
that contained such low-frequency energy. However, 
there is no sine or sweeping sine in the flight vibration 
environment. 
For purposes of comparison, the transient flight events 
will be compared to the sweeping sine ground tests by 
overlaying the maximum shock spectra of the data mea- 
sured at each flight transducer in the flight and ground 
tests. These data are shown in Figs. 117 and 118. 
Control of the ground test was based on the maximum 
acceleration at six instrumented locations at the shake 
fixture-adapter interface. The test configuration was the 
same as described above for the random vibration. The 
FREQUENCY, Hz 
Fig. 1 17. Shock-spectrum comparison of ground sine 
vibration and flight transient vibration at  M 
GROUND )- TEST I 
I I I 
I 
0 40 ao 120 160 200 
FREQUENCY, Hz 
Fig. 1 18. Shock-spectrum comparison of ground sine 
vibration and flight transient vibration at B3 
Surprisingly good agreement is shown between the 
ground and flight results. This should not be interpreted 
as indicating that the ground test was a good simulation 
of the flight transient environment; however, to the ex- 
tent that it is meaningful to compare sweeping sine and 
transient vibrations, it is concluded that the level of the 
ground test was at least the correct magnitude. 
- 
3. Shock. The shock environment discussed in this 
section is that which results from release of the V-band 
and the actuation of pyrotechnic devices. The ground 
test program consisted of exercising the following 
events on the respective spacecraft. 
M67-1 M67-2 
1. V-band 1. V-band 
2. Shroud separation 
3. Solar-panel deploy 
4. Midcourse on and off 
5. High-gain antenna 
2. Solar-panel deploy 
3. High-gain antenna 
The two events omitted in the M67-2 testing were 
Found, following review of the M67-1 data, to create a 
shock environment that was enveloped by the other 
events for most spacecraft measurements. During these 
ground tests, several measurements (approximately 24 
on M67-1 and 5 on M67-2) of spacecraft response were 
obtained. However, again, only the flight transducers are 
used for comparison. In ground test the most severe 
shock at the B3 location resulted from V-band release. 
At the F4 location, the most severe ground test shock 
was the shroud separation event. 
During flight, several shock events originating in the 
booster created significant shocks at the spacecraft. For 
each of the events monitored in flight, a shock spectrum 
was computed, and the maximum envelope spectrum for 
each transducer was determined. These are compared on 
Figs. 119 and 120 to the maximum envelope of ground 
test results. Fig. 119 shows ground test results from both 
M67-1 and M67-2 tests. This was necessary since the 
shroud separation test was only done on the M67-1 
spacecraft. 
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h 
w 
- 0  z 
0 
cn w 
E 
Y 
a 
3 a 
1000 
100 
IO 
GROUND TEST 
M67-2 
MAXIMUM 
ENVl RON MENT 
20 200 200 
FREQUENCY, Hz 
Fig. 119. Comparison of responses at F4 for 
ground test and flight shock 
It is concluded from Figs. 119 and 120 that the opera- 
tion of pyrotechnic devices and the V-band release gen- 
erally produce a realistic test for the spacecraft at high 
frequencies. However, no margin over the expected en- 
vironment is achieved as it is in random vibration test- 
ing. It is noted that, at low frequencies, the flight 
environment is higher than the ground environment dur- 
ing these tests. One explanation is that the low-frequency 
response is suppressed in ground test by the manner in 
which the spacecraft adapter was restrained. The ground 
test configuration was somewhat more rigid than the 
flight configuration. It is also noted that the low frequen- 
cies are additionally excited by the sweeping sine test. 
4. Acoustics. During the Mariner Venus 67 liftoff, the 
acoustic field was monitored with microphones on 
the umbilical tower boom. Fig. 121 shows the measured 
sound pressure level compared with the acoustic spec- 
trum used for the ground test on the structurral test 
model (STM). It should be noted that the measured data 
represents the external acoustic field approximately 10 ft 
from the adapter skin, while the intent of the STM test 
was to simulate the acoustics internal to the spacecraft 
shroud. 
1000 
100 
J 
v, z 
cn w 
U 
Y 
2 
3 a 
IO 
FREQUENCY, Hz 
Fig. 120. Comparison of responses at B3 for 
ground test and flight shock 
140 
OM AT LIFTOFF 
& 130 n a 
t 
0 x 120 
(u 
LL 
W 
E 
t I I 
SOUND-PRESSURE 
g 110 
LEVEL IN 1/3 
OCTAVE BANDS 
ESTIMATED INTERNAL 
I 
ACOUSTICS AT LIFTOFF 
100 
IO 20 50 100 200 500 1000 2000 500 
FREQUENCY, Hz 
Fig. 121. Comparison of acoustic fields 
at launch and ground test 
The ground test levels were based on acoustic mea- 
surements taken on the Ranger program, internal to the 
shroud. On the basis of an estimated shroud transmis- 
sibility (also based on Ranger data) the predicted inter- 
nal acoustic field for the Mariner Venus 67 vehicle is 
shown with circles on Fig. 121. The ground test is seen 
to envelop with a pad the estimated flight environment. 
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The pad is appropriate, since the STM test was per- 
formed at TA (type approval) levels. 
During this acoustic test the vibration responses at 
the flight measurement positions were monitored. These 
responses are compared with the liftoff vibration in 
Figs. 122 and 123. It is noted that the STM acoustic test 
caused generally higher vibration than occurred at liftoff 
for the bus location but not at the adapter. Of course, 
the acoustic test is most sigdicant for those items which 
are acoustically sensitive (solar panels, antennas, etc.) 
and, consequently, the above comparisons are not the 
- 10 
- 20 
N 
5 
h - -30 
LL 
W cc 
U 
m 
- 40 
-50 
100 200 500 1000 2000 
SPECTRAL DENSITY FREQUENCY, Hz 
Fig. 122. Comparison of vibration responses at 
for liftoff and acoustic test 
F4 
SPECTRAL DENSITY FREQUENCY, Hz 
Fig. 123. Comparison of vibration responses at B3 
for liftoff and acoustic test 
most meaningful. However, it is noteworthy that vibra- 
tion levels can be generated at the top of the bus with 
acoustics that are more severe than vibration levels ob- 
served during launch. 
5. Conclusions and recommendations. It is concluded 
in the preceding sections that the dynamic test levels 
used on the Mariner Venus 67 spacecraft system were 
generally adequate to provide confidence that the space- 
craft was compatible with its environment. To the ex- 
tent that meaningful comparisons can be made between 
ground test and flight, it has been shown that the space- 
craft's response to ground test was equivalent to, or in 
excess of, its flight response. This is generally true for 
both prolonged random vibration and transient vibra- 
tion. However, these statements are intentionally general 
and should not be construed to indicate that all aspects 
of the dynamic testing provided the best possible simu- 
lation of the actual environments. 
- 
- 
One significant weakness in the test program concerns 
ground test simulation of the pyrotechnic environment. 
This is not so much a weakness in the Mariner Venus 67 
program as it is a weakness in the state of the art. The 
problem is that a margin over the expected flight envi- 
ronment was not demonstrated prior to launch. (See 
Figs. 117 and 118.) An environment roughly equivalent 
to the launch environment was generated by ground test 
of the pyrotechnics. However, it is highly desirable to 
generate an environment having a controlled severity 
somewhat in excess of that anticipated. This area requires 
research to define such a test technique or procedure. 
~ 
Another weakness concerns the ground test simulation 
of the transient vibration environment, either low fre- 
quency or high frequency. The sweeping sine vibration 
test exists in present test programs largely because of 
precedent and its use as a diagnostic tool; however, as 
has already been pointed out, no sine or sweeping sine 
vibration occurs in an actual launch environment. Better 
definition of transient vibration can be attained only 
through more extensive flight instrumentation to define 
low-frequency modal response. In addition, test tech- 
niques to simulate the transient vibrations require much 
refinement, both for the low-frequency and high- 
frequency environments. 
References 3 and 4 include additional data on the dy- 
namic environment and dynamic testing program for 
Mariner Venus 67. 
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8. Thermal-'Vacuum 
1. system leuel. 
a. Comparison of systems-level test temperatures with 
actual flight temperatures. Systems-level space-simulator 
thermal-vacuum testing is intended to demonstrate the 
spacecraft's ability to operate under the various thermal 
environmental conditions associated with the various 
flight modes (launch, midcourse maneuver, cruise, en- 
- counter, and postencounter playback). To compare sys- 
tems test temperatures with flight temperatures, it is 
necessary that the representative temperatures used in 
the comparison - i.e., solar irradiance level and space- 
craft mode of operation-occurred as a result of the 
same flight mode. Presented in Table 64 are test and 
flight temperatures obtained during the earth cruise mode 
(minimum temperatures) and the Venus cruise post- 
playback flight mode (maximum temperatures). These 
flight modes represent the coldest and hottest mission 
modes. 
The data in Table 64 show a close correlation between 
test and flight temperatures and indicate that test tem- 
peratures were higher than flight temperatures, on the 
average (e.g., the bus equipment had a 4°F average 
temperature difference at earth cruise, and an 8°F aver- 
- age temperature difference at Venus post playback). 
However, the temperature differences for equipment 
external to the bus vary from 36°F to -21°F. The exact 
causes of these larger temperature discrepancies on ex- 
ternal bus items have not been determined, but testing 
errors due to the facility simulation or spacecraft inter- 
actions are contributing factors. 
A number of error sources exist; and while every effort 
has been made to make these errors small and under- 
stood, still they must be considered in any comparison of 
this sort. A brief discussion of primary error sources is 
given below: 
Louver hysteresis in a I - g  field. This effect is 
small, typically about 1 or 2"F, and is only sig- 
nificant during test. 
Telemetry accuracy. Quoted fight temperature 
telemetry channel accuracy is within 5% of the 
total range (about 7°F). Comparison of telemeby 
and thermocouple data during test indicate much 
better accuracy, however. 
Steady-state considerations. The spacecraft is very 
slow in reaching thermal equilibrium, especially 
when going from cold to hot modes. Thus, if the 
test mode were terminated early, the bus would 
be cooler than the corresponding flight mode. 
(4) Nonflight spacecrafi configuration. Although this 
condition was minimized in the systems tests con- 
sidered, a significant departure from flight config- 
uration existed because of the substitution of 
dummy solar panels and A/C gas system handling 
frames. 
(5)  Cabling effects. The only cables attached to the 
spacecraft during the systems tests considered 
were the upper and lower support cables and 
minimal electrical cabling. The upper support 
cables were estimated to conduct 4 W out of the 
spacecraft at earth intensities and 2 W in at Venus 
intensities. Heat loss from the other cables was 
negligible. 
(6) Chamber heat inputs. One of the test errors con- 
sidered to be of high, although undefined, signifi- 
cance is that error induced by extraneous heat 
inputs to the spacecraft from the test chamber. 
Current estimates indicate about 9 W net input 
to the bus at earth-cruise intensities. 
(7) Solar intensity variations. Except for sunIit assem- 
blies, the spacecraft is insensitive to possible errors 
in solar irradiance. A 10% error in solar intensity 
would amount to <3 W in the bus. 
(8)  Net effect. A tabulation of known test error 
sources with an estimate of their effect on bus 
temperature is given below. The tabulation ap- 
plies only to the earth-cruise, louvers-closed mode 
of test, which is the mode most sensitive to test 
errors. The bias is the calculated offset in bus tem- 
perature due to this effect; the uncertainty is the 
estimated maximum deviation from the test tem- 
perature after correction for the bias. Flight 
temperature is taken as reference; positive values 
in Table 65 indicate that the spacecraft is warmer 
in the chamber than in flight. 
Thus, the worst-case flight deviation from test results 
should be 1234°F cooler. This corresponds to an actual 
worst-case deviation for bus equipment of 16°F cooler 
and an average deviation of 4°F cooler. 
The following conclusions can be made with regard 
to Mariner Venus 67 flight results in comparison with 
systems level testing: 
(1) In general, bus temperatures during test show a 
remarkably good correlation to flight temperatures. 
JPL TECHNICAL REPORT 321249 191 
Table 64. Systems-level test temperatures and actual flight temperatures 
T/M 
chan 
40 1 
42 1 
21 7 
408 
430 
437 
402 
422 
423 
219 
438 
404 
424 
436 
405 
414 
418 
426 
407 
428 
218 
41 0 
419 
434 
435 
439 
43 1 
M67-1 systems 
test te 
Earth cruise 
(min. temp) 
I = 126 
~ 
62 
46 
57 
52 
48 
57 
59 
101 
56 
59 
45 
54 
60 
55 
60 
67 
67 
61 
86 
63 
61 
60 
-184 
-165 
47 
- 12 
- 94 
erature 
Venus cruise 
[post-playback 
mode, max) 
I = 290 
84 
69 
80 
76 
93 
78 
74 
204 
76 
81 
64 
90 
78 
73 
79 
81 
80 
76 
109 
86 
83 
78 
-147 
- 134 
152 
-4 
-60 
M67-2 systems 
test te 
Earth cruise 
(min. temp) 
I = 126 
63 
48 
59 
54 
50 
478 
64 
1 08 
63 
63 
51 
65 
74 
64 
73 
72 
73 
58 
84 
64 
62 
59 
-188 
- 167 
45 
-11 
- 83 
erature 
Venus cruise 
[post-pla ybacl 
mode, max) 
I = 290 
75 
65 
73 
69 
95 
64" 
72 
217 
74 
75 
63 
72 
80 
73 
78 
79 
79 
70 
97 
77 
76 
70 
- 133 
- 136 
158 
- 15 
- 64 
Flight temperatures 
Earth cruise 
pre-midcoursi 
maneuver) 
Item 
Bay I flight location 
Bay I I  flight location 
Midcourse fuel 
Propulsion N, 
Primary sun sensor 
UV photometer 
Bay 111 flight location 
Plasma probe 
Bay IV flight location 
-X /+Y  Nz bottle 
TRD chassis 
Bay V flight location 
Bay V VCO (2RA2) 
Bay V tape (16A1) 
Bay VI flight location 
Bay VI aux. oxillator 1 
Bay VI aux. oscillator 2 
Bay VI1 flight location 
Bay Vl l l  power regulator 
Battery 
+ X / - Y  NS bottle 
Canopus sensor 
Highgain dish 
Upper shield 
lower shield 
Magnetometer preamp end 
Mast a t  magnetometer 
nNew UV calibration curve. 
68 
47 
56 
52 
49 
46 
59 
105 
56 
57 
45 
53 
59 
54 
57 
62 
62 
54 
85 
62 
59 
57 
-197 
- 197 
37 
7 
- 90 
Venus cruise 
post-playback 
mode, max) 
67 
57 
67 
62 
1 05 
61 
69 
222 
70 
69 
59 
68 
76 
69 
75 
74 
75 
60 
85 
65 
66 
61 
-130 
- 170 
1 73 
6 
- 68 
Midcourse 
moneuver 
95 
119 
79 
112 
98 
77 
74 
78 
63 
63 
57 
56 
65 
56 
60 
66 
66 
64 
1 05 
70 
67 
67 
-5 
-186 
- 25 
25 
25 
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Table 65. Error sources and effects on bus temperature 
Bias, O F  
-1  
0 
- %  
0 
-3  
$7 
a 
Error source 
Sticky louvers 
Measurement inaccuracy 
Failure to achieve steady state 
Inaccuracies in solar panel mockups 
Cabling effecis 
Chamber heat inpufs 
Solar intensity 
Uncertainty, O F  
+-1 
-c2 
t %  
+-I 
+-1% 
t 2  
t 2  
Net effect +2% I +-lo 
This is a further indication of the insensitivity of 
the spacecraft bus to solar irradiance errors. 
(2) Continuing investigation of effective heat sink 
temperature in the space simulator, as well as 
other error studies, is needed to improve the cor- 
relation of external bus assembly test temperatures 
and flight temperatures. 
b. Significance of non-space environment for M67-1 
thermal-uacuum test. A space simulator is appropriately 
named-it must not be called a space duplicator. No- 
tably, it is inferior in solar radiation uniformity, collima- 
tion, and spectral distribution. The effect of these 
deficiencies is considered. 
- 
Uniformity of total irradiance. The specified require- 
ment was that, for a 4-cm2 sensor, the uniformity would 
be within -+5% of the mean level for three reference 
pIanes. Figures 124 through 127 present the data taken 
prior to, and after, the M67-1 test. Comparisons are 
made at two reference planes, rather than three, since 
the test plane is very close (approximately 6 in.) to the 
12-ft measurement plane. Figure 124 compares unifor- 
mity mappings in polar coordinates taken before and 
after the test at the 4-ft elevation. Figure 125 compares 
the mappings taken before and after the test at the 12-ft 
elevation. Figures 126 and 127 compare the 12-ft to the 
4-ft mappings taken before and after the test, respec- 
tively. The purpose of the comparisons is to evaluate the 
stability of the distribution of solar energy with respect 
to time and is dependent on the accuracy of the data 
supplied, which is supposed to be 227%. The compari- 
sons also yield information on the variation in a plane 
and with depth. In a plane, the variation of solar energy 
for a 4-cm2 sensor as indicated directly from the data is 
only slightly greater than 576, being 6% at the worst- 
case measurement for the extreme edge and the center 
of the beam (see Fig. 128). 
The stability of the energy distribution with respect 
to time varied to a maximum 4 to 5% for certain areas 
in the planes of measurement (see Fig. 124). The tem- 
poral variation in Fig. 125 was less severe than in 
Fig. 124. NOTE: The greater-than implications in the 
data have been interpreted to imply that the level is 
> ( X )  W/ft2 but less than ( X  + 1) W/ftz. 
The depth change with respect to position is illus- 
trated in Figs. 126 and 127. For example, from Fig. 127 
one observes that the maximum depth percentage differ- 
ence is 2 7  to 8% (94 to 102 W/ft2). 
To summarize the data presented, one can conclude 
that the variation in a plane is less than 5% in most of 
the beam and less than 6% in all of the plane. In depth, 
a percentage difference of 7 to 8% is possible. This 
means that the maximum volumetric percentage differ- 
ence is on the order of 14%. From Fig. 127, one notes 
the difference is as much as 16% at the very edge but 
is 14% for the beam for all practical purposes. 
The significance of these variations is minor for the 
Mariner Venus 67 configuration, since the spacecraft 
presents essentially a plane-intercepting disc (except for 
the trapped radiation detector, plasma probe, sun sen- 
sors, and sun gate), at about the 12-ft elevation (see 
Fig. 128). Variation with depth is not critical for this 
spacecraft, and the uniformity in the 12-ft plane is better 
than &5%. The change of energy distribution with time 
remained within the 6% band and is not significant as 
long as a post- and pretest spacecraft mapping is per- 
formed for evaluation of the effect (spacecraft mapping 
was performed on M67-1). The beam, for all practical 
purposes, met the specification (&5%) in a plane, al- 
though a very small portion of the outside edge of the 
6-ft-diam beam had a variation of about 67%. A waiver 
was not required. 
Angle of incidence. The specified angle of incidence 
for the worst ray to the plane of the spacecraft was 
2 deg. The measured values are presented in Table 66, 
along with two figures that illustrate the measurement 
location/orientation. 
The angles measured were accepted for the Mariner 
Venus 67 testing, and the 2-deg requirement was waived. 
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N PRETEST 
60' 
90' 
Fig. 124. Total irradiance uniformity mapping for 4-ft elevation, thermal-vacuum pretest 
and post-test of M67-1 
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60' 
90 
iza 
Fig. 125. Total irradiance uniformity mapping for 12-ft elevetion, thermal-vacuum pretest 
and post-test of M67-1 
JPL TECHNICAL REPORT 32-1249 
70° 
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Fig. 126. Total irradiance uniformity mapping for 4- and 12-ft elevations, thermal- 
vacuum pretest of M67-1 
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Fig. 127. Total irradiance uniformity mapping for 4- and 124t elevations, thermal- 
vacwwm post-test of M67-1 
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2700 
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Fig. 128. Mariner Venus 67 TCM chamber installation 
4 - 3 f t - 4  
The purpose of the 2-deg requirement was to mini- 
mize the significance of thermal errors - e.g., an L-shaped 
intercepting structure with an a / E  of 1 would experi- 
ence thermal errors of +10"F on the vertical leg and 
-10°F on the horizontal in a 2-deg off angle light 
source. The principal Mariner Venus 67 spacecraft item 
affected by radiation at the angles obtained is consid- 
ered negligible. As a result, the M67-2 specification was 
changed to 3 deg. 
Position 
North 
South 
East 
Spectral irradiance uniformity. The spectral distribu- 
tion was not specified; instead, a maximum variation in 
spectral irradiance of +-2% at each defined location for 
each filter was specified. Tables 67 and 68 reveal the 
data as reduced through several normalizations in terms 
of 100% for each reading. The data, although not of 
high quality, indicates the spectral uniformity is accept- 
able. The data quality is affected by the following two 
factors: 
(1) Measurements in the UV (filters 1, 2 and 3) are 
difficult to make, and the variations indicated are 
believed due to the measurement error, rather 
than spectral non-uniformity. 
(2) Variations at other levels are probably due to the 
fact that the ratio 
Measured angles of incidence, deg 
Pretesl Post-tesf Pretest Past-test 
angle A angle A angle B angle B 
1 057'6'f 1'57'48'' 2'7'42" 2'7'16" 
l"40'11" l"40'44" 2'37'35" 2'36'46" 
1'28'10" 1'31' 2 4'6" 2" 1'1 5" 
M67-1, M67-1, M67-1, M67-1, 
was obtained with an average SJ,d, for each 
twelve-filter scan, rather than an individual SJ,d, 
West 1'49'36" 
Table 66. Measured values for angles of incidence, M67-1 
N 
1'49'3" 1'43'30" 1 '44'6" 
, T A L z ; T O  MEASUREMENT 
I 
I 
SPACECRAFT 
TEST PLANE 
1 
for each filter. Therefore, fluctuations at the time 
of each filter reading would not be discernible. 
I, = spectral radiant intensity 
T,  = spectral transmittance 
The uniformity of spectral irradiance requirement, as 
far as can be determined from the data, was met in the 
M67-1 testing. 
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8 
5 6 
6.097 5.997 
83.5 137.0 
104.5 107.1 
104.5 105.7 
100.8 102.8 
100.8 101.9 
101.0 101.8 
100.7 101.7 
101.4 100.7 
100.7 100.7 
99.5 99.0 
100.9 100.4 
101.8 101.0 
Table 67. Pretest spectral irradiance uniformity measurements for M67-1 thermal-vacuum test 
2 3 
5.803 5.805 
99.4 79.6 
99.4 99.5 
99.4 99.5 
99.5 98.3 
99.4 99.5 
99.4 98.9 
100.0 99.4 
100.5 100.5 
100.7 100.5 
102.8 102.8 
100.7 100.4 
100.3 99.5 
Filter 
No. 
2 
5.916 
135.1 
105.6 
104.3 
100.2 
101.0 
101.0 
100.3 
101.4 
100.5 
99.4 
100.8 
100.6 
Clear 
avg 
1 
2 
3 
5.958 
135.9 
102.0 
102.1 
100.9 
98.6 
101.6 
101.0 
101.1 
100.4 
99.6 
100.9 
100.4 
3 
4 
5 
6 
7 
8 
9 
10 
1 1  
12 
* 
1% transmission 
bandpass, p 
0.240 to 0.300 
0.300 to 0.355 
0.340 to 0.380 
0.376 to 0.425 
0.430 to 0.510 
0.525 to 0.610 
0.610 to 0.720 
0.710 to 0.810 
0.750 to 0.900 
0.800 to 1.OOO 
1.025 to 1.600 
1.500 to 2.200 
Normalized variation in spectral irradiance 
1 
1 
5.889 
201.7 
100.9 
103.7 
100.9 
101.3 
101.4 
100.9 
106.9 
100.4 
98.6 
100.3 
100.9 
The expression 
4-ft elevation 
4 
6.058 
103.8 
99.8 
101.1 
101.4 
100.5 
100.9 
100.6 
100.7 
100.3 
99.7 
lOlA 
101.2 
I 12-h elevation 
5.683 
97.3 
97.4 
97.4 
98.6 
100.2 
99.8 
100.1 
100.0 
100.3 
101.8 
100.4 
99.1 
N 
P’ 
5.722 
97.9 
106.6 
100.8 
99.3 
99.7 
100.0 
99.7 
100.1 
100.8 
101.7 
100.5 
100.7 
i s  reduced from empirical measurements presented in the data package. This 
ratio i s  taken for each filter at each location which then i s  normalized to a 
percentage of the average ratio for that filter. The principal assumption 
made in this analysis i s  that the variation in the clear reading is small. 
This assumption could be avoided if a clear reading were taken with each 
filter reading. 
46 3-ft diam 
RADIOMETER POSITION 
5.634 
128.5 
100.6 
102.0 
101.4 
100.2 
99.9 
100.3 
100.2 
100.9 
101.1 
99.5 
99.1 
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Table 68. Post-test spectral irradiance uniformity measurements for M67-1 thermal-vacuum test 
1% transmission 
bandpass, p 
0.240 to 0.300 
0.300 to 0.355 
0.340 to 0.380 
0.376 to 0.425 
0.430 to 0.510 
0.525 to 0.610 
0.61 0 to 0.720 
0.710 to 0.810 
0.750 to 0.900 
0.800 to 1 .OOO 
1.025 to 1.600 
1.500 to 2.200 
N 
60 deg ~ 
Normalized variation in spectral irmdiance 
4-ft elevation 
1 
5.716 
67.0 
92.9 
95.6 
96.9 
98.5 
98.8 
98.7 
99.4 
99.6 
99.4 
100.0 
101.4 
2 
5.820 
102.5 
102.7 
97.3 
99.9 
99.8 
100.3 
99.3 
99.1 
99.6 
99.6 
100.6 
101.4 
3 
5.772 
81.2 
106.2 
99.1 
100.4 
99.0 
99.7 
99.7 
99.7 
99.8 
100.5 
100.9 
99.6 
4 
5.835 
102.6 
98.8 
97.6 
97.7 
99.3 
99.4 
99.7 
100.0 
99.5 
100.3 
100.2 
100.7 
5 
5.847 
102.9 
103.2 
97.8 
101.6 
99.8 
100.0 
100.0 
99.7 
99.7 
100.2 
100.4 
100.0 
6 
5.777 
101.7 
97.7 
101.9 
100.4 
101.3 
100.6 
101.0 
100.0 
99.9 
100.1 
99.8 
98.8 
12Jt elevation 
2 
5.725 
100.7 
101.0 
103.7 
102.2 
100.2 
101.2 
99.7 
99.7 
100.3 
100.9 
100.9 
100.6 
3 
5.620 
99.0 
99.1 
96.4 
101.6 
99.8 
99.1 
100.0 
100.0 
100.1 
100.8 
100.4 
100.5 
4 
5.525 
97.2 
97.5 
103.0 
99.7 
100.8 
100.6 
100.0 
100.6 
100.5 
100.0 
100.6 
99.7 
5 
5.504 
96.8 
97.0 
102.5 
101.2 
95.9 
99.7 
99.0 
99.1 
100.3 
99.3 
99.5 
99.4 
- 
6 - 
5.431 
127.5 
104.4 
101.2 
99.5 
100.9 
100.1 
99.6 
100.0 
99.9 
98.8 
98.8 
98.0 -
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Summary. In Table 69, the environmental specification 
is compared in summary form with all the environmental 
parameters attained, as presented in the data packages. 
The requirements as presented are intended to provide 
test control to specified conditions to ensure compatibil- 
ity with the mission environments. The requirements in- 
clude margins based on uncertainty in the test conditions 
and knowledge of the space environment. The purpose 
of the margins in the requirements is to ensure that the 
spacecraft-design configuration is adequate for flight in 
. 
Pretest M67-1, data package 
measurements 
For profile simulation 
Max i = 15.5 torr/s 
(Criteria changed to try to 
attain i) 
NA 
Not measured for Mariner Venus 67 
configuration; previous data indi- 
cated -200 to -210°F (HAC 
birdcage) 
NA 
4-ft elevation: 92 to 102 W/ft*, 
12-ft elevation: 88 to 96 W/ft', 
z +5% 
z +5% 
6 A  diam 
Z"37'35" max measured angle 
both a functional sense, for electronic and mechanical 
equipment, and in a thermal sense, to provide assurance 
that the proper temperatures exist for the equipment to 
function. 
Post-test M67-1, data package 
measurements 
Phase I, i 14.5 @ 30 s 
Phase II, i = 15.8 @ 30 s 
Actual M67-1 rates 
Actual M67-1 data: 5 to 9 X lo-' 
in all phases. No anomalies 
identified 
Not measured for Mariner Venus 67 
Configuration 
110 to 294 W/ft' 
(Actual measurement by cone) 
> +2% 
4-ft elevation: 92 to 102 W/ft', 
12-ft elevation: 88 io 96 W/ftz, 
S +5% 
s +5% 
6-ft diam 
2"36'46" max measured angle 
Several minor changes were made in the M67-2 speci- 
fication, where the integrity of the test was unaffected. 
Specifically, the changes were in the method of specify- 
ing launch pressure profiles and the angle of incidence, 
as discussed previously. 
Uniformity of total irradiance 
Table 69. Specified and actual M67-1 systems FA solar thermal-vacuum test environments 
+5% a t  three defined reference 
planes 
M67-1 
Test requirement 
Chamber launch-pressure-profile Profiles: i S 16.5 to 18.7 
@ 45 s P of 50 torr in 
58 to 66 s 
simulation 
Measurements not accurate in UV. 
Specification met as far as can be 
determined from the data 
Vacuum level 
Measurements not accurate in UV. 
Specification met as far as can be 
determined from the data 
Continuous < 1 X torr 
Chamber effective heat-sink 
temperature 
Total irradiance level 
Tolerance on level or measuremend 
< -250°F 
Variable 100 to 290 W/ft' 
Measurement +2% 
Beam geometry 
Angle between any incident solar 
radiation and the surface 
normal to the test plane (test 
plane parallel to top of spacecrafi 
bus) 
Uniformity of spectral irradiance 
Instrumentation 
Irradiance monitor sensor size 
Spectral uniformity filter 
requirements 
Calibration period 
6-ft diam 
< 2" 
< 2% spatial and temporal for 
each filter 
5 4 cm' 
Nos. 4 to 6 from 0.2 to 0.4 p 
Nos. 3 to 4 from 0.4 to 0.75 p 
Nos. 3 to 4 from 0.75 to 2 p 
at defined locations 
< 3 mo prior to test all 
ibstruments 
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c. Significance of rwn-space enuimnment for M67-2 
thermal-uacuum test. 
Uniformity of total irradiance. The specified require- 
ment for a 4-cm2 sensor was for uniformity within r+5% 
of the mean level for two reference planes. Figures 129 
through 132 present the data taken prior to, and after, 
the M67-2 test. Figure 129 compares uniformity map- 
pings in polar coordinates taken before and after the test 
at the 4-ft elevation. Figure 130 compares the mappings 
taken before and after the test at the 12-ft elevation. 
Figures 131 and 132 compare the 12-ft to the 4-ft map- 
pings taken before and after the test, respectively. The 
purpose of the comparisons is to evaluate the stability 
of the distribution of solar energy with respect to time. 
The comparisons also yield information on the variation 
in a plane and with depth. In a plane, the variation of 
solar energy for a 4-crn2 sensor, which is dependent on 
the accuracy of the data supplied (supposedly, r+2%), is 
only slightly >5%, being 6% at the worst case measure- 
ment for the extreme edge and the center of the beam 
(see Fig. 129). 
The stability of the energy distribution with respect to 
time, as indicated from the supplied data, varied to a 
maximum 4 to 5% for certain areas in the planes of 
measurement (see Fig. 129). The temporal variation in 
Fig. 130 was less severe than in Fig. 129. 
The depth change with respect to position is illus- 
trated in Figs. 131 and 132. For example, from Fig. 132, 
one observes that the maximum depth percentage differ- 
ence is ~7 to 8% (94 to 102 W/ft2). 
To summarize the data presented, one can conclude 
that the variation in a plane is <5% in most of the beam 
and <S% in all of the plane. In depth, a percentage 
difference of 7 to 8% is possible. This means that the 
maximum volumetric percentage difference is on the or- 
der of 14%. From Fig. 131, one notes the difference is 
as much as 16% at the very edge but is 14% for the 
beam for all practical purposes. 
The significance of these variations is minor for the 
Mariner Venus 67 configuration, since the spacecraft 
presents essentially a plane intercepting disc at about 
the 12-ft elevation. Variation with depth is not critical 
for this spacecraft, and the uniformity in the 12-ft plane 
is within &6%. The change of energy distribution with 
time remained within the 6% band and is not significant 
as long as post- and pretest spacecraft mappings are per- 
formed for evaluation of the effect. The beam, for all 
practical purposes, met the specification (+5%) in a 
plane. A waiver was not written for the 6% band, since 
it represented only a very small portion of the outside 
edge of the 6-ft-diam beam. 
Angle of incidence. The specified angle of incidence 
for the worst ray to the plane of the spacecraft was 
3 deg. The measured values are presented in Table 70, 
along with two figures that illustrate the measurement 
location/orientation. The requirement was met. 
Table 70. Measured values for angles of incidence, M67-2 
N 
3ft-+ b S 
LOCAL 
NORMAL TO 
MEASUREMENT 
PLANE 
Position Pretest 
angle A 
North 1'57'48" 
South 1 O40'44" 
M67-2, 
East 1'31' 
West 1 O49'3" 
Angle of incidence, deg 
M67-2, M7-2, M67-2, 
2 4'6" 
lO49'18'' I 2O36'46" 1 2'46'27" 
1'56'43" 2" 1'15" 2'4'54' + l"38'6" 1'4'6" 2'33'56" 
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Fig. 129. Total irradiance uniformity mapping for e f t  elevation, thermal-vacuum 
pretest and post-test of M67-2 
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Fig. 130. Total irradiance uniformity mapping for 12-ft elevation, thermal-vacuum 
pretest and post-test of M67-2 
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60' 
so= 
120" 
Fig. 131. Total irradiance uniformity mapping for 4- and l Z f t  elevations, thermal-vacuum 
pretests of M67-2 
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Fig. 132. Total irradiance uniformity mapping for 4- and 12-ft elevations, thermal-vacuum 
post-test of M67-2 
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Spectral irradiance uniformity. The generally accepted 
variation in spectral irradiance is &2% at each defined 
location for each filter. Tables 71 and 72 reveal the data 
as reduced through several normalizations in terms of 
100% for each reading. The data quality is affected by 
, the following two factors: 
(1) Measurements in the UV (filters 1, 2 and 3) are 
difficult to make, and the variations indicated are 
believed due to the measurement error rather than 
spectral non-uniformity. 
(2) Variations at other levels on pretest M67-2 data 
are probably due to the fact that the ratio 
was obtained with an average S],d, for each 
twelve-filter scan, rather than an individual ./’ ],dh 
for each filter. Therefore, fluctuations at the time 
of each filter reading would not be discernible. 
1, = spectral radiant intensity 
T, = spectral transmittance 
The data, given in Tables 71 and 72, although not of 
high quality, indicate good uniformity of spectral irradi- 
ance, in general. Nevertheless, in M67-2 pretest measure- 
ments, readings taken at positions 2 and 3 for filter 10 
at lZft  elevation were marginal. In M67-2 post-test mea- 
surements, readings taken at positions 4 and 6 for filter 8 
at 12-ft elevation were also marginal. At position 5, the 
readings for filter 4 at 12-ft elevation were questionable. 
These questions might well be due to the error in mea- 
surement, rather than to shifts in spectral uniformity. 
* 
Summary. In Table 73 the thermal-vacuum environ- 
ment specification is compared in summary form with 
all the environmental parameters attained, as presented 
in the data package. 
The requirements, as presented, are intendea to 
provide test control to specified conditions to ensure 
compatibility with the mission requirements. The re- 
quirements include margins based on uncertainty in the 
test conditions and knowledge of the space environment. 
The purpose of the margins in the requirements is to en- 
sure that the spacecraft-design configuration is adequate 
for flight in both a functional sense for electronic and 
mechanical equipment and, in a thermal sense, to pro- 
vide assurance that the proper temperatures exist for the 
equipment to function. 
d.  Significance of no T A  systems test. For the Mariner 
Venus 67 mission, there was no system level TA thermal 
testing. This was because no PTM spacecraft was assem- 
bled. The non-existence of a TA systems level test seems 
to be in conflict with the normal environmental test phi- 
losophy; however, when one examines the origin of the 
Mariner Venus 67 mission and the specific hardware 
utilized, the testing approach implemented is adequate. 
Since the Mariner Venus 67 spacecraft was a vehicle 
whose design had been proven by extensive testing for 
the Mariner Mars 1964 mission, as well as by over 2 yr 
of actual space exposure, the TA systems test objectives 
had already been accomplished; that is to say, a quali- 
fied design existed. Under these circumstances, the de- 
cision not to run a TA test on a systems level is a logical 
conclusion, as long as the following conditions exist: 
(1) The functional operation of the assemblies and 
system is no more severe than that which was pre- 
viously qualified. 
(2) The variations from the Mariner Mars 1964 mis- 
sion in the conditions under which the assemblies 
would be expected to operate are minimal in num- 
ber, and affected items can be adequately requali- 
fied in assembly testing. 
(3) The FA systems level testing is extensive and veri- 
fies items (1) and (2) above, as well as the normal 
FA objectives - namely, verification of the quality 
of the flight hardware consistent with the pre- 
viously qualified design. 
The conditions were all met by the testing program 
performed for Mariner Venus 67. As a consequence, the 
significance of not having run a thermal-vacuum TA 
systems level test was that a minimum risk existed. The 
thermal testing on the TCM provided confidence in 
the thermal control configuration, and although some 
of the internal power dissipation levels were in error, 
testing condition 2 above was indicated as no problem. 
The backup flight spacecraft essentially validated all 
of the conditions, as well as .provided assurance that 
there would be no major concerns about testing the in- 
tended flight vehicle in a new facility under a Venus 
solar simulation. 
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Filter 
No. 
Clear 
avg 
1 
2 
3 
4 
5 
6 
7 
8 
9 
10 
11 
12 
3 
5.805 
79.6 
99.5 
99.5 
98.3 
99.5 
98.9 
99.4 
100.5 
100.5 
102.8 
100.4 
99.5 
Table 71. Pretest spectral irradiance uniformity measurements for M67-2 thermal-vacuum test 
4 
5.683 
97.3 
97.4 
97.4 
98.6 
100.2 
99.8 
100.1 
100.0 
100.3 
101.8 
100.4 
99.1 
1% transmission 
bandpass, p 
1 
5.889 
201.7 
100.9 
103.7 
100.9 
101.3 
101.4 
100.9 
100.9 
100.4 
98.6 
100.3 
100.9 
0.240 to 0.300 
0.300 to 0.355 
0.340 to 0.380 
0.376 to 0.425 
0.430 to 0.51 0 
0.525 to 0.610 
0.610 to 0.720 
0.710 to 0.810 
0.750 to 0.900 
0.800 to 1.OOO 
1.025 to 1.600 
1.500 to 2.200 
2 3 4 
5.916 5.958 6.058 
135.1 135.9 103.8 
105.6 102.0 99.8 
104.3 102.1 101.1 
100.2 100.9 101.4 
101.0 98.6 100.5 
101.0 101.6 100.9 
100.3 101.0 100.6 
101.4 101.1 100.7 
100.5 100.4 100.3 
99.4 99.6 99.7 
100.8 100.9 101.4 
100.6 100.4 101.2 
Normalized variation in spectral irradiance 
I The expression 
is reduced from empirical meosurements presented in the data pockage. This 
ratio is token for eoch filter a t  each location which then i s  normalized to a 
percentage of the average ratio for that filter. The principal assumption 
made in this analysis i s  that the variation in the cleor reading i s  smoll. 
This assumption could be avoided if a clear raading were taken with each 
filter reading. 
5 
6.097 
83.5 
104.5 
104.5 
100.8 
100.8 
101.0 
100.7 
101.4 
100.7 
99.5 
100.9 
101.8 
6 
5.997 
137.0 
107.1 
105.7 
102.8 
101.9 
101.8 
101.7 
100.7 
100.7 
99.0 
100.4 
101.0 
2 
5.803 
99.4 
99.4 
99.4 
99.5 
99.4 
99.4 
100.0 
100.5 
100.7 
102.8 
100.7 
100.3 - 
1 2 4  elevation 
N 
P' 
5 
5.722 
97.9 
106.6 
100.8 
99.3 
99.7 
100.0 
99.7 
100.1 
100.8 
101.7 
100.5 
100.7 
6 
5.634 
128.5 
100.6 
102.0 
101.4 
100.2 
99.9 
100.3 
100.2 
100.9 
101.1 
99.5 
99.1 
46 3-f t  diam 
RADIOMETER POSITION 
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? 
98.9 
100.8 
99.4 
101.2 
100.9 
100.3 
100.9 
Table 72. Post-test spectral irradiance uniformity measurements for M67-2 thermal-vacuum test 
98.8 100.3 
98.8 100.4 
100.1 985 
101.3 101.4 
100.6 101.2 
101.4 100.4 
100.9 100.6 
Filter 1% transmission 
No. 1 bandpass,p 
99.9 
99.9 
99.6 
100.1 
101.2 
100.6 
99.3 
Clear 
avg 
1 
P 
3 
4 
5 
6 
7 
8 
9 
10 
11 
12 
100.1 
99.5 
99.4 
100.0 
100.8 
99.6 
99.5 
0.240 to 0.300 
0.300 to 0.355 
0.340 to 0.380 
0.376 to 0.425 
0.430 to 0.5 10 
0.525 to 0.61 0 
0.610 to 0.720 
0.710 to 0.810 
0.750 to 0.900 
0.800 to 1 .OOO 
1.025 to 1 .MM 
1.500 to 2.200 
100.4 
100.3 
102.4 
100.4 
99.6 
99.8 
99.9 
I 
N 
I 
98.2 
98.5 
98.9 
99.4 
98.9 
98.9 
99.6 
60 deg 2h 
3 / 
A 
Normalized variation in spectral irradiance 
1 
5.773 
105.9 
91.9 
89.1 
100.4 
98.4 
100.0 
99.6 
98.9 
101.0 
100.2 
99.8 
100.0 
3-ft diom 
RADIOMETER POSITION 
2 
5.606 
123.6 
97.9 
97.9 
99.6 
100.9 
100.5 
101.1 
100.5 
99.9 
98.9 
100.0 
100.0 
3 
5.690 
179.0 
96.8 
95.8 
99.9 
99.9 
101.4 
100.2 
100.3 
99.9 
99.5 
99.8 
100.5 
12-ft elevation 
6 
5.558 
87.1 
99.5 
117.2 
101.6 
101.1 
101.2 
100.9 
102.3 
100.4 
99.2 
99.4 
98.9 
JPL TECHNICAL REPORT 32-7249 209 
Table 73. Specified and actual M67-2 systems FA solar thermal-vacuum test environments 
Test requirement 
Chamber launch-pressure-profile 
simulation 
Vacuum level 
Chamber effective heat-sink 
temperature 
Total irradiance level 
Tolerance on level or measuremer 
Uniformity of total irradiance 
Beam geometry 
Angle between any incident solar 
radiation and the surface normal 
to the test plane (test plane 
parallel to top of spacecraft bus) 
Uniformity of spectral irradiance 
Instrumentation 
Irradiance monitor sensor size 
Spectral uniformity filter 
requirements 
Calibration period 
M67-2 ~- 
Max P is 16.5 to 18.7 torr/s in 
25 to 65 s 
Continuous < 1 X lo4 torr 
< -250'F 
Variable 112 to 290 W/ft* 
+2% on level required 
+5% at two defined reference 
planes 
6-ft diam 
< 3 deg 
Measured; no requirement 
5 4 cm' 
Nos. 4 to 6 from 0.2 to 0.4 /L 
Nos. 3 to 4 from 0.4 to 0.75 j~ 
Nos. 3 to 4 from 0.75 to 2 /L 
at defined locations 
Same unless controlled by another 
Lab standard 
2. Comparison of assembly level T A  and FA test tem- 
peratures with actual flight temperatures. The assembly- 
level thermal-vacuum tests performed consisted of two 
types with differing objectives. Type-approval tests were 
intended to qualify designs and were intentionally severe 
to ensure design margins over flight predictions. Flight 
acceptance tests were intended to be as severe as the 
most extreme flight environment and to verify the qual- 
ity of the flight equipment. To determine whether these 
objectives have been accomplished, it is necessary to 
compare test temperatures with actual flight tempera- 
tures. Presented in Table 74 are Mariner Venus 67 
maximum- and minimum-flight temperatures from initial 
Pretest M67-2 data package 
Phase I P = 14.5 torr/s 8 30 s 
Phase I I  b = 15.8 torr/s 8 30 s 
Actual M67-2 rates 
Actual M67-2 data: 5.9 X l e  torr 
in all phases. No anomalies 
identified 
Not measured for Mariner Venus 67 
configuration 
110 to 294 W/f? 
(Actual measurement by cone) 
> +2% 
4-ft elevation: 92 to >lo2 W/f? 
12A elevation: 86 to >96 W/ft* 
6-ft diam 
2'46'27'' max measured angle 
Measurements not accurate in UV; 
in general, data acceptable 
Post-test M67-2 data package 
Phase I b = 18.4 torr/s @I 17.5 s; 
Phase I I  b = 16.8 torr/s 8 25 s; 
Actual M67-2 rates 
Actual M67-2 data: 4.5 to 
5.0 X 10" torr in all phases; 
leak detected in Phase I 
P = 17.4 torr/s 8 21 I 
= 19.2 torr/s 8 15 s 
Not properly measured for 
Mariner Venus 67 
1 10 to 294 W/f? 
earth cruise to Venus cruise post-playback, as well as 
assembly level TA and FA test temperatures. 
The data in Table 74 indicate that the flight tempera- 
tures experienced were well within the assembly level 
FA and TA test limits, with one exception-the solar 
panel FA temperatures. This is not altogether unex- 
pected, since the FA test margins were deliberately set 
near the expected flight extremes to prevent possible 
degradation of the flight solar panels. Battery FA 
thermal-vacuum tests were not performed for the same 
reason. The margins of FAT levels over flight levels ran 
approximately 60 and -30°F for the bus equipment, 
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Table 74. Assembly-level test temperatures and actual flight temperatures 
Item 
Bay I power & pyro (flight location) 
Bay I 1  PIPS (flight location) 
Midcourse motor fuel 
Propulsion NZ 
Primary sun sensor 
UV photometer 
Bay 111 DAS (flight location) 
Plasma probe 
Bay IV  data encoder & command 
(flight location) 
- X / + Y  Nz bottle 
TRD chassis 
Bay V data storage & radio 
(flight location) 
Bay V VCO (2RA2) 
Bay V tape (16A1) 
Bay VI radio (flight location) 
Bay VI aux. oscillator 1 
Bay VI aux. oscillator 2 
Bay VII A/C & CC&S 
(flight location) 
Bay Vlll power regulator 
Battery 
+ X / - Y  NZ bottle 
Canopus sensor 
Highgain antenna 
Magnetometer preamp end 
Low-gain antenna mast 
(at magnetometer) 
Solar panel 4A1 
Solar panel 4A5 
A/C iet, -Y  P 
A/C iet, +X RY 
A/C iet, - X  RY 
Telemetry 
channel 
40 1 
42 1 
217 
408 
430 
437 
402 
422 
423 
219 
438 
4Q4 
424 
436 
405 
414 
418 
426 
407 
428 
218 
410 
41 9 
439 
43 1 
409 
429 
425 
406 
433 
Assembly 
FAT levels 
Min Max 
32 131 
Not req. 
32 131 
32 131 
32 131 
32 131 
32 131 
32 239 
32 131 
32 131 
-4 122 
32 122 
32 131 
32 122 
32 131 
32 131 
32 131 
32 131 
32 131 
Not req. 
32 131 
0 100 
-245 131 
-40 122 
-160 131 
140 239 
140 239 
-45 215 
-45 215 
-45 215 
14 
40 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
14 
32 
14 
14 
-285 
- 50 
-200 
- 180' 
- 180' 
- 65 
- 65 
- 65 
167 
167 
1 67 
167 
167 
1 67 
1 67 
275 
167 
1 67 
122 
158 
1 67 
158 
167 
167 
167 
1 67 
167 
140 
167 
167 
167 
I 67 
1 67 
284 
284 
255 
255 
255 
61 
46 
56 
52 
47 
46 
59 
105 
56 
57 
45 
53 
59 
54 
57 
62 
62 
54 
80 
61 
59 
56 
- 198 
2 
-90 
119 
118 
- 12 
- 25 
- 24 
67 
57 
67 
62 
1 05 
61 
69 
222 
70 
69 
59 
68 
76 
69 
75 
74 
75 
60 
85 
65 
66 
61 
-130 
7 
-48 
245 
245 
56 
50 
49 
0s 
Midc?urse 
95 
119 
79 
112 
98 
77 
74 
78 
63 
63 
57 
56 
65 
56 
60 
66 
66 
64 
105 
70 
67 
67 
-5 
25 
25 
48 
50 
- 23 
21 
- 32 
aDuring thermal shock. 
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with larger margins for external equipment. These tem- 
perature ATS can be attributed to margin factors added 
as a quality verification tool and to account for un- 
certainties in the predicted flight and test thermal 
environments. 
Figure 133 compares the flight midcourse thermal 
shock and the assembly level TA thermal shock test on 
the solar panels. The test thermal shock, based on the 
worst-case environment of complete loss of sun on 
the solar panel, attained a much lower temperature 
than the flight thermal shock in which at most only 
- - I 5 O ~  200 0:oo 0:20 c I 
0 1:oo I 
TIME, h, rnin 
I 
~ 
 
1 1:40 2:C 
Fig. 133. Comparison of thermal shocks for flight 
midcourse and assembly-level TA test 
partial shadowing occurred. Also, the rate of tempera- 
ture change is higher during the test shock than during 
the slow pitch and roll turns of the midcourse maneuver. 
This is a result of the simplified mechanization of the 
lights-off, lights-on test environment and is considered 
to be a reasonable margin over the flight rate of tem- 
perature change. 
I 
Thus, the following conclusions can be made with re- 
gard to Mariner Venus 67 flight results in comparison 
with assembly level testing: 
.. 
(1) TAT and FAT levels were adequate. 
(2) In general, test levels for external assemblies were 
more conservative than bus assemblies, but neces- 
sarily so, because of uncertainties in the expected 
flight environment. 
VII. Recommendations for Future Programs 
A. General 
It can be said that, in general, the vibration test re- 
quirements for a spacecraft depend on the launch vehicle 
environment. On the other hand, the thermal-vacuum 
test requirements depend primarily on the particular 
mission requirements. Design and mission changes that 
occur during the course of a Project affect the qualifica- 
tion of the spacecraft system. Design changes usually 
mean requalifying a part of a subsystem, whereas a 
mission change requires a complete requalification of the 
system. During the Mariner Venus 67 program, there 
were four major design changes and one major mission 
change. 
For a project based on modification of hardware that 
was developed or fabricated for a previous project, it is 
essential to determine early in the program the appro- 
priate amounts of repetitive TA testing desired. This is 
especially important since the decision not to repeat TA 
testing of an item implies high expectation that the item 
will pass, if subjected to, the test. One can infer the skill 
in such decision making a posteriori from TA failure 
rates. The fact that Mariner Venus 67 TA failure rates 
were <SO% would indicate that the tests were very con- 
servatively selected. The fact that TA failure rates were 
higher than FA failure rates can be construed to justify 
that assumption. 
One of the more significant considerations during the 
Mariner Venus 67 testing program was what tests were 
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required to requalify a subsystem that had failed and 
had been reworked to some degree. The retest philosophy 
that evolved from the Mariner Mars 1964 and the 
Mariner Venus 67 testing programs is recommended for 
future programs. If a subsystem has a failure, it is cer- 
tainly necessary to requalify that portion of the subsys- 
tem that has had to be reworked. If the subsystem is a 
TA unit, it is recommended that the reworked portion 
of the subsystem be required to pass a TA test and, also, 
multiple FA tests if time permits. If the subsystem is an 
FA unit, then the reworked portion of the unit should 
be required to pass an FA test. However, if during the 
requalification, a failure occurs in the non-reworked 
portion of the subsystem, then it should not necessarily 
invalidate the test, because that portion of the subsys- 
tem would have already been qualified. In each case, 
though, one should evaluate the failure to ascertain 
whether or not a possible design deficiency has been 
uncovered. 
B. Dynamics 
Response-controlled testing of the solar panels con- 
stituted part of the overall solar panel vibration test 
program for the Mariner Venus 67. Response control 
(producing a desired response amplitude), rather than 
input control (producing a desired input at the mounting 
points), was required for the panels due to input-point 
loading caused (1) by the relatively large size and dis- 
tinct resonances and (2) by fixturing problems caused 
by the interconnection between panels by dampers at 
the tips. At the low-frequency (high-mass) resonances, the 
panels interact with one another at the tips (through 
the dampers) and load the input (mounting) points, be- 
cause of their relatively heavy weight. For these reasons, 
a pure input test could not properly reflect the effe5t on 
both the input and response of these two interactions. 
The response test was designed to produce a desired 
response in selected modes of the panel in its test con- 
figuration that resulted in panel stresses equal to the 
stresses experienced by the panel during the system test. 
1. Need for response tests on future programs. If there 
is significant interaction of an assembly at resonance 
with its supporting structure at identifiable and impor- 
tant assembly resonances, then some form of response 
control should be considered for a program. The com- 
plexity of test procedures resulting from respbnse control 
testing with the more physically desirable test produced 
should be weighed against the simpler test Qrocedure of 
input control and the possibly improper test it produces. 
It may be sufficient (as has been done on many Mariner 
Venus 67 assemblies) to specify an input test with the 
input adjusted to produce proper response in the assem- 
bly at important resonances in its test configuration. 
(This type of test is actually a pseudoresponse test based 
on calculated or measured gains and a desired response.) 
If actual response control is required for a unit, then by 
using careful procedures and considering the lessons 
learned for Mariner Venus 67, it should be possible to 
conduct proper and safe tests. 
2. Guidelines for conducting response-control tests. 
The capability to conduct response-control testing has 
not, in fact, been demonstrated. Valuable lessons were 
learned and some precautions and procedures required 
for future applications of this method are clearly evident. 
Details of the attempted solar panel test are applicable 
only to other similar solar panel tests, but the following 
recommendations apply, in general, to any response- 
control testing: 
The need for detailed pre-planning is evident. Of 
necessity, such a test involves several interdepen- 
dent sectional responsibilities, and it is essential 
that all concerned understand the test purpose, 
the plan, and the required contributions. 
Response tests can not be treated as production 
tests. The presence of cognizant personnel dur- 
ing tests is a definite requirement. 
Complete documentation of all requirements in 
test procedures and test specification is a neces- 
sity. The results of tests must be completely docu- 
mented. 
Some conclusions applicable specifically to solar panels 
can be derived from the test history: 
Low-level modal testing of each panel to be tested 
is required to identify exactly the modes to be 
excited. 
The very lightweight structure of the panel re- 
quires the careful locating of the response control 
accelerometer at a point with a known response 
relationship to all other significant panel locations. 
Knowledgeable personnel must be present during 
testing to assure proper test procedure and to de- 
termine the proper disposition of test anomalies 
and deviations. 
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C. Thermal-Vlacuumr 
The sensitivity of the Mariner Venus 67 spacecraft to 
the testing environment was noticeably small, espe- 
cially the significance of solar irradiance changes. How- 
ever, there are several test-associated deficiencies 
related to thermal-vacuum that became evident during 
the Mariner Venus 67 testing and which will be dis- 
cussed in the following paragraphs. While the impact 
on IMarineTi Venus 67 was not felt, the importance to 
fu the  testing could be significant. This section will ad- 
dressi itself to two areas: (1) the thermal-vacuum facility 
at IJPY and (2) the manner of conducting the test. 
It has been observed that some of the spacecraft test 
performance in the past has not exercised the TA sys- 
tems level test vehicle in conditions that provide a suf- 
ficient test margin over FA testing. This can, and should, 
be accomplished by utilizing an internal heat source- 
either the emergency heaters or some other appropriate 
device - to raise the assemblies to temperatures near the 
TA assembly levels and the spacecraft operated in nor- 
mal, high- and low-power test modes. 
#The JPL thermal-vacuum facility provides perhaps 
the finest simulation of the space environment available 
in the world today. However, future projects need to 
concern themselves with obtaining accurate information 
as to what the environment really is and the significance 
of the nonduplicated parameters. For example, one can- 
not assess the significance of either heat sink or solar 
spectrum errors due to lack of information defining the 
effective sink or the spectrum. It is not known what part 
the sink error played in the implemented design change 
to the thermal control configuration, although it was 
recognized as a possible contributor. It is essential that 
the facility parameters be documented for each test pro- 
gram and that the stability of the parameters be verified. 
When this is done, then meaningful test comparisons can 
be made and the effects on the vehicle determined.’One 
of the major problems in getting adequate measurements 
is having adequate instrumentation. Adequate instru- 
mentation should be made available to the facility for 
the environment to be properly evaluated. 
The simulator testing should be performed with better 
control on conditions and with best information to avoid 
risk of having to redo testing or possible damage to the 
spacecraft. For example, the solar irradiance levels were 
altered because of calculation errors midway in the test- 
ing, and the information was not properly distributed. 
The information was obtained through observation of the 
temperature data, rather than by an announced and dis- 
cussed change. This could have resulted in lost test time 
had the Mariner Venus 67 spacecraft not been so insensi- 
tive to the solar changes. It is recommended that com- 
plete and certified procedures be utilized for all functions 
and that deviations from them be allowed only after con- 
sultation with the appropriate personnel, one of whom 
should be the test director. 
Due to some of the transients experienced during mid- 
course, it appears desirable to consider the merits of 
using some means of simulating the manner in which the 
environment interacts with the spacecraft to determine 
the adequacy of the design to accommodate the changes. 
To date, these effects have been handled analytically or 
by TCM testing. 
D. Electromagnetic Interference 
1. Breadboard or prototype subsystem testing. During 
the DFR Mariner V testing period, it became evident 
that an early delivery of a prototype subsystem would 
have helped considerably in the integration effort. Since 
time is a vital element in spacecraft programs, the time 
gained in the early portions of a test program is of great 
value. It is recommended that, in future programs, a 
breadboard or prototype model of any new electronic 
subsystem added to a spacecraft system be made avail- 
able for inter-subsystem evaluation and tests. 
a 
2. Adequately shielded RF test facility. An adequately 
shielded RF  test facility should be provided for future 
radio subsystem integration efforts. The merits of such 
a test facility should be evaluated by considering its 
overall contribution to the effectiveness of a test pro- 
gram. Among alternatives that should be evaluated are: 
RF  shielding the Spacecraft Assembly Facility (SAF) 
and erecting a large shielded enclosure within that 
building. 
Experience on the Mariner V program has shown that 
a noise-free environment cannot always be obtained dur- 
ing any given 24-h period. As a consequence of the 
changing ambient noise environment, the spacecraft test 
sequences must be revised in short notice; this, in turn, 
can minimize the effective use of the allotted test time. 
3. Low-noise components. It is recommended that all 
subsystem cognizant personnel attempt to replace known 
noise-generating components in their equipment with 
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lower-noise substitutes, whenever it is feasible, to reduce 
the spacecraft background noise level. The individual 
cognizant personnel on spacecraft subsystems develop 
an intimate knowledge of their electronic equipment and 
its components. In the course of their work they will at 
times determine that acceptable less noisy component 
substitutes have been developed and are on the market. 
Each cognizant person should thus be urged to con- 
tribute to an incremental noise level reduction by his 
~ suggestion of specific component changes. 
4. Interference to spacecraft radio subsystems. It is 
recommended that the following steps be followed early 
in a spacecraft program to assure the successful integra- 
tion of communications equipment or radio experiments: 
(1) Determine the permissible noise levels in the re- 
ceiver and transmitter bandwidths of both the 
spacecraft radio equipment and the OSE. 
(2) Specify that adequate filters be incorporated in all 
radio subsystems before they are incorporated into 
the spacecraft. 
(3) Specify and procure noise-measurement equip- 
ment required to make noise measurements at 
levels and frequencies determined in (l), above. 
E. Magnetic Control 
Magnetic control efforts in the Mariner Venus 67 Pro- - gram were severely restricted by the fact that virtually 
all hardware design, and even some items of hardware, 
were taken directly from the Mariner Mars 1964 Pro- 
gram. While that program had magnetic restraints, in 
general they were imposed too late in the program or 
with insufficient enforcement to be effective. Conse- 
quently, even with the majority of the Mariner Mars 1964 
hardware not meeting its design requirements, there was 
very little opportunity to improve this situation on the 
Mariner Venus 67 spacecraft. 
The magnetic field of this spacecraft was made lower 
by demagnetization, which was also believed to result in 
a slight improvement in magnetic stability. To make a 
significant improvement in magnetic control efforts, four 
principal recommendations are made. 
First, develop a general design specification for low 
magnetic field hardware to contain design restraints and 
guidelines. Such a specification should be developed as 
part of a supporting research and advanced development 
program and should be made applicable to all JPL 
spacecraft in varying degree, based on the probability 
that the spacecraft or its hardware will be used for a 
magnetometer-carrying spacecraft. 
Second, conduct studies in the following areas of mag- 
(1) Thoroughly investigate the nature of magnetic 
stability. Develop definition and means of measur- 
ing this characteristic. Determine effects of vibra- 
tion and weak magnetic fields on stability. 
(2) Study magnetic shielding techniques, with special 
emphasis on shielding pieceparts, to contain high 
fields. Investigate external field stability as a con- 
sequence of these shielded sources. 
(3) Develop techniques for estimating and predicting 
the magnetic field of subassemblies or pieceparts 
on the basis of their constituent materials. 
(4) Develop improved mapping and data handling 
techniques that will permit extrapolation of multi- 
polar fields to different points in space. 
(5) Develop improved material and piecepart lists 
that will categorize the low magnetic field charac- 
teristics of such commonly used items. Categories 
should include susceptibility to perming, magnetic 
hardness, and magnetic stability. 
netic control to improve the quality of these efforts: 
These studies should not be delayed, waiting for a 
future program requiring magnetic control but, rather, 
should be established as a supporting research or ad- 
vanced development program. They are essential to 
maintaining a state-of-the-art capability in magnetic 
control and as preparation for new programs with these 
requirements. 
Third, establish a permanent, but not necessarily 
permanently staffed, magnetic facility for support of 
advanced hardware development programs involving 
magnetic restraints or test requirements. 
Fourth, include magnetic control engineer on concep- 
tual design team of future spacecraft programs that 
might carry fields and particle experiments. 
Successful magnetic control is dependent on early in- 
jection into the initial design efforts. Magnetic control 
should be approached on the systems level where it 
could influence the arrangement of hardware on the 
spacecraft and where magnetic control costs could be 
developed to establish the degree of magnetic control 
costs to be supported by the program. 
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Appendix A 
Mariner Venus 67 Environment Test Specifications 
Extensive environmental tests were used in qualifying Mariner Venus 67 for its 
flight. The following subject-list of the tests performed indicates the thorough- 
ness of the tests. 
MCB-50138-ETS-A 
MCB-50317-ETS 
MCK-50146-TAT 
MCS-50254-TST 
MCV-50095-ETS 
MCV-50566-ETS 
MCX-50243-TST 
MCX-50259-TST 
MCX-50320-ETS 
MCX-50347-TAT 
MVA-50640-TST 
MVA-50657-FAT 
MVA-50658-FAT 
MV A-50659-TAT 
MVA-50660-TAT 
MVB-50587-TST 
MVD-50600-ETS 
MVD-50619-TAT 
MVD-50644-ETS 
MVE-50593-ETS 
MVE-50605-ETS 
MVE-50606-ETS 
MVF-50652 
MVF-50652-ETS 
MVF-50592-F AT-A 
MVK-50626-FAT-A 
MVM-50596-ETS 
MVM-50597-ETS 
MVM-50598-ETS 
Environmental Test, Low-Gain Antenna Damper 
Environmental Test, Solar Panel Cruise Dampers 
TA Test, Flight Command Subsystem 
TST, High-Gain Antenna 
Pressure Transducer 
CC&S Test, FA 
TST, Low-Gain Antenna 
Antenna Cable (2W1-2W2) 
TA and FA Hybrid Radio Subsystem 
S-Band Cavity Amplifier and Power Supply 
Qualification Test Requirements 
DFR Ultra-High Frequency Antenna 
DFR VHF Antenna 
DFR UHF Antenna 
DFR VHF Antenna 
Vibration Qualification Test 
Planet Sensor Attitude Control 
Bipolar Analog-to-Pulse-Width Converter, Mark I1 
Science Data Automation System 
Pyrotechnic Subsystem, TA and FA 
Separation Initiated Timer, FA 
Pyrotechnic Arming Switch, FA 
TA and FA Temperature Control 
Temperature-Control Reference, TA and FA 
Temperature-Control Louvers, TA and FA 
Flight Command Subsystem, FA 
Postinjection Propulsion Subsystem, TA and FA 
Pneumatic Regulator, TA and FA 
Rocket Engine, TA and FA 
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MVM-50599-ETS-A 
MVN-50627-ETS 
MVP-50578-ETS 
MVP-50579-ETS 
MVP-50602-TST 
MVP-50622-FAT 
MVP-50623-TAT 
MVP-50661-ETS 
MVR-50641-ETS 
MVS-50595-ETS 
MVS-50612-FAT 
MVS-50620-ETS 
MVS-50625-ETS 
MVV-50568-ETS-A 
M W-50590-FAT-A 
MVV-50591-FAT-A 
MVV-50594-ETS 
MVV-50601-ETS 
MVV-50624-FAT 
M W-50635-ETS 
MVV-50645-TST 
MVV-50648-TST 
MVX-5063 1-FAT 
MVX-50632-FAT 
MVX-50636-TAT 
MVX-50637-TAT 
MVX-50649-FAT 
MVX-50653-ETS-B 
MVX-50662-FAT 
MVX-50668-TAT 
SS 500103B 
SS 500104B 
Oxidizer Start Subsystem, TA and FA 
Data Encoder Subsystem, FA 
Power Supply System Case I, TA and FA 
Power Supply System Case VIII, TA and FA 
System Level Qualification Testing 
Power Subsystem, Mark VI Battery, FA 
Power Subsystem, Mark VI Battery, TA 
Magnetic Testing & Demagnetization of Solar Panels 
Tape Recorder Subsystem, TA and FA 
UV Photometers, TA and FA 
Magnetometer 
Environmental Test, Plasma Probe 
Trapped Radiation Detector, TA and FA 
Attitude-Control Jet Assemblies 
Terminator Sensor 
Earth Sensor, FA 
Canopus Star Sensor 
Thrust Vector Control Actuator, TA and FA 
Attitude-Control Electronics, FA 
Attitude-Control Gas Actuator System 
Sun Gate 
A/C Acquisition and Cruise Sun Sensors, TA and FA 
FA Test, Low-Gain Antenna 
FATest, High-Gain Antenna 
TA Test, Low-Gain Antenna 
TA Test, High-Gain Antenna 
Flight Acceptance Radio Subsystem, Cases V and VI 
DFR Subsystem, TA and FA 
S-Band Cavity Amplifier 
TA Radio Subsystem 
Environmental Test Specification, Mariner Venus 67 
Flight Equipment, Power Subsystem, Solar Panel TA 
Requirements 
Environmental Test Specification, Mariner Venus 67 
Flight Equipment, Power Subsystem, Solar Panel FA 
Requirements 
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300% 
50595-ETS-AM-1 
506%-ETS-AM-1 
TA and FA Temperature Transducer 
UV Photometers, TA and FA 
Trapped Radiation Detector, TA and FA 
Appendix B 
Change in Assembly Sinusoidal Vibration From Mariner Mars 1964 
For the Mariner Venus 67 Program, separate sinusoidal 
and noise vibration testing of TA assemblies replaced the 
combined sine-noise tests used for Mariner Mars 1964. 
The change permitted the test implementation to be 
simplified. Individual tests had two advantages - they 
required less test preparation and permitted more accu- 
rate control of the test input. 
The noise portion of the Mariner Mars 1964 combined 
test was adequately covered in the Mariner Venus 67 
random noise tests. The latter spectrum levels are be- 
tween 2 and 12 dB higher than the former noise levels 
of the combined test of the earlier Mariner. 
To compare subsystem response to the Ma6ner Mars 
1964 and Mariner Venus 67 specifications, an equiva- 
lence based on the response of an ideal single-degree- 
of-freedom structural system with a Q of 20 was used. 
Figure B-1 displays the response spectra of the system to 
both the Mariner Mars 1964 and the Mariner Venus 67 
inputs. In the low-frequency range (<250 Hz), the levels 
are almost identical to the maximum difference of 
< O S % .  Between 250 and 2000 Hz, the difference 
is <4.7%. 
Mariner Venus 67 FA vibration tests consisted of ran- 
dom noise, only. 
Fig. B-1. Response of a single-degree-of-freedom 
system to TA assembly vibration 
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Item 
Trapped radiation 
detector 
Magnetometer 
e 
Plasma probe 
Data automation 
system 
Data encoder 
Command 
Radio 
Tape machine 
Power 
Battery 
A/C electronics 
Sun sensors 
Earth detector 
Canopus sensor 
Jet vane actuators 
Atti tude/control 
gY TO* 
Central computer 
and sequencer 
Pyrotechnics 
control 
Post-injection pro- 
pulsion system 
Ref. 
No. 
25A1 
33A1 
33442 
33A3 
32A1 
32A2 
32A3 
32A4 
20A1 
20A2 
20A3 
20A4 
20A5 
6A1-13 
3A1-7 
2 
16A1-5 
4A 
4A14 
7A1 
7PS6 
7ED6 
7CS8 
7JV 
7A2 
5A 
8A1 
8A2 
Serial 
No. 
TA 
0 
MC-O 
MC-O 
MC-O 1 
MC-O 
2 
MC-7 
TAW 
MC-7 
3 
3 
2 
MC-O 
2 
02 
6 
7 
8 
9 
18 
002 
2 
2 
004 
103 
2,4722 
012 
MC-TA 
1004 
003 
Appendix C 
Mariner Mars 1964 Life Test Results 
~ e ~ t  duration
Start 
6/18/65 
10/12/64 
12/22/64 
12/23/64, 
2/12/65 1 
1 /23/64 
2/12/65 1 
12/23/64 ' 
7;( 1 0/64 
7/9/64 
1 /27/65 
8/4/64 
8/17/64 
2/11/64 
2/11/64 
8/ 1 9/64 
5/1/64 
1 1/28/64 
6/15/64 
6/15/64 
5/12/64 
12/18/64 
12/3/65 
8/24/64 
411 164 
4/1/64 
8/3 1 /64 
2/10/64 
~ U n i t  operaied a i  approximately flight temperatures. 
Wome set observed as result of prolonged storage. 
CDegradation was normal aging process. 
End 
7/30/65 
7/30/65 
12/20/67 
7/30/65 
7/3 1 /65 
7/3 1 /65 
12/20/67 
2/23/65 
7/16/65 
1 1 /2/64 
4/27/64 
12/18/64 
5/3/65 
7/28/65 ' 
8/30/65 
5/3/65 
6/18/65 
7/3 1 /65 
7/31 /65 
8/30/65 
8/6/65 
8/15/65 
7/30/65 
12/30/65 
Start of 
regular 
reporting 
2/25/65 
2/26/65 
2/23/65 
2/24/65 
- 
3/29/65 
2/28/65' 
- 
2/16/65 
2/16/65 
3/3/65 
1 14/65 
2/2/65 
2/1/65 
3/1/65 
3/1/65 
2/17/65 
1 /29/65 
- 
Test environment 
Temperature 
Observed 
effects 
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Appendix D 
Environmental Test Waivers 
Subsystem 
DAS 
Trapped radiation 
detector 
Plasma probe 
Plasma probe 
Plasma probe 
UV photometer 
DFR filters 
Dual frequency 
receiver 
Radio 
Radio 
Radio 
Radio 
Radio 
Low-gain antennas 
High- and low- 
gain antennas 
High- and low- 
gain antennas 
low-gain antenna 
Highgain antenna 
low-gain antenna 
High-gain antenna 
Tape recorder 
Tape recorder 
Tape recorder 
Power (4A11) 
- 
Test 
type 
TA 
-
iA, FA 
TA 
TA 
TA, Flc 
- 
FA 
FA 
FA 
FA 
TA 
FA 
TA 
FA 
TA, Fd 
TA, Flc 
TA 
TA, Flc 
TA 
FA 
FA 
FA 
TA 
TA 
TA 
TA 
FA 
Life 
TA 
FA - 
Waiver 
No. 
001 
002 
003 
004 
005 
006 
007 
008 
009 
010 
01 1 
012 
013 
01 4 
015 
01 6 
01 7 
01 8 
01 9 
020 
021 
022 
023 
024 
025 
026 
027 
028 
029 
a30 
Dote 
3/31/67 
8/1/66 
9/20/66 
10/6/66 
10/7/66 
3/3 1 /67 
2/3/67 
3/23/67 
2/15/67 
2/22/67 
2/24/67 
3/20/67 
4/26/67 
8/22/66 
9/2/66 
9/13/66 
10/3/66 
10/3 1 /66 
4/4/67 
4/12/67 
3/3/67 
2/15/67 
4/ 1 0/67 
8/22/66 
1 /24/67 
2/3/67 
2/27/67 
12/6/66 
2/3/67 
1 1/28/66 
- 
JPL 
Diva 
32 
32 
32 
32 
32 
32 
32 
32 
33 
33 
33 
33 
33 
35 
35 
35 
35 
35 
35 
35 
33 
33 
33 
34 
34 
34 
34 
34 
34 
34 
Description of waiver 
Acceptance of TA thermal-vacuum testing by the Project Office. 
Change TA and FA testing temperatures. 
Correct paragraph reference in TA vibration specification. 
Waiver of TA thermal shock. 
Additional requirements for test setup. 
Waive requalification testing of UV filters. 
Waive FA testing of M67-1 DFR filters (were qualified on M67-2 spacecraft). 
Repeat modified FA test on flight DFRs. 
Repeat modified FA test on M67-1 radio. 
Waiver to reduce vibration test time on SN 8 radio. 
Waiver to rerun only X axis vibration after minor failure of radio during TA test. 
Repeat modified FA vibration on M67-1 TWT power supply. 
Acceptance of TA testing of radio by Project Office. 
Waive FA testing of Mariner Mars 1964 lowgain antenna for use on Mariner 
Venus 67 spacecraft. 
Modification of TA and FA testing of radio antennas. 
Modification of TA and FA testing of radio antennas. 
Waiver for deletion of TA vibration of low-gain antenna. 
Change TA and FA thermal-vacuum temperature levels. 
Waive retest of TA low-gain antenna after failure of cable clamp bonding during 
thermal-vacuum test. 
Repeat modified FA vibration test after repair of bond joint on antenna SN 7. 
Repeat modified FA test after module replacement on units SN 4 and SN 6. 
Modification of test configuration for FA retesting. 
Repeat modified TA test after design change. 
Waiver to use unit 4All SN 002 for TA test; this unit is not the same configura- 
tion as flight units. 
Waiver of TA low-frequency sine sweep of power subsystem. 
Waiver for controlling heat exchanger a t  167°F. 
Repeat of modified FA after rework. 
Modification of battery life-test time. 
Waive battery static acceleration test. 
Waive solar panel acoustic test. 
Power 
Power (case VIII) 
Power (4A18) 
Battery 
Battery 
Solar panel 
Division 34, Guidance and Control. 
Division 35, Engineering Mechanics. 
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Appendix D (contd) 
Subsystem 
Solar panel 
Power (4A18) 
A/C gyro 
A/C gyro 
A/C jet valve 
A/C jet valve 
A/C jet valve 
A/C jet valve 
Earth and termi- 
nator sensors 
Canopus sensor 
Primary and sec- 
ondary sun 
sensor 
Jet-vane actuator 
Jet-vane actuator 
Jet-vane actuator 
Temperature- 
control 
reference 
Temperature- 
control 
reference 
Oxidizer-start 
cartridge 
M67-1 subsystems 
Space simulator 
M67-1 spacecraft 
Structural test 
model 
Test 
type 
FA 
TA 
FA 
FA 
TA, PA 
TA, FA 
FA 
FA 
FA 
FA 
TA, FA 
FA 
TA, FA 
FA 
TA 
- 
FA 
FA 
FA 
FA 
TA 
Waiver 
No. 
03 1 
032 
033 
034 
035 
036 
037 
038 
039 
040 
041 
042 
043 
044 
045 
046 
047 
048 
049 
050 
05 1 
*Division 29, Project Engineering. 
Division 34, Guidance and Control. 
Division 38, Propulsion. 
Division 35, Ensineerina Mechanics. 
Date 
3/27/67 
4/5/67 
1 /27/67 
3/1/67 
9/27/66 
10/3/66 
1 1 /8/66 
1 1/23/66 
9/6/66 
3/8/67 
4/ 1 0/67 
8/10/66 
9/22/66 
3/8/67 
1 1 /29/66 
2/14/67 
5/11/67 
2/17/67 
4/4/67 
1/13/67 
8/8/66 
- 
JPL 
D i f  
34 
34 
34 
34 
34 
34 
34 
34 
34 
34 
34 
34 
34 
34 
35 
35 
38 
29 
29 
29 
35 
Description of waiver 
Waive FA vibration test on solar panels. 
Waiver to retest TA unit to modified FA levels. 
Waiver to depart  from FA test specification for qualification of replacement gyro. 
Clarification of waiver No. 33. 
Waiver to change TA and FA lower test temperatures. 
Waiver to delete thermal shock test and state new TA and FA test temperatures. 
Modification of configuration for temperature test. 
Waive FA retest of 12 valves that were delivered to SAF. 
Change FA lower temperatures to 0°F. 
Waiver to delete demagnetization of Canopus sensor. 
Waiver to lower TA and FA test temperatures. 
Waiver to rerun FA low temperature test. 
Change TA and FA temperatures to 0°F and 20°F. respectively. 
Waiver of FA +2OoF testing of JVA SN C-108. 
Waiver for modification of TCR test duration. 
Waiver for utilization of TA (SN 13) TCR for flight. 
Waiver to rerun modified FA vibration test. 
Waiver to rerun modified FA test on M67-1 subsystems: radio, tape recorder, 
power bay I, and DAS. 
Waive P requirements. 
Seven waivers to the M67-1 test specification. 
Waiver to revise TA noise test length. 
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Appendix E 
Space Simulator Radiometer Comparison Test 
Item 
During the temperature control model test in the 10-ft 
space simulator, the Eppley and absolute cavity (cone) 
radiometers used to monitor solar intensity differed by 
about 15% at Venus intensities. Although the cone radi- 
ometer had been believed to be the more accurate in- 
strument, it was observed that the ratio of the measured 
intensity to the lower thermal shield absolute tempera- 
ture to the fourth power was not constant over the 
intensity range of the test. To resolve this anomaly and 
to increase the assurance that the flight spacecraft would 
be tested at the correct solar intensities, a radiometer 
comparison test was conducted in the 10-ft space simu- 
lator during October 1966. 
Description 
The test results are plotted in Figs, E-1 and E-2. - 
These graphs compare the measured intensity of each 
device to that measured by cone 8 (TCM cone). Two 
discrepancies are apparent: A departure of the ratio - 
from 1.00 indicates a difference in absolute intensity; a 
nonhorizontal line indicates a difference in intensity 
ratio at various intensity levels. The results plotted in 
Fig. E-2 were deduced from simple temperature mea- 
surement devices. Except for the cone radiometers, 
Fig. E-1 presents results for commercially available 
instruments. 
Figure E-2 shows good agreement among all test 
items (excluding the cone), except at low intensities. The 
high data values at low intensities are unexplained, but 
they appear to be associated with low temperature. 
1 
2-7 
8-9 
10 
11-12 
13-15 
16-17 
18 
Eppley radiometer with 7-deg view limiter 
Hycal radiometers 
Cone radiometers 
TCM lower thermal shield 
Relative intensity monitors (RIM) 
Temperature-control references 
Black plates 
Cone radiometer facing down 
I 
I 
The lower thermal shield data were in considerably 
better agreement with cone 8 during this test than dur- 
ing the TCM test. There was scatter in shield tempera- 
tures for the TCM test at 125 W/ftz intensity. This - 
fact - combined with the agreement among plates, 
TCRs, and the shield in the comparison test - suggests 
that the comparison test data are the more reliable. 
I t  was concluded that the TCM test levels as mea- 
sured by the cone were substantially correct. The cone 
radiometer was, therefore, used to set intensity levels for 
the flight spacecraft tests. 
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V CONE I 
- Fig. E-1 . Radiometer relative-intensity comparison test W z 
8 
0.95 t 
I I- z I o THERMAL SHIELD 
0.85 a 
0.80 
0 
EAST RIM 
WEST RIM 
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TCR 22 (BLACK) 
TCR 19 (BLACK) 
3M PLATE 
CAT-A-LAC BLACK PLATE 
I 
50 100 150 200 250 300 350 
CONE 8 INTENSITY, W/ft2 
Fig. E-2. Temperature measurement item relative- 
intensity comparison test 
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Appendix F 
Container Environmental Testing 
A series of vibration and drop qualification tests was 
performed on the electronic assembly and battery ship- 
ping containers, because doubts were expressed about 
the acceptability of the Mariner C container system. 
After initial tests, hardware modifications were required 
to qualify the containers. 
1. Electronic Assembly Shipping Container Tests 
A. Mariner C Container Vibration Test 
Weighted dummy subchassis were mounted in an 
electronic assembly chassis and assembled into the ship- 
ping system per specification to provide the worst-case 
condition of a 54-lb electronic assembly. 
Triaxial accelerometers were located on the inner con- 
tainer handling fixture, chassis and subchassis. A control 
accelerometer was located on the vibration table head. 
The container assembly was mounted to the vibration 
table as shown in Fig. F-1 to simulate truck bed trans- 
portation mounting and vibration tested; and peak g test 
recordings were taken. 
The test proved the shipping system did not ade- 
quately support the electronic equipment to meet the 
requirements of the JPL specification. A program was 
generated to upgrade all old containers and design new 
fixtures and containers wherever necessary. 
* 
B. Mariner Venus 67 Container Vibration Test 
After the shipping containers were modified as de- 
scribed in the electronic packaging portion of the 
Mariner Venus 67 final Project report, the modified de- 
sign (Figs. F-2 and F-3) was tested by the same proce- 
dure described above. The test results are shown in the 
curves of Figs. F-4, F-5, and F-6. 
The electronic assembly modified shipping system 
passed the specification acceptance requirements. The 
only point where the system response exceeds the input 
was at the 9-Hz resonance; this resonant point was still 
well within the acceptable limit. 
Fig. F-l . Mariner Venus 67 electronic assembly shipping 
container vibration test, vertical axis 
Fig. F-2. Mariner Venus 67 electronic assembly shipping 
container vibration test, lateral axis 
224 
Fig. F-3. Test setup for electronic compartment 
shipping container evaluation 
h 
W 
-I 
Y 
W 
i 
2 
a 
a 
C. Drop Test (Impact) of Mariner Venus 67 Shipping 
Container 
To determine if the electronic assembly shipping sys- 
tem design would withstand and attenuate shock levels 
produced by drop test per JPL specification, drop tests 
were conducted with the complete electronic assembly 
shipping system and with the inner container only. 
I .  Test Procedure. A dummy, weighted, electronic 
assembly was assembled to a Mariner Venus 67 handling 
and assembly frame per specification. Weight of this 
total assembly was 77 lb. When assembled to inner con- 
tainer, foam liner, and outer container, the total weight 
was 144 lb. 
Triaxial accelerometers were used to record shock in- 
put at the outer container and the response of the dum- 
my load. One accelerometer was mounted to the middle 
01 I I I I I I l l 1  I I 1 
I 2 5 10 20 30 40 50 
FREQUENCY, Hz 
Fig. F-4. Response of encased electronic assembly, 54 lb  chassis, to X-axis, 0 to 48-Hz vibration 
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Fig. F-5. Response of encased electronic assembly, 54-lb chassis, to Y-axis, 0 to 48-Hz vibration 
of the electronic assembly and the other close to the 
aluminum extrusion on the outer container, near an edge. 
All drop distances were measured from the lowest 
point on the container to the concrete driveway. Visual 
inspection of the shipping container and its contents was 
performed after each series of impacts to determine 
damage and contamination, if any. 
(7) Flat bottom drop 
(8) Flat side drop 
(9) Flat bottom drop, pivoting along the axis of one 
bottom edge with the opposite edge 12 in. from 
the floor 
(10) Non-flat bottom drop - two-stage impact: bottom 
comer first, then flat bottom The following tests were performed, in sequence: 
(1) Flat bottom drop 
(2) 45-deg side-edge drop (length of edge) 
(3) Bottom corner drop 
(4) Flat side drop 
The electronic assembly shipping container exhibited 
dented comers on the outer container, but no cracks 
were visible. The dents could be removed by applying 
pressure from the inside. When the inner container was 
dropped, no physical damage was noted on containers, 
fixture, or chassis and no contamination was found in 
any portion of this container system after drop tests 
were completed. 
(5) 45-deg top-edge drop (length of edge) 
(6) Top corner drop 
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2. Conclusion. The Mariner Venus 67 electronic as- 
sembly shipping container design concept is acceptable 
from a drop, or impact, test standpoint. Response is within 
the tentative requirement of 30-g peak when assembled 
per specification. The range of attenuation was dropped 
simulating a handling error without the foam liner or 
outer container, and the level reached a 67-g peak. 
I I I l l  I I I l l  
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1. Battery Shipping Container Qualification Tests 
Because the batteries were handled and shipped more 
frequently than the electronic assemblies, a separate 
handling and shipping system was designed to simplify 
the handling at JPL. 
I 
I - -- - 2 
0 I I I I l l  I I 
I 2 5 10 20 30 40 
A. Battery Shipping System Vibration lest 
For the environmental test of the battery shipping 
system, the batteries were mounted as shown in Fig. F-7. 
I I l l  
50 II 
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Fig. F-7. Battery installed in shipping fixture 
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Accelerometers (triaxial) were placed in the middle of 
the battery bottom and on the fixture channel. A control 
accelerometer was mounted to the vibration table head. 
This assembly was then placed into the modified Ranger 
shipping container and strapped to the vibration table in 
the same manner as the electronic shipping container. It 
was noted that two batteries were the worst case for the 
shipping containers, which required the design and test 
effort to be concentrated on this configuration. 
Test recordings were taken in peak g to show spikes 
that would not be evident using rms instrumentation. 
The test indicated that the batteries would withstand the 
shipping environment. 
B. Battery Drop Test 
Because of the decision to use the Ranger shipping 
case and a new handling fixture for Mariner Venus 67, 
drop qualification tests were required to determine if 
the battery container design concept could withstand 
and attenuate shock levels produced by drop testing. 
Tests were performed per JPL specification. Three con- 
figurations were drop tested: 
Configuration 1. Battery handling fixture, modified 
Ranger shipping container with neo- 
prene comer pads 
Configuration 2. Battery handling fixture, modified 
Ranger shipping container without 
neoprene comer pads 
Configuration 3. Battery handling fixture, modified 
Ranger container without neoprene 
corner pads and Mariner Venus 67 
outer container 
1. Test Procedure. A dummy weighted battery was 
assembled to a Mariner Venus 67 handling and assem- 
bly frame, per specification. The battery shipping sys- 
tem was assembled to the handling frame, using an 
inoperative battery of the configuration used on Mariner 
Venus 67. Weight at this point was 75 lb. 
The three battery container configurations were 
tested by the same general procedure and techrhw a s  
used for electronic assembly shipping container. Triaxial 
accelerometers were used to record shock input at the 
outer container and the response of the dummy load. A 
bomb release mechanism was suspended from the fork 
lift by a chain. The shipping system was then suspended 
from the bomb release. After each drop test, visual in- 
spection of the shipping container and its contents was 
performed to determine damage and contamination, if 
any. 
, 
Configuration 1 of the battery shipping system ex- 
hibited dented corners and a severely marred surface 
finish. Welds on the modified Ranger container seemed 
to be intact after the first drop sequence with rubber 
corner pads. Some contamination consisting of silicone 
rubber cement, sand, and dust was found after this drop 
sequence. No damage to the exterior of the battery was 
noticed, and the handling frame was undamaged. 
The drop sequence performed on configuration 2 
proved fatal to both the battery and the container after 
5 drops. Several bad cracks were found in the battery 
chassis and part of the battery structure was bent. Con- 
tamination was considerable and consisted of sand, dust, 
screw heads, sheared bolts, rubber pads, silicone rubber 
cement residue and pieces of phenolic washers. Comer 
welds on the container were cracked. 
Tests per configuration 3 on the Mariner Venus 67 bat- 
tery shipping system exhibited no scratches or damage of 
any type and, in any event, none of the impact levels 
exceeded 20 g .  
- 
2. Conclusion. The modified Ranger battery con- 
tainer as tested was not considered adequate protection 
for the Mariner Mars 67 spacecraft battery. 
It was decided to remove the corner pads from all the 
modified Ranger shipping containers and place these 
in the new heavier-gaged outer container designed 
for the Mariner Venus 67 electronic shipping system. 
The Mariner Venus 67 battery assembly shipping con- 
tainer system design (configuration 3) was acceptable 
from a drop-test standpoint for use on the Mariner 
Venus 67 program. Response was within the tentative 
requirement of 30 g peak when assembled per specifica- 
tion and tested. The range of attenuation was, for the 
worst case, from 80 to 99%. 
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Appendix G 
Truck Acceptance Testing and Transportation Environment 
It has been JPL practice to monitor the dynamic envi- - ronment of spacecraft during ground transportation from 
Pasadena to Cape Kennedy. 
* The Surveyor SC-3 spacecraft was returned to 
California from Cape Kennedy. Inspection of the space- 
craft revealed a damaged component, possibly due to 
the transportation environment. Analysis of the data re- 
corded on the trip showed that the environment was 
much more severe than on previous runs. The vibration 
severity was traced to an abnormal suspension system. 
As a result of the above experience, it was decided to 
subject all vans used for transporting the M67-1 and 
M67-2 spacecraft and equipment to a qualification test. 
Figures in this appendix show the data that were used in 
determining the acceleration limits for truck acceptance 
testing. These data were measured on good and bad vans 
used to transport Surveyor equipment. Figures G-1 and 
G-2 show instantaneous accelerations and Figs. G-3 
and G-4 are the corresponding acceleration spectral 
densities (ASDs) for a nominal ride in a good van; 
whereas, Figs. G-5 and G-6 show the instantaneous 
acceleration and ASD from a rough-road ride in a 
good van. In no case does the instantaneous accelera- 
tion exceed &1 g, nor does the rms value exceed 0.25 g. 
Figures G-7 and G-8 show typical instantaneous accel- 
erations and ASDs for a smooth-road ride in a van with 
a faulty suspension system. Measurements from abnor- 
mal suspension vans revealed peak accelerations rang- 
ing to +4 g and rms values ranging to 0.6 g. 
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TIME, s 
Fig. C-1. Typical van vibration, 10-5 sample: 
good van, normal road 
During each evaluation run, an accelerometer was 
attached to the floor of the van over the rear wheels, 
with its sensitive axis in the vertical direction. The out- 
put was measured on an oscillosmpe and a voltmeter, 
as the van was driven over a prescribed course at 
various speeds. The test criterion was that the rms accel- 
eration be less than 0.25 g and that the instantaneous 
amplitude be less than 1 g. This criterion proved to be 
slightly conservative, and some subjectivity had to be in- 
cluded. With all trucks, some severe bumps produced 
instantaneous measurement exceeding 1 g. But with 
good vans, the response was low-frequency, highly 
damped excitation. Abnormal suspension systems re- 
sponded with higher frequency vibration and lower 
damping. 
As a result of these tests, several vans were rejected. 
These were reworked by the van company and subse- 
quently qualified. This fact demonstrates that the test 
was adequate and not unreasonable, in that it was with- 
in the ability of the truckers to quaIify all vans. 
The van floors and the spacecraft transporters used in 
transporting the Mariner Venus 67 spacecraft to the 
Cape were instrumented with 12 accelerometers that 
were located in strategic locations and were continuously 
recorded during the trip. In addition, a warning device 
was included that would sound a 4-s tone over the radio 
in the lead car whenever the dynamic vertical accelera- 
tion of the floor of the van exceeded a level of 1 g. 
0 4  *5 
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0 5 IO 15 20 25 30 35 40 45 5 
TIME, s 
Fig. G-2. Typical van vibration, 59-5 sample 
good van, normal road 
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Fig. G-3. Acceleration spectral density, 10-s sample: 
good van, normal road 
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Fig. 6-4.  Acceleration spectral density, 50-s sample: 
good van, normal road 
Fig. 6-5. Typical van vibration, 10-s sample: 
good van, rough road 
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Fig. G-6. Acceleration spectral densify, 10-s sample: 
good van, rough road 
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Fig. 6-7. Typical van vibration, 10-s sample: faulty van 
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Fig,. G-8. Acceleration spectral density, 
10-s sample: faulty van 
Due to a failure in the truck's power generating system 
outside of Monroe, Louisiana, the environment of the 
M67-1 spacecraft was monitored only to this point. The 
alarm sounded six times before this power failure. 
The environment of the M67-2 spacecraft was monitored 
throughout the entire trip, except during a 30-min pe- 
riod near Yuma, Arizona. The alarm sounded five times. 
However, subsequent analysis of the data showed all 
alarm soundings were caused by electrical transients, 
due apparently to the air-condition system turning on. 
The maximum vibration amplitude was approximately 
0.75 g. Figures G-9 and G-10 show ASD analyses of the 
data measured at the time of maximum excitation for 
the M67-1 and M67-2 environments, respectively, 
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Fig. G-9. Maximum excitation for M67-1 spacecraft 
during transportation 
3 4  6 IO' 2 4 6 IO* 2 4 6 K  
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Fig. G-10. Maximum excitation for M67-2 spclca 
craft during transportation 
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Appendix H 
Battery Test 
This appendix presents a summary of the dynamic 
data acquired during vibration tests of a Mariner TA 
battery subsystem (SN 26) on March 8, 1967. High- 
frequency sinusoidal sweeps and shaped random noise 
were the induced environments as given in the JPL 
specification. 
The test was proposed to attempt to correlate cell cir- 
cuit failures with vibration test levels. Post-test results 
displayed a test anomaly interpreted as cell-14 circuit 
failure after the third axis of shake (spacecraft 2 axis). 
The test configuration was designed such that local- 
ized vibration levels could be associated directly with 
cell failures in that area. Ten response accelerometers 
were mounted on the face plate supporting the cells on 
one side of the battery. The 18 battery cells were divided 
electrically into 6 groups of 3 cells and were monitored 
and recorded during the testing. At least one accelerom- 
eter was located near each group of cells with its sensi- 
tive acceleration axis perpendicular to the face plate. In 
addition, the lateral vibration of the two center groups 
of cells, including cell 14, was monitored with triaxial 
accelerometers. 
An initial look at the accelerometer data suggested 
little correlation between the cell wire failure and accel- 
eration levels. Transient excitation was suspected as the 
cause of the cell failure. Some transient signals were 
recorded on the accelerometer channels during the 
2 axis run; however, no time correlation existed between 
the cell circuit transients and the accelerometer channel 
transients. A more detailed study of the accelerom- 
eter transient signals has shown that vibration transients 
could not have caused this type of signal. It is concluded 
that these accelerometer transients were associated with 
spurious signals in the electronics. 
Data results presented are from the center triaxial 
accelerometer located on the battery plate near the 
failed cell 14. The random-noise data from each orthog- 
onal shake axis are discussed separately. Analysis param- 
eters for the power spectra include a resolution of 20 Hz 
and a time sample of 2.5 s which leads to a 100-degree- 
of-freedom acceleration spectral density (ASD) analysis. 
The first shake axis (X) was perpendicular to the plane . 
of the face plate. Figure H-1 displays the ASDs of the 
control and X axis (near cell 14) accelerometers. A sig- 
nificant wideband gain exists through most of the spec- 
trum with a maximum gain of 8 dB at about 1200 Hz. 
This is clearly displayed in Fig. H-2, with high-gain 
. 
IO' 2 4 6 IO2 2 4 6 IO3 2 
FREQUENCY, Hz 
Fig. H-1. Comparison of battery cell 14X response 
with X-axis input excitation 
IO' 2 4 6 IO2 2 4 6 IO3 2 
FREQUENCY, Hz 
Fig. H-2. Ratio of 14X battery cell response 
to input excitation 
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ranges in the spectrum near 500 to 700 Hz and 1000 to 
1500 Hz. These suggest modally rich ranges associated 
with base plate modes. The data verified an intuitive 
assumption that the overall wideband vibration response 
of the battery primary structure is a maximum in this 
shake direction. No failures were detected during the 
test in this axis. 
Vibration in the Y axis, parallel to the axes of the bat- 
tery cell groups, followed. This was the first of the lat- 
eral axes of the battery and was expected to be the most 
likely failure axis. The data displayed an unusual result. 
. 
IO' 2 4 6 10' 2 4 6 
Figure H-3 contains the ASD datafor the Y-axis accel- 
erometer, located near cell 14, and the input control 
accelerometer. A glance reveals the gross gain range 
centered at approximately 1300 Hz. A detailed inspec- 
tion discloses a marked similarity in the fine resolution 
peaks and notches in the spectrum. The spectra of 
Fig. H-3 have been ratioed to obtain Fig. H-4. The 
clearly defined single peak suggests a very simple system 
in this configuration. If it is caused by a single response 
mode of the structure, the damping is unusually high 
(approximately 20% of critical). Absence of secondary 
peaks and notches suggests an unusual response pattern 
for such a seemingly complex system. Rigid-body motion 
must exist near the cell-14 accelerometer throughout the 
IO 
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Fig. H-3. Comparison of battery cell 14Y response 
with Y-axis input excitation 
~ 103 2 
FREQUENCY, Hz 
Fig. H-4. Ratio of 14Y battery cell response 
to input excitation 
spectrum, with the exception of the highly damped re- 
sponse at 1300 Hz. 
Correlation of similar sinusoidal data results is shown 
in Fig. H-5. The wideband peak plot sinusoidal data dis- 
play nearly identical response characteristics and similar 
amplitude gains. (The plot format is different, however.) 
The remaining lateral shake axis, or Z axis, was excited 
last. The axis is parallel to an individual cell plate. Fig- 
ure H-6 contains the resulting ASD data from the cell-14 
accelerometer in the Z axis and from the control accel- 
erometer. The response data in this axis is quite different 
from the other lateral axis data (Y axis), particularly in 
the cross-ooer near 600 Hz. 
The ratio of the ASDs in Fig. H-6 is given in Fig. H-7 
to more clearly define the gains observed. Maximum r e  
sponse in this axis was less than in either of the previous 
axes. The ratio also suggests a modally rich response 
with a major primary structure mode near 450 Hz. The 
significant negative ratio between approximately 800 to 
1200 Hz is unique to this shake axis. This ratio is dis- 
played, also, in Fig. H-8 as the difference in wideband 
peak plot levels recorded during the high-frequency 
sinusoidal test. A possible failure environment associated 
with this negative ratio will be discussed later. 
A summary of the response ratio data discussed is 
given in Fig. H-9. Figures H-2, H-4, and H-7 have been 
included in this composite plot as curves X, Y, and Z, 
respectively. The X, Y, and Z notation refers to each 
shake axis of the battery. It is clear that there is little 
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Fig. H-5. Comparison of battery cell 14Y response with Y-axis sinusoidal vibration input 
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Fig. H-6. Comparison of battery cell 142 response 
with Z-axis random vibration input 
Fig. H-7. Ratio of cell 142 response to Z-axis 
mndom vibration input 
I I I I I I I I I I 
Fig. H-8. Comparison of battery cell 142 response with Z-axis sinusoidal vibration input 
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Fig. H-9. Composite plot of X, Y, and Z-axes 
spectral ratios 
similarity in the response ratios for different excitation 
axes. There is little primary structural response below 
100 Hz and significant response from approximately 300 
to 1600 Hz. The unusual characteristic of the Y-axis ratio 
is clearly compared to the other modally rich ratios. 
A possible cause of the cell failure is suggested by 
Fig. H-9. Curve 2 displays a significant negative ratio 
in the 800 to 1200-Hz range that is unlike either of the 
other curves. It is recalled that each response accelerom- 
eter was located on the primary structure (face plate) 
near cell 14, and the gain curves display the frequency 
spectrum of this response with a normalized input. For 
this frequency range and shake configuration, the nega- 
tive ratio suggests high mechanical impedance of the 
primary structure with possible low mechanical imped- 
ance of the internal battery structure. That is, the vibra- 
tion energy was not dissipated by the primary structure 
as with the other axes, but may have been dissipated 
internally by the battery plates and cells. The possible 
high internal vibration of these components could have 
caused the failure. There may be a more direct path of 
internal excitation and very low internal damping in this 
shake configuration. However, it must be recalled that 
low-frequency and other high-frequency vibration tests 
preceded this testing. Therefore, the failure may have 
been caused by fatigue from cycling and becomes a 
more complex problem. 
The data presented here make up only a small per- 
centage of the total data acquired during this testing. 
An attempt was made to summarize the results by use 
of a method that suggests a possible failure mode. The 
data and result may be of value for future design and 
test predictions if it is used realistically, considering 
measurement and analysis limitations. 
JPL TECHNICAL REPORT 32-1249 235 
Appendix I 
Effect of Configuration on Vibration Test of Electronic Modules 
Vibration testing of spacecraft components in a noise 
environment has been accomplished in a case assembly 
configuration during the Mariner IV and V programs, 
On occasion, single-module testing was requested by 
cognizant personnel because cases were not available. 
Little valid information existed at the time to generate 
such a subassembly test. 
It was the purpose of this investigation to define a 
specification to be used in a test of a single module not 
mounted in a case. A case is defined as a basic Mariner 
electronic chassis, as illustrated in Fig. 1-1. A module is 
defined as a standard electronic subchassis, as illustrated 
in Figs. 1-1 and -2. The modules were instrumented with 
accelerometers near each corner and on the face, as 
shown in the same two figures. Module response is de- 
fined as the acceleration recorded at the response accel- 
erometer location shown in Fig. 1-2. 
A module specification is derived from the case-test 
data, using the corner accelerometers of each module as 
module input data. These corner accelerations are com- 
bined to give an average test-input spectrum for the 
module test. 
Fig. 1-1. Mariner case IV, data encoder and command 
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With a Mariner Venus 67 assembly-test specification, , ' 
a typical single-module-input spectrum is defined. 
I. Configuration and Test 
A case IV electronics chassis assembly was used as the 
basic hardware system. Three electronic modules were 
instrumented. Figure 1-2 displays a typical, instrumented 
module with three response accelerometers located in 
the upper, center, and lower areas of the module. Other 
accelerometers were attached to the case chassis. Fig- 
ures 1-1, 1-3, and 1-4 display these monitoring locations. 
Figure 1-2 also shows the relationship between the moni- 
toring locations on the case near the comers of a typical 
module. These corner accelerometers are the primary 
sources of data for the following analysis. 
The tests were run with a full case configuration. The 
case was excited in two directions in the same plane- 
through the web axis (Z) and perpendicular to that 
axis ( X ) .  All noise tests used manual equalization with 
peak-notch filters. 
II .  limitations of the Data 
The data used in this analysis were derived from 5-s 
time samples analyzed with 10-Hz resolution. The re- 
sulting BT product is 50, and the statistical error (nor- 
malized standard error, E )  is estimated to be 
1 
E = = - -  m - OS4 
This may be interpreted to mean that the true spec- 
value lies within ~ 1 4 %  of the computed spectrum with 
67% confidence. 
Additional errors occur at low frequency if the spec- 
trum is not flat because of insufficient resolution (i.e., 
narrow peaks and valleys are not adequately defined 
with 10-Hz resolution). 
To cover all errors, the final estimates in this analysis 
are bracketed by a 4-dB-wide band (i.e., estimate -+2 dB). 
This is considered to be the best engineering estimate 
now available. 
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Fig. 1-2. Typical case module 
111. Test Analysis and Results 
1. Module-input specification ratios. An input speci- 
fication for individual modules can be developed from 
spectra ratios of the given data. The corner locations of 
each module are considered equivalent to a module in- 
put with a rigid module fixture. The ratios of the case- 
input spectra to each of these locations were averaged 
and are shown in Figs. 1-5 and 1-6. 
Figure 1-5 displays the mean spectra ratio for modules 
excited in a direction perpendicular to the module board 
plane. Below 500 Hz, the ratio is almost unity (0 dB), 
implying rigid-body motion in this range. From 500 to 
1500 Hz, the data rolls off at approximately 3 dB/octave. 
Between 1500 and 2000 Hz, a significant gain occurs in 
the spectrum, probably caused by a localized case-fixture 
resonance not sensed by the case control accelerometer. 
A simplification of the ratio for practical application is 
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shown by the line segment envelope of Fig. 1-5. Smooth- 
ing has been attempted in the envelope to facilitate 
actual test spectrum shaping to be discussed later. 
Fig. 1-4. Accelerometer on lower 
case surface 
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Fig. 1-3. Typical case assembly test 
configuration 
2 4 6 
Figure 1-6 is a display of similar data with excitation 
parallel to a module board. Below 250 Hz, the gain is 
unity. Between 250 and 600 Hz, gain is near unity with 
the exception of a peak-notch resonance near 400 Hz * 
that is probably caused by a module mode of vibration. 
From 600 to lo00 Hz, the ratio displays a significant 
peak-notch resonance probably attributed to a center 
IO* 2 4 6  IO' 2 4 s  I (  
FREQUENCY, Hz 
Fig. 1-5. Mean spectra ratio of excitation perpendicular to module board, Z axis 
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Fig. 1-6. Mean spectra ratio of excitation parallel to module board, X axis 
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Fig. 1-7. Derivation of single-module input specification for Z axis, from Mariner Venus 67 FA assembly spectrum 
web mode of the case. The resonance is very consistent 
in the data samples. Above 1000 Hz, the ratio oscillates 
at different frequencies probably associated with modes 
of the fixture. The line segment envelope of Fig. 1-6 
smooths the data and is used for test input spectrum 
shaping. The envelope is more liberal than used in 
Fig. 1-5 because of the known spread in the data for 
this excitation axis. 
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The spectra ratio envelopes are used to define a mod- 
ule test when given an input test spectrum for a case. 
Examples of this usage are given in the following 
paragraph. 
2. Examples of single-module-input spectra. n e  fol- 
lowing examples illustrate spectrum shaping of a single 
module input based on the derived spectra ratios and 
the Mariner Venus 67 FA assembly vibration spectrum 
(case-input spectrum). 
Figure 1-7 contains the module-input spectrum (I-7a) 
based on the derived spectra ratio envelope (I-%) re- 
drawn from Fig. 1-6. The module-input spectrum is the 
product of the Mariner Venus 67 spectrum and the spec- 
tra ratio envelope at each frequency. Below 500 Hz, the 
input spectrum remains unchanged. Above 2000 Hz and 
below 30 Hz, the spectrum rolls off at 24 dB/octave. 
Figure 1-8 displays a similar derivation of a single- 
module-input excitation in the X axis, or parallel to 
a module board. The final input spectrum rolls off at 
24 dB/octave above 2000 Hz and below 30 Hz. 
6 
The final single-module-input spectra are given in 
Fig. 1-9. The desired or mean spectrum is given by the 
solid curves. The deviation allowed is given by the two 
dashed curves about each mean spectrum. Errors dis- 
cussed earlier are accounted for by these tolerance 
bands. Above 2000 Hz, and below 30 Hz, the mean spec- 
trum rolls off at least 24 dB/octave. 
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Fig. 1-8. Derivation of single-module input specification for X axis, from Mariner Venus 67 FA assembly spectrum 
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Fig. 1-9. Single-module input noise spectra 
IV. Conclusions discontinuous at certain frequencies, but the tolerances 
would allow smoothing in these areas. Implementation 
of the test is within the capability of the Auto 80 equal- 
izer described in Appendix J. 
Single-module noise vibration testing can use the 
given curves of Fig. 1-9. The final spectra seem to be 
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Appendix J 
Differences in Power Spectral Density Analyses Between 
IBM 7094 Digital Analysis and Auto 80 Analog Analysis 
I. Analytical Comparison 
Analysis of the control accelerometer data from t h i s  
test showed noticeable differences in smoothness of the 
power spectral density curves for the two methods of 
data reduction. Onsite data reduction and test control 
was obtained using the MB T 588 automatic spectrum 
equalizer and analyzer (Auto 80) with a scanning device 
which sampled the response of the six' control accelerom- 
eters in real time. Upon completion of the test, all accel- 
erometer data, including the control accelerometer data, 
were analyzed digitally using the IBM 7094 computer. 
The fact that the two methods present a different 
analysis of the same phenomenon does not necessarily 
invalidate either method, but is cause to examine the 
capabilities, limitations, and relative merits of each 
method; and based upon desired confidence, available 
time, and resources, decide which method is best ap- 
plied under the circumstances. 
Figure J-1 is the onsite Auto 80 analysis of the scanned 
control accelerometer signal for the XY bay II (run 3) 
random noise test. Figure J-2 is the digital analysis of 
the six control accelerometers averaged in the frequency 
domain for the same test. It can be seen that around 
800 to 900 Hz, the Auto 80 analysis shows a spread of 
approximately 1 dB. However, the IBM 7094 digital 
analysis shows a spread of approximately 10.5 dB. It 
should be noted, at this point, that test compliance is 
demonstrated with the Auto 80 analysis - not with the 
IBM 7094 digital analysis. 
Smaller differences exist for the XY bay VI11 axis ran- 
dom noise (run 5 )  controls - approximately a 2 dB spread 
for the Auto 80 analysis and 8 dB for the IBM 7094 
analysis in the 800 to 900 Hz range. The differences in 
the apparent smoothness are not confined to the 800 to 
900-Hz frequency range, where the maximum differences 
occur, but are evident throughout the frequency range 
of the analysis (20 to 2000 Hz). Since the analysis time 
(sample length) and resolution (bandwidth) for the 
power spectrum measurement was finite in both analysis 
methods, the resultant spectra are approximations to the 
actual spectra. The quality of the resultant spectra is 
primarily dependent on two analysis parameters: reso- 
lution (bandwidth) and analysis time (sample length). 
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Fig. J-1. Auto 80 real-time analysis of vibration 
control, bay I I  XY axis, run 3 
IO' 2 4 6 IO2 2 4 6 IO3 2 3 
FREQUENCY, Hz 
Fig. 5-2. Average of six controls, 20-Hz resolution 
and 2.5s sample length 
The detector in the Auto 80 analyzer is a compromise 
between a peak and averaging detector. In addition, it 
is known that there are two time constants associated 
with the detector; a time constant T,, which governs the 
rate of rise of the detector's response, and a time con- 
stant T6, which governs the decay rate of the detector. 
These time constants for a random noise signal applied 
to the detector are known (I'd z 23 s and T ,  8 s). I t  
is not possible at this time to generate an exact equiva- 
lent analysis time or the number of statistical degrees of 
freedom associated with this analyzer. An equivalent 
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Ta time constant for this system, analyzing a random 
noise signal, is probably between 10 and 15 s. The 2.5-s 
sample length for the digital analysis represents the true 
averaging time for this method. The effective time 
constant of the Auto 80 detector, as represented by 
T d  (10 < T d  < 15 s), cannot be directly compared with 
the 2.5s sample length of the digital analysis. For the 
same number of statistical degrees of freedom or for 
the same statistical reliability, the duration of the true 
average (sample length of the digital analysis) should be 
twice the time constant of the continuously averaging 
detector. Therefore, for a comparable Auto 80 and 
IBM 7094 analysis, the digital sample length should be 
between 20 and 30 s (for comparable bandwidths). Fig- 
ure 5-3 of this appendix is a digital analysis of the aver- 
age of the six control accelerometers from run 3 (XY 
bay I1 axis), using the following analysis parameters: 
Analysis time a O S  
' 
Resolution 25 Hz 
IO' 2 4 6 IO2 2 4 6 IO3 2 4 
FREQUENCY, Hz 
Fig. 5-3. Average of six controls, 25-Hz resolution 
and 20-s sample length 
Notice that this presentation is much smoother than 
Fig. J-2 curves (25s  sample and 20-Hz resolution) and 
approximates the smoothness of the Auto 80 analysis 
(Fig. J-1). 
The effect of changing the bandwidth of the analysis 
can be seen by comparing the digital analyses of 
Figs. J-4 and J-5. Both analyses were derived from a 
20-s sample length, but Fig. J-4 presents an analysis 
using a 25-Hz resolution, and Fig. J-5 represents a 20-Hz 
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Fig. 5-4. Sample analysis using a 25-Hz resolution 
gnd 29.5 sample length 
analysis. It can be seen that the 25-Hz analysis is only 
slightly smoother than the 20-Hz analysis. 
II. Conclusions 
The analyses provided by the Auto 80 analyzer used 
for this test presents a power spectral density curve that 
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more closely approximates the actua PSD than does the 
digital analysis with a 2 5 s  sample length. Demonstra- 
tion of specification compliance using the Auto 80 is 
adequate. To achieve closer agreement between the 
Auto 80 analysis and the IBM 7094 digital analysis, it 
A/C attitude control 
APAC antenna pointing-angle change 
ACRAD absolute cone radiometer 
ASD acceleration spectral density 
ATM antenna test model 
BCE bench checkout equipment 
would be necessary to use a sample length between 20 
and 30 s. This would entail considerably more computer 
time than currently used, and therefore, greater expense. 
Considering the present application of the digitally re- 
duced data, the 2.5-s sample length is adequate. 
. 
Nomenclature 
PAS pyrotechnic arming switch 
PCU pyrotechnic control unit 
PFR Problem/Failure Report 
PIPS post-injection propulsion system 
PSD power spectral density 
PSO planet sensor output 
PTM proof test model 
CC&S central computer & sequencer 
RIM relative intensity monitor 
DAS data automation system 
DFR dual-frequency receiver 
DTM developmental test model 
ECR Environmental Change Request 
EMC electromagnetic compatibility 
EM1 electromagnetic interference 
f frequency 
FA flight acceptance 
IR infrared 
MC-1 Mariner C block PTM 
MC-2 spacecraft became Mariner I I I  
MC-3 spacecraft became Mariner N 
MC-4 Mariner IV spare 
M67-1 
M67-2 spacecraft became Mariner V 
Mariner Venus 67 flight-support spacecraft 
OSE operational support equipment 
SAF spacecraft assembly facility 
SIT separation-initiated timer 
SN serial number 
SPSL sound-pressure-spectrum level 
STM structural test model 
TA 
TCFM 
TCM 
TCR 
TOP 
TR#D 
TRSF 
TVCA 
type approval 
temperature-control flux monitor 
thermal control model 
thermal control reference 
Test and Operations Plan 
trapped radiation detector 
Test Results Summary Form 
thrust-vector-control assembly 
UHF ultra-high frequency 
W ultraviolet 
VHF very high frequency 
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